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AUTHOR'S PREFACE

Between the years of 1945 and 1950, the author consolidated his aerodynamic
experience (since 1930) as a researcher, wind-tunnel experimenter, designer and as a pilot
(in organizations such as Junkers and Messerschmitt) by writing “Aerodynamic Drag”.
After augmenting his knowledge through the numerous publications pouring out after
that time, he then wrote and published “Fluid-Dynamic Drag” (1958), second edition
1965. On the basis of this book he was asked by the U.S. Navy’s Office of Naval
Research, whether he could and would write a text on “lift”’. Thus encouraged and aided
by Contract Nonr-3196(00), the author set out writing “Fluid-Dynamic Lift”.

The number of available publications and technical reports dealing with aerodynamic
lift, may now be between 10 and 20,000. It soon became obvious that not all of these
could be evaluated. To reduce the amount of effort and complexity, the author restricted
the subject to subsonic speeds. Even then, it was found impossible to study all of the
remaining, say 10,000 sources of information. However, not all of the published
information is worth reading. Possibly 50% of it is obsolete, unnecessary, repetitious, and
some of it is misleading. If the author did not use all of the useful results available, there
is a point of view given as advice by the late Hugo Junkers to his engineers. He told them,
when studying and developing something new, not to look up what others had done and
found in the same field. New ideas, aspects and conclusions may thus be reached, without
interference by premature and/or erroneous judgements by others. The best way of using
existing information seems to be to take indisputable facts, and to explain and accept
them in spite of conclusions and theoretical indications to the contrary. To be sure, it is
the author’s intent to find the “truth” about the many aspects of fluid-dynamic lift.
However, as a French research professor (Ourisson, Ecole Normale Superieure in Paris)
has said, “the search for truth is influenced by one’s idea of what the truth must be”. In
this respect, the author never accepts what theory says it “‘must” be. Emphasis is placed
upon the deviations from theoretical predictions, although any theoretical analysis is
gratefully used as soon as it consistently agrees with experimental results. In particular,
theory can thus be used to extrapolate available statistical data.

After completion of this text. the author wishes to thank and/or to acknowledge the
help of those, without whom the book could not have been written; among them Cdr.
H.B. Keller and Mr. Ralph C. Cooper of the Office of Naval Research, Mr. G.L. Desmond
at the Bureau of Weapons, the Office of Scientific Research of the U.S. Air Force, the
NACA or NASA (where most of the technical reports came from) and the librarians of
the American Institute of Aeronautics and Astronautices.

S. Hardy F. Hoerner

New York City
January 1967

THE AUTHOR studied mechanical engineering at the Institute of Technology in Miin-
chen (Dipl.Ing.), he earned a degree as Dr.-Ing. in aerodynamics at the Institute of
Technology in Braunschweig, and he obtained a degree as Dr.-Ing.habil. from the TH
Berlin. He served at one time 1s research assistant at the Deutsche Versuchsanstalt fiir
Luftfahrt (DVL, near Berlin), as aerodynamicist in the Fieseler Corporation (working
on the first STOL airplane, the "Stork™) and later for a time as head of design aerody-
namics in the Junkers A.G. He was then research aerodynamicist at the Messerschmitt
A.G. After World War II, the author was invited to come to the United States, where
he worked in aerodynamics at Wright Field, Ohio. For some years he has been acting as
specialist for aerodynamics and hydrodynamics in the field of naval architecture at Gibbs
& Cox, Inc,, New York City.



CO-AUTHOR'S PREFACE

The task of completing this book was undertaken to fulfil an important technical need, as
did the book, “Fluid-Dynamic Drag”. Upon reviewing the available material and notes of
the late Dr. Hoerner on the subject of lift, we felt that his valuable and extensive work
should be made available to the engineering community.

In working with Dr. Hoerner’s data, we have considered and incorporated recent
technological advances and developments. In compiling and completing his work we have
attempted to maintain his standards and technical excellence. His notes, completed
chapters and extensive library provided the basic material needed to do this, and also have
helped to preserve his ideas and expertise. Althcugh considerable work had been done on
the subject by Dr. Hoerner extensive studies and analysis were necessary to meld the vast
store of material into a complete and useful book.

This book has been written for both the practicing engineer and the student. It is
designed so that the physical aspects of the problem can be understood as well as to
provide solutions. The book is not just a collection of data but brings together and
integrates the material to form as complete a pictureas possible. The many sources of
data used are given to provide material for any desired expanded studies.

Many people have cooperated in providing new sources of data for this book, including
the many scientists of NASA. Without their extensive help this book could not have been
completed in its present form. We also want to thank Mrs. Hoerner for giving us the
opportunity to complete the work of her late husband on the subject and for making
available his extensive library, notes and data. Special thanks are also given to Mr. Ralph
C. Cooper of the Office of Naval Research for his support in the final consummation of
this work.

Although the basic and underlying work of the late Dr. Hoerner on fluid dynamic lift was
done over a period of many years, the remaining chapters were written and the final
review was completed during the last two years. [t is hoped that this book fills an existing
technical gap and will be useful over many years as an engineering resource.

Wayne, Pennsylvania
June, 1975 Henry V. Borst

This 1985 second edition differs from the proceding one as follows: a number of mis-
prints and some errors have been eliminated. New material has been added on cascade
flow in Chapter II and in Chapter III new data on winglets and endplates. The improve-
ments possible in section maximum lift with small changes in the upper surface contour
are given in Chapter IV. Also in Chapter XII the theoretical characteristics of ducted
fans has been expanded along with the effect of rotation on blade section characteristics.

Wayne, Pennsylvania
April 1985 Henry V. Borst

THE CO-AUTHOR graduated in aeronautical engineering from Rensselaer Polytechnic
Institute in Troy, New York. He worked for the Curtiss Wright Corporation on research
projects for many years and became Chief of Aerodynamics. During this time advanced
work on propulsion systems was done and two new VTOL aircraft were developed, the
X-100 and the X-19 for which he holds the basic patent. Later he joined the Vertol
Division of the Boeing Company becoming Director of Preliminary Design. During his
career he has written many technical papers of aecrodynamics. He now heads the Henry V.
B(()irst and Associates of Wayne, Pennsylvania, aeronautical consultants to government and
industry.
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CHAPTER | — GENERAL INFORMATION ON
FLUID DYNAMICS AND AIRPLANES

As in  “Fluid-Dynamic Drag”, this first chapter is
intended to be some introduction as to the physical
principles involved in the flow of fluids, and about
airplanes in particular. The chapter also presents necessary
and/or useful information on conventional definitions and
physical properties. In doing so, duplication of the
“general” chapter in “Fluid-Dynamic Drag” (1) has been
minimized.

1. HISTORY OF AIRPLANE AERODYNAMICS

During the last decade or so, interest and effort in the
United States have largely been shifted from aeronautics
to astronautics (from atmospheric to space flight). Except
for the deeds of the Wright Brothers (17 December 1903),
and their own experiences as airline passengers, not all of
our aerospace engineers may know much about the art of
aerodynamic airplane design.

Heavier Than Air. We will not bother you with Leonardo
da Vinci (1452 to 1519) or the balloonists (since 1782),
not to mention kites (which may be 1000’s of years old)
or birds (22) at that. The most prominent among the
“modern” aerodynamic experimenters was Otto Lilienthal
(2,b). Between 1891 and 1896, he made some 2000
gliding flights, down the side of a hill. Samuel P. Langley
(then Director of the Smithsonian Institution) flew a
steam-powered model airplane in 1896; and one with a
gasoline engine in 1903. During all this time, stabilizing
tail surfaces were used; and it is the Frenchman Penauz,
who is reported to have invented the elevator, and to have
combined it with the control of a rudder in a “stick”
(1872 or 1876). The Wright Brothers invented the ailero L
by warping the ends of their wings.

(' Hoerner, “Fluid-Dynamic Drag™. 1958 and 1965 Editiors.

published by the wuthor

Aerodynamic Theory in modern form, may have begun
with Newton (Professor of Mathematics, 1642 to 1727).
However, the largest steps forward have been the concept
of the limited boundary layer (1904) promoted by
Ludwig Prandtl (1875 tc 1953) and his induced-drag
formulation (before 1918). An equally famous
aerodynamic scientist was Theodore von Karman (1881 to
1962) particularly known for his work on turbulent skin
friction and in gasdynamics (3,e). Others instrumental in
the development of modern knowledge in the field of
fluid dynamics, listed in (1) have been:

Will Froude (1810 to 1879) dynamic Froude similarity
Osborne Reynolds (1842 to 1912) similarity of viscous flow
N. E. Joukovsky (1847 to 1921) airfoil-section thcory
F.W. Lanchester (1868 to 1945) flight mechanics

Still others are acknowledged in (2,d).

Wind Tunnels. Expé}imen‘ts, by means of arms rotating
models through the air (Lilienthal) or by moving them
through water (towing tanks) were undertaken before
1900. Then came a period, particularly characterized by
Gustave Eiffel (1832 to 1923) where wind tunnels (6)
were built and used to find empirical forces such as the
lift of wings. Then, persons such as Prandtl and his many
associates tried to analyze the potential flow around
wings. Subsequently, hundreds of wind tunnels such as in
(4,d) proved that the theories were not quite right. As a
consequence, 1000’s of tunnel investigations were
undertaken. In fact, full-scale tunnels were built, at least
in France and in the United States (6,c), where real
airplanes could be tested, to finally arrive at the truth of
aerodynamic forces and moments. However, all tunnels
are limited in size, speed, pressure, temperature, quality of
the stream, or at least half of these parameters. Theory
and/or empirical calibration, is therefore required to
“correct” the findings obtained in wind tunnels:
(2) History of acrodynamic airplane development:

a) History of Flight, American Heritage (Simon & Schuster)

1962.

b) Lilienthal, “Vigelflug als Grundlage der Fliczekunst™, Ber-

lin 1889.

¢) Octave Chanute, “Progress in Flying Machines™. 1894

d) Hunsaker and Doolittle, To 1958 NACA Last Annuul Rpt

(1958).
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a) Turbulence (6,g). The flow of air in a wind tunnel is
more or less turbulent. The acoustic noise from the fan
driving the stream of air, is already suffizient to
precipitate turbulence in an otherwise laminar boundary
layer, in particular around the nose of an airfoil section.

b) Stimulation of boundary layer turbulence (by stream
turbulence or by surface roughness on the model) is very
often desirable to produce at least qualitatively, flow
pattern and forces as at highter Reynolds numbers.

c) Induced Angle. Elaborate methods have been ceveloped
and “verified” to account for the influence of tne tunnel
walls (or the absence of them) upon the induced angle of
attack of wings.

d) Blockage. When placing an obstacle within a duct (such
as the test section of a wind tunnel) a pressure drop
necessarily develops, from a higher level (ahead of the
model) to a lower level (behind the model). Not only
drag, but also lift is thus affected.

While all these considerations are of little or no
consequence, within the range of smaller lift coefficients
and larger tunnels, they can be problematic at higher
coefficients (including C,_, ) and particularly in regard to
the longitudinal (pitching) moment.

(3) Theoretical advancement of aerodynamics: .
a) Prandtl, Necrology, see Journal Aeron Sciences 1953 p
779.

b) Lanchester, ‘‘Aerodynamics”, London 1907; and “Aero-
netics”, 1908.

¢) Prandtl, “Essentials of Fluid Dynamics”, Trans New York
1952.

d) The aerodynamic center of airfoils and/or wings was
established by v.Mises (1917 and 1920) and quoted or re-
peated by Munk (1922), Glauert (3,f), Durand (3,i), and
Theodorsen (NACA Rpt 383 and 411).

¢) Dryden, Karman’s Contributions, Astronautics Aerospace
Engg July 1963.

f) Glauert, “Aerofoil and Airscrew Theory”, Cambridge
1926.

g) Schlichting, “Boundary Layer Theory” (1951, 1965),
McGraw Hill 195S5.

i) Durand, 6 volumes of ‘‘Aerodynamic Theory”,
1934/36/43.

(4) Experimental fluid dynamics (wind tunnels):
a) Otto Lilienthal, Rotating Arm, see reference (2.b).
b) Flachsbart, History of Experimental Fl.uid-Dynamics
(from the Greeks to past 1900), Volume 1V-2 of Wien-Harms
“‘Handbook Experimentalphysik™ (1932).
c¢) Eiffel, Recherches de P'Air et I’Aviation, Paris 1910 and
1914,
d) Ergebnisse AVA Gottingen, Volumes 1 (1920) I (1923)
I (1927) 1V (1934).
e) Lewis: “The model test may be considered s an anlogue
type of computer”, stated in Transactions SNAME 1954 p
43].
f) Schulz, Design and Use of Tunnels, Luftfahritechnik 1958
p 105,
¢) Hoerner, Design and Operation of a WaterTunnel, Fiescler
Rpts 1939,
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High Reynolds Numbers. Researchers such as Eiffel and
Prandtl st%rted out with R’numbers (on wing chord)
around 10°. We now have test results up to 107, In the
quest for higher Reynolds numbers, the speeds of wind
tunnels have been increased over the years (this leads to
compressibility effects), the size has been increased up to
240 m* (= 2500 ft?) test-cross-section area (which results
in expensive and hard to manage facilities), and the tunnel
pressure has been increased in a few installations (thus
increasing the air density in the Reynolds number). The
last method leads to a very interesting phenomenon. As
pointed out in chapter V of “Fluid-Dynamic Drag”, the
permissible surface roughness of the wing models to be
investigated, is among others k ~ I/Q. So, for a tunnel
pressure of 10 at (instead of one at) that size is only 1/10
of that in atmospheric air (provided that temperature and
speed are the same). Besides the British Compressed Air
Tunnel, an extreme example is or was the NACA’s Vari-
able Density Tunnel. For a maximum pressure of 20
atmospheres, at a speed of 8 m/s (= 26 ft/sec) the maxi-
mum permissible “sand” grain size is in the order of 0.01
mm. For comparison, this is between the optimum possi-
ble painted, and the average paint-sprayed surface of air-
planes. Of course, a metal surface can be polished down to
a grain size of one micron (= 1/1000 of a mm). However,
erosion by dust particles usually present in wind tunnels,
can be expected to produce roughness much larger than
one micron during the testing of a model. In fact, the
tunnel discussed is no longer listed as active in (6,d). We
are tempted to use the many published reults from that
tunnel, however. In conclusion, a little better thinking can
be more important than a lot of “fruitless air blowing”
(quoted from Munk, J. Aeron Sci 1938 p 241). To say the
least, test conditions have to be judged when using wind-
tunnel results. One can also say that applied fluid dynam-
ics is to some degree an art (rather than a science); and in
the words of Philip von Doepp (Junker’s last chief aero-
dynamicist), “the air is a beast”, meaning that we must
always be prepared for an unexpected result.

Aviation. Since the days of Lilienthal and the Wright
Brothers, aviation has grown from a possible 30 people
involved, at one and the same time, to more than 30,000
members of the American Institute of Aeronautics and
Astronautics alone. The number of employees of the big
airplane (and space) companies may be above 100,000
each. The number of airplanes produced during WW IT was
in the order or 300,000. The number of passenger miles is
now in excess of 40 billion per year. In the words C.S.
Gross (Lockheed Aircraft Corporation) all this may only
be the beginning of atmospheric aviation. It is possible
that now after reaching the moon (and finding nothing
there but clues as to the nature of the Universe), that
technological interest will really return to safe and low
cost mass transportation from New York to London or
San Francisco as well as other nearby cities.
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Mathematics. Ever since Newton (around 1700), mathe-
matics have been a useful tool in the exploration of fluid
dynamics. It must be said, however, that Newton’s theory
of particle flow (although correct at the boundary of
outer space, see chapter XIX of “Fluid-Dynamic Dreg”
was erroneous as far as atmospheric airplanes are con-
cerned. This did not prevent civil engineers from applying
results of that theory in building codes, for a period of
200 years. Contrary to the belief of many, Einstein was
originally and primarily a physicist (with imagination). He
had to learn and use mathematics, however, as a tool to
bring order and system into his theories. Today we have
computers speeding up the work not only of mathematics,
but also of your supermarket. This book only uses h.gh-
school mathematics. The point is to encourage the de-
signer of airplanes (and similar contraptions) to think in
terms of force, power, moment, equilibrium, as the Wright
Brothers, or men such as Ludwig Prandtl. did. Instead of
depending on the results for computer studies, the engi-
neer should in many cases study the problem and conduct
the necessary simple calculations to obtain answers. This
is important as many of the computer programs are long
and complex with only the initial programmer and the
engineers involved able to understand the program, its
limitations and results. By conducting his own calcula-
tions and knowing the many assumptions and empirical
data, the background necessary to apply the computer
programs is obtained with a much better understanding of
the results. The computer programs then become ex-
tremely valuable and, with proper testing, lead to the best
overall solution. In conclusion, a sound .combination of
analysis (mathematics), experience and experiment wrill
lead to the most satisfactory engineering results.

(5) The most important research reports come from:
a) National Advisory Committee for Aeronautics (since
1915).
b) National Aeronautics and Space Administration (since
1959).
¢) British Aeronautical Research Council; Brit Info Service
New York City.

(6) Characteristics and description of wind tunnels:
a) Prandtl, Wind-Tuunel Design, in Wien-Harms Handbook
Vol IV-2 (1932).
b) Hoerner, Survey of European Tunnels, Z.VDI 1936 p 949.
c¢) DeFrance, Full-Scale Wind Tunnel, NACA Rpt 439
(1933).
d) Schaefer, Wind Tunnels at Langley Field, NASA TM
X-1130 (1965).
e) Hoerner, Spheres and Turbulence, Lufo (March 1935) p
42;NACATM 777.
f) Hoerner, TH Brunswick Wind Tunnel, Lurtf Forschurg
1937 p 36.
g) Schuh, Tunnel Turbulence and Noise Measured, ARC RM
2905 (1957).
h) Anon, National Wind-Tunnel Summary, NASA and De-
fense Department (196 1), available from U.S. Department of
Commerce.

2.GLOSSARY OF TERMS

There are some comparatively recent publications avail-
able (9,a) listing and defining aero-space terms. In the
following are some of thern referring to lifting airplanes.

An Airfoil (British “aerofoil””) is usually meant to be a
rectangular wing model, used to determine lifting charac-
teristics of particular airfoil or wing sections. There may
be some doubt whether the airfoil has a leading edge or a
“nose”. The latter evidently comes from the two-dimen-
sional thinking (on paper) in terms of airfoil-section
shapes. One also talks about “points” along the surface.
So there is some confusion between 2- and 3-dimensional
terms.

Wing. It seems that birds have a pair of wings, while an
airplane has only one. This wing has a pair of “panel”,
however. Wings used to be straight; they are swept now,
that is in high subsonic speed airplanes. The shape pre-
ferred in super-hypersonic flight is the “delta” wing. The
most important geometric characteristic of wings is their
aspect ratio
A=b/i=b*/S=8/ 8))

where ¢ = (mean aerodynamic chord) = S/b.

S = wing area

b = wing span

Aerodynamic Center; In Europe, there were many decades
where the pitching/ moment was measured and defined
about the leading-edge “point”. Since theoretically the lift
can be expected to be centered at % of the chord, that is
at x = 0.25 c, it became customary, however, to indicate
the moment about this point. While in the European
definition, the coefficient may thus be Cpn in the order of
—0.25 C_ (indicating that the lift would cause the airfoil
to pitch down, about the leading edge) — the coefficient
may be Cpmyy = (+ or —0.01) C,_, for example, thus
indicating that the lift force is centered at a point (0.01
C.) ahead or aft of the quarter-chord point. There is also
a point on or near the chord of every airfoil (or a trans-
verse axis in every airplane without a horizontal tail)
about which the moment coefficient C,, is constant
(when increasing the lift coefficient). This point is the
aerodynamic center (3,d); see Chapter II on airfoils.

(7) Biot (a friend of vonKarman), “Drowning in Complexity”,
Mech Engg 1963 p 26; says that engineering “ability is
intuitive, resembling artistic talent”, while “‘formal knowl-
edge rather than understanding, is not favorable to creative

talent™.
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Mean Aerodynamic Chord, Considering a wing with an
arbitrary plan-form shape, the mean aerodynamic chord is
that of “an imaginary rectangular wing that wouli have
pitching moments the same as those of the actual airfoil
or combination of airfoils” (such as a biplane). The “‘mac”
is geometrically defined by

c=(2/S) fb/2 c?dy 2)
0
In case of a swept wing, the spanwise position is of great
importance. It is normally assumed that the lift distribu-
tion be elliptical. The load 1§ then concentrated at

y = (4/3m)b/2 = 0.424 (b/2) 3)

from the centerline. Of course, the lateral center :s “al-
ways’”’ somewhere else. In particular, in rectangular and/or
swept-back wings it is outboard of 0.424. It would there-
fore be just as well to determine the aerodynamic center
as a geometrical point as in figure 2 in Chapter XI.

Lift Angle. Lift as a function of the angle of attack is
usually given in form of the derivative (dC_ /do¢ ). How-
ever, in wings with finite span, the angle required to
produce a certain lift coefficient consists of at least 2
‘components. Including the influence of longer chords and
the proximity of the ground (in airplane wings) or the
water surface (in hydrofoils), there are at least 2 more
additional terms of the angle of attack to be taken into
account. It is therefore logical to use what we call the “lift
angle”, namely the derivative (dor /dCy ) = (dor /dC,.), +
(dor /dC,_),and so on. The equations describing li(t are
thus simplified, and each component can be treated indi-
vidually.

Forces. As shown in figure 1, in the wind-tunnel system,
the normal-force coefficient of a wing is

Cn =C_ cosar +Cp sin 4)

where the second term is usually quite small. However, in
the longitudinal (or chordwise) direction, the two com-
ponents of the longitudinal force

Cy =Cp cosor —C_ sin o (5)

are of equal importance. In fact, if C5 = 0.01 for ex-
ample, a C,_ =(dC_ /do¢ ) sin o = 4(0.0025) is sufficient
to make Cx = zero. The corresponding values are « =
0.05= 30, and C_ = 0.2. In other words, at larger arigles
of attack, Cx turns negative, which means directed for-
ward along the wing chord. — It might sometimes also be
necessary to consider the resultant of the components.
This “total” force corresponds to

Cq= C +Cy (6)

FLUID DYNAMIC LIFT
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Figure 1. Aerodynamic forces and their components in an airfoil
section (or of an airplane).

and it should not be confused with the normal force, of a
wing for example. As shown in the illustration that force
can also be split up into the normal force (equation 4) and
a longitudinal or tangential component.

A Vortex has a strength of circulation

M =w2r in(m?/s) (7
This means that (wr) = constant, and w~1/r. The circum-
ferential speed w thus varies with the radius r in the same
manner as that of a planet or satellite. Theoretically,
therefore, w — oo in the center of the vortex. In reality,
viscosity produces a rotating core, where w ~ r. The
circulation of a wing is

M =05C_V, =w2rm (8)

and this circulation is maintained in the pair of trailing
vortices. We obtain the speed ratio
Viw =41 (r/c)/CL (10)
Since formation and diameter of that core is a matter of
viscosity and the disturbance (separation) of the flow at

the lateral edges of a wing, experimental results are better
than any estimates. In this respect, see Chapter III.

Irrotational is a flow, and particularly that in a vortex,
where the air particles move in the manner as the cars in a
Ferris wheel (G.W.G. Ferris, engineer, 1859 to 1896). It is
difficult, however, to “tie in this analogy with the mathe-
matics of the flow”. Indezd, it does not seem to be of any
practical consequence whether the molecules rotate about
their own axes. It is emphasized, however, that any rota-
tional flow involves losses of energy, through turbulent
mixing and possibly by way of flow separation. Might
“irrotational” be a misnomer, insofar as gabsence of
viscosity would be more important?
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Potential Flow. In contradistinction to a streamline, a
streamtube is something real. The constant volume flow
of air which it is carrying, is its “stream function” ¢ in
(m /s). In theoretical analysis, the tube is said to gain the

potential = (Q/S)x =V x in (m?/s) an
This quantity can be visualized as that of a mass travelling
upward at the speed V, thus gaining potential energy. In
any direction normal to a streamline, the potential is
constant. In the direction of the streamline the stream
function, is constant, while the potential may be said to
be a level, the variation of which produces a speed differ-
entiat. All this applies only to “irrotational” flow, as
explained above. When, under conditions of no loss of
momentum, the diameter of a streamtube increases, the
velocity decreases, and the rate of gain of the potential
decreases accordingly. However, the rate increases agiin,
when the velocity increases, for example as a consequence
of a negative pressure gradient.

The Momentum of a solid body moving at the speed V, is

momentum = mass (speed) in(kgm/s) (12)
It is an indication for the inherent energy of that body, or

the work which the mass can produce when stopped. Thus
work = energy = momentum (speed)

in (N1m) = (kg-m?/s%) (13)
In a stream of air, we do not have a finite mass, Rather, in
case of a propeller or a jet engine, we have a mass flow in
kg/s. The thrust produced is

T = (mass flow) (added speed);

in N = (kg-m/s?) (14)
In the case of a lifting wing, momentum is transfer-ed
onto the passing stream of air by adding a vertical cam-
ponent of velocity. Momentum is thus added, not in the
direction of flow, but essentially at a right angle to it.
Accordingly, lift is proportional to the vertical or down-
wash velocity w

in N = (kg-m/s%) (15

L ~ (mass flow) w;

(8)  General and varied information on applied aerodvanmics:
a) Goldstein, “Modern Developments Fluid Dynamics”, Lon-
don 1938.
b) Eck, “Technische Stromungslehre™, Springer 1941 a-~d
1961.
¢) Thwaites, “Incompressible Aerodvnamics”, Clarendon C -
ford 1960).

Pressure. Various types of pressure in fluid-dynamic flow
are explained in “Fluid-Dynamic Drag”. Because of their
importance, the following is added (or repeated) at this
point. Absolute pressures, such p=2116 lb/ftz, or=1010
N/m?Z, as in the ambient standard atmposhere at sea level,
are often used in gasdynamics (at supersonic speed). With-
in the range of subsonic aerodynamics, pressure differences
are usually considered. An example for such a differential
is the “gage” pressure in the tires of an automobile,
measured against the atmosphere. Of course, lift is the
result of pressure differences between the upper and lower
side of a wing; and it would not make any difference
whether the pressures involved would be measured as
absolute or relative quantitites. In a wind tunnel, for
example, it is more convenient and accurate, however, to
measure them as gage pressures, that is as positive or
negative quantities as against the ambient (atmoshperic or
tunnel) pressure. To be correct, the pressure coefficient
should thus be written as
Cpr=(p—py)a=ap/q (16)

where “a” indicates “ambient” or “atmosphere”, and ap =
pressure differential.

Stagnation Point. Strictly, an airplane may only have one
point (at the nose of the fuselage) where the air particles
really come to rest. No doubt, a configuration with a
swept-forward wing will have a minimum of three such
points. For practical purposes, a straight leading edge
would have a stagnation “line”, however. In incompressi-
ble fluid flow, the pressure increment at the stagnation
point is the “dynamic” pressure
2
q=05pV 17)
In spite of its name, this pressure is thus basically a static
pressure differential; namely between that at a stagnation
point (where velocity = zero) and the ambient level. At
higher speeds in gases, the pressure at the point is higher,
however, than according to equation (17), because of
compressibility of the fluid or air used, and on account of
an increase in its temperature. That pressure is called the
impact pressure. The dynamic pressure must then be con-
sidered to be a dynamic potential of the stream of air
against an obstacle; and all coefficients (at least in sub-
sonic aerodynamic flow) are still referred to that pressure.
One practical reason for doing so, is skin-friction, the
coefficient of which reduces with the Mach number (be-
cause of increasing temperature and increasing density
within the boundary layer). Another reason is the fact
that the value of negative pressure coefficients does not
increase in proportion to that of the stagnation pressure.
The only place where forces et cetera, are found to be
proportional to the impact pressure, is in hypersonic gas
dynamics.
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“Negative” Pressure. One of the discoveries of experi-
menters such as Lilienthal (before 1900) was the fact that
“suction” over the upper side of a properly camtzred
airfoil contributes more to lift than the “positive” pres-
sure at the lower side. Of course, in absolute terms,
pressure at the upper side was simply more lower, than
that at the lower side was higher. This balance of pressures
can be dramatized when thinking of a pump in a farm-
“yard. When moving the plunger up, it does not exactly
draw water up. Rather, the piston tries to create a vac-
uum; and the atmospheric pressure pushes the water up
from below. In fact, when the waterlevel in the well is
more than some 10 m or 34 below the pump, no water
can be pumped at all. A similar thing happens in hyper-
sonic flow (at M - 00) where the pressure on the upper
side of a wing is zero (vacuum) and “all” of the lift is
produced by positive pressure at the lower side.

“Pressure Distribution” genérally indicates the distcibu-
tion of static pressure over the upper and lower surfaces
of a wing, plotted particularly in chordwise direction. In
contradistinction, the term “load distribution”, for ex-
ample along the span of a wing, indicates that of the
normal force which is equal to the pressure differential
between lower and upper side. For the sake of correlation
with the sides of airfoil sections, their pressure distribu-
tions are usually plotted with the negative pressure co-
efficients developing along the upper section side up, and
the positive values on the lower side down. This procedure
could ge made mathematically perfect when plotting
(V,/V) =1 — Cpy, where (+) indicates the specific
location. For V, =V, we then find Cp+ = 0; or for
(Vi [V)* =0, we have Cpy = +1.

Hydrodynamics., The term ‘“‘hydrodynamics” is used in
aerodynamics, to indicate that compressibility is absent or
negligibly small. There are devices, however, actually used
in water, producing “lift” in a manner at least similar to
that of wings in air. In ships and boats, we have rubvers,
fins, control surfaces (in submarines) and finally hydro-
foils. As far as their fluid-dynamic characteristics are the
“same” as in air, a chapter of this book is devoted to “heir
presentation. Since “lifting ™ characteristics in water can
also be different or limited (by cavitation or ventilation),
another chapter is added describing these effects.

Other Terms, explained in chapter 1 of “Fluid-Dynamic
Drag” are:

Boundary layer, developing along surfaces;
Circulation around wings, as in equation (8);
Compressibility in air flow, at higher speeds;
Downwash, developing behind wings;
Induced angle of attack, in wings;
Rotation, as in the core of a vortex;
Separation and Wake Flow, associated with
pressure drag:

FLUID DYNAMIC LIFT

Streamlines and Streamtubes, forming a flow pattern;
Turbulence, developing in boundary layers;
Vortex, lifting and trailing, as mentioned above;
Vorticity, in viscous fluid flow, equivalent

to “rotation”.

Similarity Laws. Many fluid-dynamic similarity laws are
needed to correlate model test results with full scale tests.
The more common parameters used are Reynolds number,
the ratio of the inertia forces in the fluid to the viscous
forces, and Mach number, the ratio of the velocity of the
body to the velocity of sound. The following additional
correlating parameters are explained in “Fluid-Dynamic
Drag” and are also of importance:

e Lift, drag and movement non-dimensional coeffi-
cients

o Cavitation Number in water

® Fronde Number, at the surface of the water.

Regarding the various laws of similarity, there may be
conditions where at least two of them are involved at the
same time (such as Reynolds and Mach number). There
are, on the other hand, areas where one or the other is not
important (such as compressibility in water). We have to
be sure, however, that we do not cross critical boundaries,
between different modes of fluid behavior (such as the
critical Mach number, or the number of incipient cavi-
tation).

Metric System. The atomic physicist Edward Teller is
reported to have said that “the United States may lose the
space race by an inch”. Meanwhile, the US. Armmy is
measuring distance in meters, NASA’s space laboratories
are using the metric system, and the Bureau of Standards
has adopted it. The metric system is thus generally used in
this book. Conversion factors and constants may be found
in (10,a), which is readily available as well as many other
sources.

(9) Regarding aeronautical terminlogy, see:
a) Adams, Aeronautical Dictionary, NACA (1959).
b) Books such as Diehl (20,b) and Wood (20,¢) (20,h).
d) Wenzelberger, Mechanical Analogy, Award Paper 1AS Stu-
dent Conference (1957).
e) NAVAER (Operations) Flight Manual (1957); reproduced
by Fed Aviation Agency.
f) Nayler, Dictonary Aeronautical Engg, Philosophical Li-
brary New York.

(10) The international system of units (SI):
a) Mechtley, International System of Units, NASA SP-7012
(1964). Available Superintendent of Documents, U.S. Gov-
ernment Printing Office, Washington, D.C. 20402.
b) Hamilton, “Going Metric”’, The Engineer 1966 p 150.
¢) Miller, Calibration in Hotshot Tunnel, NASA TN D-3278
(1966).
d) See also ““The Standard Atmosphere™ under (11,¢).
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3. NOMENCLATURE

For convenience, symbols as used throughout this text,
are listed at the very end of the book. In this manner, the
meaning of any one symbol can easily be found, without
searching through this first chapter.

Directions. There are two geometric systems considered
and used in airplane aerodynamics.

a) Body axes (as in part (a) of figure 2) could logically b2
used by a pilot flying in an airplane; and they are used
when analyzing motions of airplanes. It should be noted
that x is positive forward from the CG, and Z positive in
the down direction (where the airplane tends to fall).
According to standard notation roll angle ¢ and moment
“L” are positive in right-hand screwdriver direction.

b) In a wind tunnel, the geometric system is defined by
the direction of the airflow (as in part (b) of figure 2).
Lift L and drag D as produced by that flow are positive in
their common sense. Fortunately, the angles of pitch (of
attack) and or roll are defined positive in the same direc-
tions in the two systems.

The difference between the two systems is shown in figur:
2. In part (a) the airplane moves forward and sideways
(sideslipping) in positive directions. In part (b) of the
illustration, the airplane is stationary (suspended in a wind
tunnel) and set at an angle of yaw. The wind direction is
positive. About the vertical axis, the angle of “sideslip” is
defined to be positive when the airplane moves to th:
right (starboard) side. This definition is opposite to the
angle of yaw under (b), where the airplane is turned to thz
right, so that the wind comes from the left. Nevertheless.,
the corresponding moment is still the “yaw moment” as
under (a). The corresponding angle is the angle of yaw.
Regarding the sign, the aerodynamic engineer is primarily
interested in whether the yaw moment helps turning whe
deflecting the ailerons or not. Thus the positive directio=
as in system (a) conveys the right meaning, while a negz-
tive yaw moment can also be called “adverse”, even if by
definition, it is positive in system (b). The same combine-
tion of signs for roll and yaw moments goes for a motion
initiated by rudder deflection. — Since in this text, forces
and moments, rather than motions, are primarily cor-
sidered, the wind-tunnel system (b) is predominantly
used. As in general usage, some inconsistencies (some
mixup between the two systems of reference) seem to be
unavoidable, however. — There is still another direction
used in aerodynamic language. According to Webster,
down — and upstream indicate a direction, rather than a
location. To identify the ends of a fuselage, one shoulc,
therefore, use the words forward and aft or rear; or in case
of wing edges, leading and trailing.

A) AIRPLANE MOVING
AGAINST THE AIR,
SIDESLIPPING AT
ANGLE A.

n
B) WIND MOVING AGAINST
THE AIRPLANE (AS IN T
WIND TUNNEL) AT AN
ANGLE OF YAW {/, ORA

PRIMARILY USED
ORIGINAL POSITION

IN THIS TEXT

+ Y
(COMPONENT
OF D)

Figure 2._ Systems of axes, forces, moments, used in analysis and
presentation of aerodynamic characteristics of airplanes.

K
7

(11) Physical properties of air as a function of altitude:
a) Values by International Civil Aviation Organization
(1952), NACA Rpt 1235.
b) Atmospheric properties are presented at length in (20,c)
(20,h).
c) Properties are presented in chapters 1 & XIX of “Fluid-
Dynamic Drag”.
d) Information on viscesity is found in chapter 1 of “‘Fluid-
Dynamic Drag™.
e) Minzner, US Standard Atmosphere 1962, US Government
Printing Office.
f) Density Variations, Army R&D Labs Monmouth Rpt 2393
(1963); AD-425913.
g) Valley, “‘Handbook Geophysics and Space™, McGraw-Hill
1965.

(13) Regarding various types of pressure see:
a) Aiken, Pressures and Airspeeds, NACA Rpt 837 (1946).
b) Atmospheric, as a function of altitudes, see (11.a,b,c).
¢) The pressure p in figure 4 is of importance for the
performance of engines.

+ Y CONVENTIONAL
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Angle of Attack. In the two systems discussed, the angle
of attack or pitch has one and the same sign. A British
synonym is “incidence”. In the United States, however,
the angle of incidence (or that of setting) is meant to be
that of the wing (or horizontal-tail) chord against the
fuselage. Corresponding to the sign of these angles, posi-
tive when “nose-up” and when increasing the lift, the
longitudinal or pitch moment is automatically called posi-
.tive when tending to increase the angle of attack. As a
consequence, longitudinal stability in terms of
(dCm/dC_ ) or (dC, /dor ), has a negative sign when the
airplane is stable. — Still another longitudinal angle is that
of attitude, that is the angle of the airplane axXis against
the horizontal. The angle of climb or of gliding is included
in this angle.

Positive/Negative Values. For the aerodynamic enginzer,
there are various considerations where the sign of a para-
meter is in doubt. We see in figure 2 that in one system of
reference, drag is positive, while in the other, thrust is
positive. Also, which one is positive, lift or weight = g
(mass)? Regarding the induced angle of attack, we can
write

Cp=2m(ot, — o )

orC_ =(dC_ /dor ) (o, + o ) (18)

where o/, = two-dimensional or sectional angle. In a
similar manner, it can be argued whether the angle of
downwash behind a wing is positive or negative. Certainly,
this angle is down in the wind system, but the foil requ:res
an additional positive angle of attack. In all such ex-
amples, we have action and reaction, or the compensation
of fluid-dynamic forces or moments by “static”” ones. The
problems can be resolved by accepting absolute values of
the many dimensions involved; and the typical engineer is
doing that daily, without even thinking about it. The sign
of a quantity becomes critical, however, when pitching
one force (for example) against another one, or when
adding quantitites (such as lift and weight, for example).

4. PHYSICAL PROPERTIES OF FLUIDS

Properties such as density and viscosity are presented in
chapters I and XIX of “Fluid-Dynamic Drag”. Some of
them are presented here again, in revised form.

(A) Characteristics of Atmospheric Air

Air is the most important element for fluid-dynamic ro-
tion. Its properties are simple and consistent within the
range of subsonic (and transonoic) speeds and up to
altitudes in the order of 90 km.

FLUID DYNAMIC LIFT

Sea-Level Constants. Many examples of air flow (such as
takeoff and landing of airplanes, for example) take place
near the ground, or at sea level. For such operations, a
standard atmosphere (11) has been adopted by inter-
national convention, averaging conditions in the temper-
ate zones of the earth:

o

temperature (15° ¢ To =288.1 K
pressure (760 mm Hg) p, =101(10°  N/m
mass density (equation 19) ¢ =1.225 kg/m
kinematic viscosity (K/@)o V6 = 1.46/10° m?/s
speed of sound ‘a’, =3403 m/s
gravity acceleration g =9.807 m/s®

The temperature at the freezing point of water (where T =
0 C)is T =1273.15 K, and at the boiling point under
sea-level pressure, = 100" C, or = 373.15° K.

Dynamic Pressure. The mass density of air is essentially

o(kg/m )=p(N/m )/'R* T('K) (19)

where ‘R’ = gas constant = 8314/29 = 290 (N-m/kg- K),

up to some 90 km altitude, in one of its many definitions.
In standard sea-level air, it happens to be that
P, =g/8=1.225 (kg/m*) (20)

as listed above. The dynamic pressure q = 0.5 9 V? at sea
level is accordingly

a, = (V,m/s) /2.45= (Vkts)"/9.3

3 2
in(N/M ) or (kg/m-s®) 21
/
{000 ‘N ' ' | 1 /QO,OOO
A
/
LYNAMIC PRESSURE /
8O0k a=051%, V3, N n/m?) oR (kg-m/s?) OR (xp/ggm?) / &C000
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g q0b/ee?) = Ypmdjoar.s / soar q
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Figure 3. Standardized dynamic pressure, as a function of indi-
cated, or effective sea-level speed.
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This pressure is plotted in figure 3. Of course, therz is

some variation between the seasons of the year. As we all
know, temperature at the goround may be 15 C lower
during a winter day, and 15~ C higher on a summer day.
Atmospheric density may thus be 5% higher or lower.
Also considering a possible variation of the barometric
pressure in the order of + or —3%, the total variation of
density and dynamic pressure at sea level as in figure 3,
could be + or — 8%.

Function of Altitude. Aviation is not confined to sza-
level operation. In fact, modern airliners cruise at altitudes
around 10 km, not to mention the supersonic transporter
SST which will do it at some 20 km. Values of tempera-
ture and density ratios, standardized for the temperate
zones of the earth, are plotted in figures 4 and 5. It is seen
how temperature reaches a value assumed to be constant,
at Z = 11 km. Density at this altitude is down to about
30% of that at sea level, which could be said to mean that
the drag of an airliner be reduced to the same 30%. What
is said above regarding temperature and density deviaticns
from the average or standard values at sea level, does not
mean, however, that the same differentials would also be
found at altitude (11,f), let alone higher altitudes, that is
above some 30 km. It is also not correct to assume that
the same differences as at sea level, between the equator
and the poles of the earth, would also prevail at those
altitudes. In fact, temperatures can be warmer at times
and locations where they are expected to be colder, and
vice versa.

Viscosity of the Air. The dynamic or physical or absolute
viscosity in standard sea-level air is

Mo =179/10°  (m?)s) 22)
For all practical purposes covered in this book, this type
of viscosity is independent of pressure. As plotted in
chapter I of “Fluid-Dynamic Drag”, it increases with
temperature, however. For subsonic speeds (that is, be-
tween T = 170 and 500° K) the viscosity of air varies in
good approximation, as

v 0.7b

M~ T (23)
By combination with the density, the kin ematic viscosity
V= M[e is obtained (in m?/s). Under standard sea-level
conditions (see tabulation above) the non-dimensional
Reynolds number is then approximately

Ry = V2/v ~ V7(10)* (24)

where ¢ is a suitable length such as the mean aerodynamic
wing chord in particular. Of course, at altitude, the abso-
lute viscosity has to be reduced as per equation (23),
while the density reduces as in figure 4. For example, as Z
above 11 km,
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0.76
M =(0.75) Mo =0.805 He (25)
Considering the density at 11 km to be 30% of that at sea
level, we obtain a kinematic viscosity

V' =(0.805/0.30)% = 2.7 V%

for that particular altitude. The important result is that
the Reynolds number Ry ~1/v; reduces considerably with
altitude for a given airplane when flying at the same
speed, that is to 1/2.7 = 37%, for example at 11 km. When
flying at the same dynamic pressure (which means essen-
tially at the same lift, drag and thrust) the speed at 11 km
is increased to (1/ 0.3 ) = 1.8 times that at sea level. The
Reynolds number is then (1.8/2.7) = 0.67 times that at
sea level.

The Speed of Sound is generally
Vdp/dg = Vk R’ T

‘a’= (26)
where k = ¢ /¢ =1.4 = constant in atmospheric air up to
some 100 km, and ‘R’ = gas constant as above. For stand-
ard sea-level temperature, the sonic velocity is

‘a’ & 340 (m/s) ~ 660 knots 27)
Throughout the troposphere, the speed of sound reduces
according to

a’=20VT (°K)

Disregarding a tiny;"decrea.se of g = acceleration due to
gravity, the standardized speed of sound remains constant
above Z = 11 km, see figure §:

in (m/s) (28)

‘a’=0.867 ‘a;= 0.867 (340.3) = 297 (m/s)

For practical purposes, we might memorize this speed to
be 1% less than = 300 m/s.

(14) Intensity and characteristics of rain, fog, icing:
a) Brun, Impingement of Water Droplets on 65-208, 65-212,
65A0(04 to 12)% Airfoils at o« = 4° NACA TN 2952 and
3047 (1953).
b) Brun and Dorsch, On Bodies, NACA TN 2903, 3099,
3147, 3153, 3410 (1953/55).
¢)Kriebel and Lundberg, Drag in Particle-Laden Gas Flow, 4
Rpts (1962) for Defense Atomic Supply Agency by Stanford
Res Institute; AD-291,178.
d) Shifrin, Microstructure ot Fog, NASA Trans TT F-317
(1964).
¢) Preston, Ice Formation and Airplane Pertormance NACA
TN 1598 (1948).
) Gray, Aerodynamic Peralties by Ice on Airfoils, NASA TN
D-2166 (1964).
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Humidity. The amount of water “solved” in atmospheric
air is usually small (less than 1% by weight, before va-
porizing). Since vapor is lighter than air, the density is
reduced (14,f). For example, in standard sea-level condi-
tion, 100% vapor humidity reduces density by 0.6%. Hu-
midity has other effects upon the air, such as upon tem-
perature as a function of altitude. More dramatic results
are fog, clouds, rain, snow and icing.

Fog. As stated in (14,d) fog particles are between 4 and
15 microns in diameter; and there are at least 50 droplets
in one cm’ . The mass ratio is then found to be in the
order of 2/ 105, which is negligibly small. However, fog
reduces visibility to such a degree that even automotiles
get into serious accidents.

Rain. Modern airplanes are designed to operate in a com-
mon rate of rainfall. As reported in (14,a,b) most rain
drops are in the 0.5 to 1.0 mm size range. Their average
falling velocity is estimated (see chapter III of “Fluid-
Dynamic Drag”) to be in the order of 4 m/s relative to the
air, which is 2% of 400 knots of airplane speed, for
example. A usual rainfall is said to accumulate between 1
and 2 mm per hour at the ground. The mass content of
water in air is then in the order of 1/10%. In “heavy rain”,
this content may be tenfold (1 per 1000), and in a
cloudburst 100-fold, making the mass ratio equal to 1%.
Really small drops would likely be more or less directed
by the airflow around a wing, while typical rain drops
may directly impact upon the upper and the frontal areas.
Consequences are as follows:

a) Due to water adhering to the surface, the increase of
the weight of an airplane is estimated to be a small
fraction of 1%.

b) The vertical mass flow of droplets possible impinging
upon the wing from above, during a “heavy” rain, might
be

Troposphere
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Figure 5. Standardized variation of temperature and Mach num-
ber, up to 100 km of altitude, presented in the form of ratios.

(dm/dt) = wep, /1000 (kg/m?5s) (29)

where m = mass per unit wing area and (1/1000) as above.
For the velocity w = 4 m/s, and an air density Pa =
lkg/m , the impact pressure of the rain drops might then
be

(dm/dt) w g = 16(9.81)/1000 =~ 0.16  (kg-s/m’) =(N/m?)
By comparison, the mass loading of an airplane is between
150 and 300 kg/m? or a weight loading of 1500 to 3000
N/m? (or 35 to 70 1b/ft ). The impact of rain considered,
would thus not be of any importance.

c) In regard to drag, rain drops will more or less impinge
upon the frontal area of an airplane. This type can thus be
treated as a free-particle flow (similar to the Newtonian
type as described in “Fluid-Dynamic Drag”).
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Figure 4. Standardized reduction of atmosphere pressure and mass

density, as a function of altitude.
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e
Assuming that the rain drops captured by the frontal area
S, of an airplane, lose half of their momentum (that they
are accelerated to % the airplane’s speed V) we obtain

(kg-m/s*) =N
(30)

2
4D=05V ¢S, (my/my)

where “w” indicates water and “a” = air. Assuming an
effective (capturing) frontal area ratio S./S = 0.1, the
incremental drag coefficient may then be
ACo=(8./8) (u/ Pa) (my-/ma) (€))
For a constant (my/m,) = 0.1%, as in “heavy rain”, the
result is 4Cp= 0.08. This would be as much as the air-
plane’s original drag at C, = 1. According to (14,) it
seems, however, that a portion of the rain drops larger

than assumed above, is diverted by the air flow around the
wing, for example.

Icing. The formation (deposit) of ice upon the frontal
areas of an airplane (such as the leading edge around the
stagnation line) can increase weight and drag appreciably.
At cruising speed, drag increments up to 80% are reported
in (14,e), while the propeller efficiency may be reduced
10 or even 20%.

Wind profiles (velocity w or dynamic pressure q,, as a
function of altitude Z above ground) are plotted in chap-
ter IV of “Fluid-Dynamic Drag”, up to altitudes Z be-
tween 25 and 250 m. Similar data are reported in (15,a).
It appears that in properly developed steady wind over a
plane unobstructed surface (such as an airfield) the varia-
tion is approximately

Wl = T2 or Qualaun = 212,57 (32)

where n between 6 and 8. At “‘higher” Reynolds numbers,
distributions within turbulent boundary layers usually
correspond to w ~ Z”7 . Behind obstacles (such as build-
ings at the edge of an airport) there is a deficiency of
speed. As shown in (15,b) a gradient much stronger than
that indicated by n = 6 or 8, may then be found above the
level of those obstructions. Regarding the climb-out per-
formance of airplanes, any positive gradient will help. It
seems, however, that when landing into a strong wind
(and possibly over an obstacle) the negative gradient can
be dangerous. While reducing the airplane speed, thus
increasing the lift coefficient, the wind velocity also re-
duces, thus possibly leading to wing stalling at angles of
attack beyond that for C . Airplanes are thus operated
at lift coefficients approximately 70% of the maximum to
allow for turbulent velocity conditions and control inputs.
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(B) Physical Properties of Water

There are “lifting” devices used in water such as rudders
and hydrofoils. Properties of water are presented in
“Fluid-Dynamic Drag”. They are here given again, in met-
ric units.

The Compressibility of water dp/dp, measured in
(kg/m®)/(N/m®) = (kg/mN) = (s/m), is very small in
comparison to that in air. As a consequence, the speed of
sound ‘@’ =V dp/dp is in the order of 1440 m/s (4700
ft/sec, 2800 kts) in comparison to 340 m/s (1117 ft/sec,
660 kts), in sea-level air. For example, it takes more than
7 hours for an explosion, say at the coast of Japan, to be
“heard” in San Francisco (over a distance of almost 5000
sea miles, or 9000 km). It would only be less than 2
hours, however, to detect the same disturbance by sonar.
For comparison, the travel time is in the order of 10 hours
by subsonic jet airplane (if non-stop at M = 0.8), and less
than 3 hours by Supersonic Transport (at 2000 mph,
approaching M = 3).

Dynamic Pressure. The density of sea water is some 840
times that of sea-level air. For all practical purposes, this
density can be considered to be constant (to be inde-
pendent of temperature and pressure):

o (fresh water) = 1000 kg/m3

In average (Atlantic) sea water, with a salinity in the order
of 3.5% (16,c), the density is higher:

P (sea water) = 1025 kg;/ms 2.0 Ib-sec/ft

’

Corresponding to these densities, the dynamic pressure is

q=500¢g Vz in (N/ma) or (kg/m—sz) in fresh water  (33)
q=513¢g VZ in (N/m?) or (kg/m-sz) in sea water (34)
Using p as above, we also obtain conveniently:
q =500 (V m/s)zin (kp/mz) in fresh water  (35)
*q = (V,ft/sec)® in (1b/ft?) in sea water  (36)
q=0.97 (V%) in ab/ft%) in fresh water ~ (37)

Equation (37) is plotted in figure 6 in fresh water ex-
pecting that the metric system will be accepted last, in the
field of naval architecture.

(15) Characteristics of atmospheric wind:
a) Lettau, “Exploring Atmosphere’s First Mile”, Pergamon
1957: also “Wind” in chapter 5 of “Handbook of Geo-
physics”, MacMillan 1960.
b) Stearns, ‘‘Atmospheric Boundary Layer”, Univ Wisconsin
(1964). AD-611, 209.
¢) Am Meteorological Soc, Wind for Aerospace Vehicles, Bull
11 (1964) p 720.
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The Viscosity of water, needed for the computaticn of
the Reynolds number, is plotted in chapter I of “Fluid-
Dynamic Drag”, in the form of v'=H/p. At the standard
temperature of 15°C, the kinematic v1sc051ty is between
(1.16 in fresh and 1.13 in sea water)/lO (ft? /sec), which
is between (1.08 and 1.05)/10° (m?/s). Contrary to -hat
in air, this viscosity reduces as temperature is increased,
that is roughly as

v o= p ~1T" 38)

Water Tunnels (17). The high density of water makes it
possible to obtain high Reynolds numbers in a tunnel

built in the same form as that of an ordinary wind tunnel.

For example, in a comparatively large, but low-speed wind
tunnel we may have:

c = 1 m wing chord

vV = 40 m/s air speed

q = 100 kp/m? dynamic pressure
Rc = 2.8 (10)6 Reynolds number

For operational reasons, the size of a water tunnel might
be restricted. We could obtain the following, however:

¢ = 0S5 m wing chord
vV = 10 m/s water speed
q = 50000 kp/m2 dynamic pressure
R = 43 10y° Reynolds number

As in equation (38) the viscosity of water reduces as
temperature is increased. Therefore, when increasing the
absolute temperature from the standard 288° K to 316
K, that is from 15° C to 43° C (which is only 4°C more
than our blood temperature) the Reynolds number in the
water tunnel suggested, can be doubled. A number R
approaching 107 could thus be obtained. For many pur-
poses, we just do not need such high R’numbers; and @ a
speed, say of 2 m/s the most instructive flow patterns
could easily be produced in water by adding a suitable
substance. To make the water tunnel still more attractive,
its low power requirement is mentioned. For a one meter
squared test cross section, the power is approximately

power=0.5q V= 0.25 p V’/1000=V>/4 kwatt

For V.= 10 m/s, that would be 250 kwatt; and for 2 m/s,
only 2 kwatt.

(16) Physical properties and characteristics ot water:
a) See for example in Transactions INA (London) 1953 p
358.
b) Scein chapter [ of “Fluid-Dynamic Drag”.
¢) The salinity in the Dead See is 22%. The corresponding
density ratio as against fresh water is estimated to be 1.26.

FLUID DYNAMIC LIFT

Cavitation is vaporization (boiling) due to reduced pres-
sure. Fundamentals and examples of cavitation are pre-
sented in chapter X of “Fluid-Dynamic Drag”. Really
pure water (distilled, in a pure container) may not cavitate
at all. However, all kinds of microscopic impurities (such
as cosmic dust, particles remaining in drinking water after
filtering, tiny air bubbles in the interface of sea water, or
plankton) will “always” provide the nuclei needed to start
a vapor bubble. The critical pressure at which water at a
temperature of 15° C begins to turn into gas (vapor) is
less than 0.016 of the atmospheric pressure (= 33 Ib/ft® =
1600 N/m?). So, for practical purposes, we may as well
say the vapor pressure p,, is zero.

The Cavitation Number indicates the tendency of the
ambient flow to cavitate, when meeting an obstacle:

=(p, — P)IA =P, /q (39)
where q = dynamic pressure, and p, = ambient pressure.
At standard sea-level pressure (“‘at” the surface of open

sea water) the coefficient of that pressure (p, — p,) =
2116 — 33 = 2083 Ib/ft*, is

o= (p, — p,)/a = 2090/(V,fifsec)’ = 195/(V,m/s)°
(40)

For each unit of submergence “h” (below the free water
surface) we have to add a

for each foot of sea water

2
ap/q 64 1b/ft

»P/q = 1000 kp/m®  for each meter of fresh water

5. CONSIDERATION OF SIZE AND
SPEED OF VEHICLES

Dimensions, weight or mass, cruising speed and density of
the medium through which they move, all have an influ-
ence upon the geometrical design of dynamically lifted
vehicles and their operational qualities.

Square-Cube Law. The volume (weight, mass) of a body
grows in proportion to the cube of its Imear dimension
¢, while its significant area is only S ~ (07 As an ex-
ample, we may compare the frontal area of a motorcycle
(with 1 passenger) with that of a bus (with 50 passengers)
or a railroad train (with 500 passengers). It can be found
that the aerodynamic drag, roughly proportional to
frontal area, is “very” high per passenger for the motor-
cycle, and “very” low per passenger for the train. Aero-
dynamic efficiency of these land vehicles, thus increases
with their size. In the case of an airplane, the significant
area is that of the wing (lifting the vehicle), while the
volume is the equivalent of its mass, figure 7. Therefore,
the mass grows “‘faster” with size 'g’, than the areas of its
lifting, stabilizing and controlling surfaces.
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Froude Number. T;l the hydrodynamic design of ships, the
Froude number is used to establish similarity between
towing-tank tests and full-scale operation, primarily in
regard to wave pattern and wave resistance in calm water
(19). The square of this number is the ratio between the
inertial or wave-producing forces involved, and the weight
(due to gravity) of water and/or vessel. Thus:

B2 = eV I =V eh)
where o = )i/g, &= weight per unit volume (v= g?} of
the water displaced by the ship’s hull (displaced volume of
water). Note that the vehicle’s weight is W = 95( £ J,
where X" (subscript v) is equal to that of the water (sub-
script w).

WING AREA ~ 1’
WING SPAN ~ P/ 2
SPEED V = CONSTAN?

Figure 7. Demonstration of the influence of size and speed upon
the relative dimensions of wing and volume of airplanes or hydrc-
foil boats.

(17) Water tunnels, some of them used for “‘aerodynamic” investi-
gations:
a) See author’s description and results in Fieseler Rpts (1939,
1940).
b) Hoerner, Fieseler Water Tunnel, Yearbk D Lufo 1943 (not
distributed).
¢) Drescher, Water Tunnels of the AVA, Yearbk D Lufo 1941
p [-714.
d) Ross-Robertson, 4-Foot Tunnel Penn University, Trans
SNAME 1948 p s.
¢) Brownell, Variable Pressure Tunnel, DTMB Rpt 1052
(1956); see also description of tunnels in TMB Rpt 1856
(AD-607, 773).

(18) Introduction of Froude number in this book, based upon:
a) Gabrielli and von Karman (Mech Engg 1950 p 77§, or
J.ASNE 1951 p 188).
b) Davidson (Stevens ETT TM 97 & Note 154, 1951; also
SNAME Bulletin 1955).
¢) Hoerner, Consideration of Size-Speed-Power in Hydrofoil
Craft, SAE Paper 522-B (1962); reprinted in Naval Engineers
Journal 1963 p 915.
d) Froude, Collected Papers and Memoir, Inst Nav Architects
(London) 1955.

(19) Consideration of dynamic stability:

a) Braun, Static Stability, Ringbuch Luftfahrtechnik [-B-6
(1940).

b) Jones, Airplane Dynamics, in Volume V of Durand (3.1).
¢) Rodgers, Neutral Point, AIAA J. Aircraft 1965 p 33 and
352.

d) Carlson (Wright-Patterson AF Base), Analysis of Stability
and Control of Lockheed C-SA Airplane, Astronautics &
Acronautics 1965 p 60.
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Figure 6. Dynamic pressure in fresh water (equation 37) as a
function of speed.

Hydrofoil Boats. In a boat supported above the water, by
“wings” running below the surface, weight or “load” is
concentrated upon comparatively small foils. The density
of these foils in terms of W/S, or m/S (in kg/m®) is “very”
high. Neglecting the comparatively small surface waves
left behind these boats when “flying”, the inertial forces
are now fluid-dynamic lift (and induced drag). The
Froude number may be written in the form of

ViIgl) or (V& NA) or (VNA)

where k is indicating speed in knots, and A = weight of
the craft in long tons (representing its mass). These num-
bers have a definite influence upon the geometric con-
figuration of hull and foils. Since it is desirable to limit
the foil span to the dimension of the hull’s beam, the
following similarity numbers are statistically found:

1

(VNA)

for configurations with 3 foils

for “wing” plus stabilizing foil

= for a pair of foils in tandem

While it is possible to make a boat with 3 foils very small,
there is an upper limit to the size of operationally feasible
hydrofoil boats. The size (span) of the foils required,
simply outgrows that of the hull (beam). For a speed
below SO knots, therefore, the largest boat practicable
may be in the order of 400 long tons (some 400 metric
tons).
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Lift Coefficient. When comparing airplanes with each cth-
er, interpretation of the Froude number is as follows. The
fluid-dynamic force (lift) acting upon the ‘“‘vehicle” is
proportional to (QVZS), while the number reflects weight
and/or mass forces of the vehicle (subscript “v”"):

F )=V 'S)mi)=(g/p) Vil  (2)

where the significant area S = fz is that of the wing. The

FLUID DYNAMIC LIFT

In other words, the lift coefficient

CL =2(W/eV°S) = 2/F) (44)
is the equivalent of a Froude number. Table 1 has been
prepared, containing characteristics of several typical, but
extremely different lift-supported vehicles (including
birds). It can tenatively be assumed that all of them fly
(cruise, climb, keep aloft) at the “same” lift coefficient,

b 0.3 and 0.7.
subscript ‘a’ indicates ‘ambient’, while g, is the density of say between 0.3 an

the airplane (in kg/m ). This type of Froude number thus
contains a density ratio. The mass density of a conven-
tional airplane may be m/V = 200 (kg/m’ ), in comparison
to 1000 for water, and roughly 1.0 for air (at an altitude
of 7 km). The density ratio for an airplane is in the order
of 200, accordingly. To support the craft by means of
aerodynamic lift, the speed in (9\/3/12) has to be much
higher than that of a hydrofoil boat, say between 200 and
800, instead of 40 knots, for example. Equation (42) can
now be rewritten as

STOL — airplanes necessarily need to have exceptionally
high lift coefficients (possibly up to 8). One example is
included in Table 1 on “size and speed”. Structurally,
such aircraft must be expected to be limited in size (wing
area and span). High lift coefficients are obtained by
trailing edge flaps, by propeller-slipstream deflection, and
finally by direct application of thrust (as in helicopters,
for example). Figure 8 demonstrates how in helicopters,
VTOL and STOL aircraft lift is ideally produced, by
deflecting a stream tube of air or by direct downward
deflection.

(m/g)/(pV7S)=W/g Vs =2CL (43)

TABLE I

Table I, average characteristics (in rough and round num-
bers) of various lift-supported “vehicles”, including birds.

3
m = mass (kg) p, =m/¥ kg/m®
S =wingarea (m?) Vi =speed knots
b =Span (m) A, = weight I’tons
2z
“vehicle” Wkp)  bm) Sm®) (m) WS Vo %4 vy G e B
buzzard (22) 1 1 0.2 0.4 4 18 90 9 0.7 8 3
albatross (22) 8 3 1 1 8 33 130 17 0.5 8 4
small airplane 1,000 10 20 4 S0 130 200 65 0.4 11 9
STOL airplane 5,000 20 35 6 140 40 3 21 5.0 20 4
fighter airplane 8,000 18 18 4 440 520 370 260 0.2 160 10
CS-A airplane 250,000 60 600 22 420 480 190 240 0.3 50 10
hydrofoil boat 100,000 10 25 5 4000 40 19 20 0.3 1 8

(Ff ) is as in equation 42. Note that numerically, W(kp) =
m(kg). The ‘“huge” airplane is assumed cruising at an
altitude of 10 km, wkere air density is less than half of
that at sea level. The hydrofoil boat is “flying” in (or
above) water, where density is a 1000 times that of
atmospheric air at an altitude of 2 km.
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High Altitude means low density. The value of density at
10 km (30,000 ft, where airliners obtain their longest
range) is roughly 40% of that at sea-level. Similarity in the
geometric design (wing area in comparison to fuselage
dimensions) of two airplanes, one designed for low, and
the other for high altitude (say 20 km as the SST, where
density is only some 7% of that at sea level) can only be
maintained when keeping the Froude number as per equa-
tion (42) constant. A larger airplane will statistically have
to be designed for a higher speed; and when flying at
higher altitude, the speed has to be higher again. These
considerations lead to supersonic cruising speeds (as in the
SST).

Control. High lift coefficients are usually produced by
part-span flaps, while the tail surfaces and particularly the
ailerons of an airplane, remain unchanged. Considering a
rolling STOL, similar to that in the *“size-speed”” table, but
flying at C,_ = 0.8 for example, the control ‘power’ corre-
sponds to the low value F{" = 2.5. Control effectiveness
would ithus be only % that 0f the fighter airplane. It can
also be said that the control surfaces, or their area ratio
(control/wing) should be 4 times as high to obtain the
same result as with the fighter. The low Froude numbers
of the birds as in the table, suggest that they have a highly
effective automatic control system, in the form of feel,
instant reaction and muscles serving as actuators. They
also have variable areas in their wings and tails; and they
can twist all surfaces to a degree not found in conven-
tional man-made airplanes.

Dynamic Stability. The motions of an airplane, resulting
from the combination of fluid-dynamic forces (such as in
the tail surfaces, for example) and forces arising in the
masses of the craft as a consequence of acceleration (and
deceleration) determines the dynamic characteristics (19).
The term in the equations of motions accounting for these
forces is the relative density, or the ratio of the mass of
the vehicle to that of the fluid affected. Therefore, the
Froude number as in equation 42 could directly be used
when determining dynamic stability. For example, oscill-
atory motions of an airplane will be “similar” to those of
a properly built wind-tunnel model, when the Froude
number is kept constant. On the basis of the F’numbers in
Table 1, it can also be expected that a fighter-type air-
plane can be very stable.

Advanced Vehicles. Table 1 in this section only preserits
examples of birds, airplanes and a hydrofoil boat. In
reality, there is a wide range of size and speed in each
category of vehicle, depending among others, upon power
or thrust installed. For example, a fighter airplane is
designed for high speed; its Froude number is particularly
high, accordingly. Nevertheless, there are statistical trends
evident; the average lift coefficient decreases as the size is
increased; the Froude number increases as the speed is
increased. The speed-size relation is not usually considered
when designing an airplane. Power available and speed ure
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L = Lifrst
R = Resultant

WIND
(a) Lift produced im wing by

defleotion of a stream tube
with the effeotivé diameter
equal to the wing span.
PLOW INTO DISK THRUST

PROPELLER OR

ROTOR DISK,

DIAMETER 4

(b) Thrust of a 1lifting
propeller or heli-
oopter rotor, pro-
duced by mass of air
acoelerated in

—— downward direotiom.

SLIPSTREAM OR JET
DIAMETER 4 = 5//2—

Figure 8. The origin of lift:
a) produced in a wing by deflecting a streamtube of air,

b) produced by a fan, propeller or helicopter rotor.

a matter of specifications for a particular type of airplane
required. To produce this aircraft, is then a matter of
structural design, engine development, the introduction of
new materials. For example, the increase of maximum lift
from C_y = 1.5 (say around 1930) to 7.5 as in STOL
airplanes (around 1960 or 1965) is made possible by
elaborate structural innovations, such as triple-slotted
wing flaps and tilting wing-engine-propeller combinations.

(20) Calculation of airplane performance:
a) Oswald, Performance Formulas and Charts, NACA Rpt
408 (1932).
b) Diehl, in “Engineering Aerodynamics”, Ronald New York,
1928 to 1936.
c¢) Wood, “Technical Aerodynamics’, McGraw-Hill (1935,
1947) by author (1955).
d) Perkins-Hage, “‘Airplane Performance Stability Control”,
Wiley 1949,
e) Dommasch, “Airplane Aerodynamics”, Pitman 1951.
f) Wood, “Aircraft Design”, Johnson Publishing (Boulder,
Colo.) 1963.
g) Breguet, Endurance (1921); see J.Aeron Sci 1938 p 436;
see (b).

(21) Characteristics and Performance of KC-135 (Boeing 707):
a) Vancey, KC-135 Flight Tests, Edwards AF Base
TR-1958-26; AD-152, 257.
b) Tambor, Flight Tested Lift and Drag, NASA TN D-30
(1960).
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It is not yet clear where the consideration of size and
speed similarity (or dissimilarity) can be of practical value.
One example in this respect seems to be the control of
aircraft. In very high altitudes (low air density, as in
NASA’s more or less ballistic X-15) and/or at low speeds
(as in STOL airplanes) aerodynamic devices are no longer
sufficient. Suitably located gas jets, coupled with auto-
matic sensing and actuating devices, therefore, have to be
used. An awareness of the influence of size, speed, densi-
ty; and, of course, the anticipation of limitations or diffi-
culties such as supersonic effects (or cavitation in water)
may prepare the designer for the effort in research and
development required, before proceeding with the con-
struction of any advanced vehicle, or the introduction of a
new mode of lift-supported transportation.

6. AIRPLANE PERFORMANCE

Methods of performance determination, such as finding
the takeoff distance and rate of climb are not the purpose
of this book. To point up the significance of certain
aerodynamic characteristics that influence the design and
selection of the various components of the airplane, some
important principles of performance are presented, how-
ever. These will include the primary design flight condi-
tions of the airplane such as takeoff, cruise, high speed
and landing. For more complete analysis of aircrafr per-
formance there are many excellent sources available (20).

Takeoff. The takeoff performance of an airplane, field
length and distance over an obstacle, is directly influenced
by the thrust, weight, C_, and drag. To accelerate
the aircraft to the takeoff speed, high thrust to weight
ratios are needed with a low drag to lift ratio. The speed
at takeoff is a function of the maximum lift at the
selected flap angle and the wing loading. In the case of
large aircraft the rules for safety effectively determine the
takeoff distance. As a result, the rate of climb with one
failed engine at takeoff speed may be specified and be the
determining factor. This is discussed in Chapter VI and
determines the lift drag ratio at takeoff as well as the
takeoff flap angle setting. The flap angle setting then
establishes the lift coefficient at the takeoff speed which
is usually

C. (at takeoff) = C_x /1.44 (45)
where C__, is maximum lift coefficient, the airplane in
the takeoff configuration with the flaps at the proper
angle and the landing gear down.

Climb and Descent. The rate of climb or descent is de-
pendent on the difference in power available or requ red,
the weight, velocity and the drag. Thus

w, =(T — D) V/W (46)

FLUID DYNAMIC LIFT

Equation 46 shows that a high lift drag ratio is required
for a high rate of climb. High rates of descent are obtained
at low lift drag ratios and at low or negative thrust
conditions. Thus drag spoilers and thrust reversers are
sometimes used to achieve high descent rates.

Takeoff Figure of Merit. Since both the distance and
steepness of climb after takeoff are important the relative
performance can only be judged by a factor that takes
both the C, for takeoff and the rate of climb into effect.
This may be done by finding the maximum rate of climb
after takeoff at a minimum flight speed. Since for a given
engine

w. /[V=T/W-D/L=C-Cp/C, 47)
since V at takeoff is V ~ YC_ we can establish a figure of
merit for takeoff as

3
FM,,~ Cp5 /C. (48)
When the FM,, is a minimum the angle of climb is a

maximum. This factor gives an initial indication of the
relative performance of different systems.

High Speed is basically made possible by reducing the drag
coefficient of an airplane increasing thrust and by flying
at higher altitude (in air with lower density). There are
some effects, however, resulting from lift to be mentioned
here:

a) Leading-edge devices such as slats in particular, are
likely to precipitate turbulent boundary-layer flow, be-
cause of the gaps and sheet-metal edges left when closed.

b) Not only the gaps of the trailing-edge flaps and ailerons,
but also the arms or tracks supporting, and the devices
deflecting them, are bound to contribute to drag.

¢) A twisted wing can have a considerable amount of
induced drag, even at zero total lift.

d) The horizontal tail surface may be loaded down at high
speed, thus producing its own double trailing-vortex sys-
tem, and making a higher lift coefficient necessary in the
wing.

e) When flying at higher altitude, lift and induced-drag
coefficients are necessarily increased. The induced drag (in
newtons or pounds) might remain unchanged, however.

(22) Lifting characteristics of birds:
a) Lilienthal, “Bird Flight and Aviation”’, Translation London
1911.
b) Holst and Kuchemann, Probleme des Tierfluges, Natur-
wi'schaften 1941 p 348.
¢) Holst and Zimmer, Vogelflug, J. Omithology 1943 p 371
& 406.



| — GENERAL INFORMATION

Drag and Liff™ An airplane operating characteristics are
determined according to its mass or weight, thrust or drag,
and speed. So, while in the rest of this book almost
nothing but coefficients are presented, ratios and meters
per second are plotted as for example in figure 10. Drag
consists of two components. The first, the “viscous” or

“parasite” drag is essentially proportional to the dynamic
pressure g = 0.5 fVZ. Thus

D, =Cp0,S (0.5 0 V') ~oV* ~ v

In order to be independent of altitude and density, the
“equivalent” airspeed is useful, that is the value “indi-
cated” by an airspeed indicator calibrated for sea level
density.

A =V>/j-’—/§, : Vez=V (Pl )= 2 W/g S)/C. (49)

where (2 W/p, S) = constant for a given airplane in steady
flight, without fuel consumption (and disregarding com-
pressibility). The dynamic pressure is then

2
q=05 @ Ve =Ve/16

in( kg /m—s°)=(N/m?)

where ¢, has a standard value (— in kg/m3, as in figure 3)

and Ve in m/s. The second component of drag is that due

to lift. The major portion of this drag is the induced drag.

To account for some viscous drag originating as a conse-

quence of lift, Oswald (20,a) has introduced a span-

efficiency factor which we will designate by a. The drag

due to lift:

2 . 2

D; =W7/wqab =K (m/Ve b)

in (N =kg-m/s%) (50)

where m = mass of the airplane (in kg). As a rule of

thumb,4Cp = 0.01 CE , so that forA=6,4C5/Cpt =

20%. For statistical purposes, then a=1/1.2, and
K=2 gz/TTJoa a = 60 = constant

in (m® /kg-s*) (51)

Speeds. In terms of the indicated or equivalent speed, “ne
lift of an airplane is
L=(Wi=mg=C_qS=C_ 050, VS (52)

The speed corresponding to a given lift coefficient is
accordingly:

Vo = V(2g/p Mm/SC, ) =

4 gm/SC in (m/s) (53)
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where (m/S) in (kg/m?) = mass loading of the airplane and

@;Tfa = 4 Vg = constant, in (m¥/s*~kg). Considering
now a sailplane in calm air (without any supporting up-
wind) its “effective” (reduced to sea level) sinking veloci-
ty w (in vertical direction) is essentially

wVels =/ 2W/ g S(CL/CT) =
V(2/g ) (m/S) (Cp/C* )

Disregarding any possible influence of Reynolds and Mach
numbers, all of the right side of this equation is given for a
particular airplane configuration. The sinking velocity is
found in part (b) of figure 10.

(54)

A = AILERORS
P = WING FLAPS
S = SPOILERS

b = 131 1t mean chord =20 ft
s = 2433 1t horizomtal tail = 500 £+
A = T4 - angle of sweep = 35 deg
W = 100 kip completely empty

W o= 300 kip with maximum load

§ = 30 deg < flaps during takeoff

T = 11000 1b | continuous rated thrust

at sea level for dach of 4 Pratt & Whitney J-57 (1957)
By =3 to6 107  in flight up to 36,000 ft

Figure 9. Planform view and principle data of the USAF KC-135
tanker airplane (prototype of the Boeing 707 airliner) as of 1958
(21).

Landing. The minimum landing speed of an airplane de-
pends on the maximum lift coefficient that can be de-
veloped. Since the stopping distance after landing is in-
fluenced by the touch down speed, it is desirable to have
wing systems that produce as high a C,_y as possible.
Although drag is important in case of an aborted landing,
lower lift drag ratios are acceptable with high values of
C_x ashigh levels of power and lower weights are usually
encountered during landing, see Chapter VI.

Thus the landing speed will be some factor, say 1.2 times
the stalling speed which is

1,
V. =12 (295W/0 Sy Coy)? (55)

Where V,_‘ is the landing speed in knots and W the landing

weight.
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Evaluation of KC-135. We are now in a position to derive
drag and lift of an airplane and its equivalent velocities (in
m/s) either from flight tests or from given drag and lift
coefficients. Performance data of the Air Force’s KC-135
tanker (refuelling airplane, prototype of the Boeing 707)
are available (26). We are using the flight-tested results, to
explain the aerodynamic principles of performance. Di-
mensions and data of the airplane (as in 1958) are listed in
figure 9. We have assumed W = 200,000 1b, and a com-
bined constant thrust of 40,000 Ib. Evaluation of the data
particularly in (21,a) 1r1d1cates an extrapolated Cp, =
0.013, and a dCD/dCL = 0.053. The span efficiency

factor is a = 0.84, for “clean” condition (flaps neutral,

landing gear in). The extrapolated minimum drag co-
efficient is Cp, = 0.013, so that approximately

Cp =0.013 +0.054 C;

Results are plotted in figure 10, in form of force ratios
and equivalent speeds.

Takeoff. In case of the KC-135, 30° of flap deflection are
recommended for takeoff. A corresponding (D/1.) func-
tion is shown in part (c) of figure 10. It is seen, however,
that after leaving the ground, neutral flaps (and a re-
tracted landing gear) provide a much higher rate cf climb.

For Climbing, excess thrust is required. The fastest climb
(tirat is the highest vertical velocity w) is obtained at the
speed where (D/L) = minimum, or (L/D) = maximum (as
in part (a) of the illustration). We may be interested,
however, in a steep (rather than a fast) climb, say over an
obstacle (such as a building). The minimum thrust required
to do this for a ‘“‘clean” airplane corresponds to the
minimum of the sinking speed as in part (b) of figure 10.
According to equation (55) the optimum speed of lift
coefficient is defined by a minimum of the parameter

(Co/C 7%y or(c? il

2/3
or(Cp /CL) (56)
' 2.
Reasonable numbers are obtained when using (Ci 1Co )-
In case of the KC-135, we find at Ve = 100 m/s, a value of
212.

Range. The sailplane mentioned above will travel farthest
when gliding along the lowest possible angle, indicated by
the tangent from the origin of graph (b). The point found
is at the same speed where L/D = maximum, as in part (a)
of figure 10. However, in a powered airplane, the miles of
distance flown per unit weight of fuel burned, has to be
considered. The tangent as in part (c) indicates an opti-
mum speed of 150 m/s, for a C = 0.29, in the example
of the KC-135. Here as in the case of endurance, it has to
be taken into account, however, that the weight of the
airplane reduces considerably (possibly to half) as the end
of the flight is approached (20 g).

FLUID DYNAMIC LIFT

Endurance (the number of hours staying aloft with a given
supply of fuel) is maximum at the speed where the sinking
speed is minimum. This point corresponding again to a
minimum of the parameters in equation (56), is found in
part (b) of the illustration.

L/D
20¢ ey ——— ! Bl
P
<
/ \ (a) LIFT/DRAG RATIO
X
10 | CL=0.48 N _
X FASTEST CLIMB \x N
[ =
Crx = 1.2
O e i J
0 100 200 v, mwws 300
EQUIVALENT (INDICATED) AIRPLANE SPFED —————+—
KN
OO 00 200 300 400 500600
— T T T T 7
Y F=X~<j3—- —___ SMALLEST GLIDE ANGLF
v \X
min N (b) SINKING SPEED
-20+ LONGEST GLIDE (GLIDING)
LONGEST ENDURANCE
AT C = 0.66
e TN /s AND sTi:?PEs: CLIMB X
-4OL sNkinc spEED , /¢ = 212, \ =)
(EQUIVALENT)
l V ] Vm&l
D/L c =1
L 40,000 1b CONTINUOUS THRUST .
ozr Cpx = 1.5 . =
? P /TA.K%NG OFF ,( -
(30° FLAPS) c) DRAG/
\ ' x/ LIFT
: ¥ / RATIO
Ql+ . LONGEST RANGE x "CLEAN" -
-2~ (FLAPS NEUTRAL
L/‘— LANDING GEAR IN)
0 S L } ¢, = 0.29 SPEED V. m/s
0 /OO 200 300

Figure 10. Flight-tested performance (lift and drag) of the USAF
KC-135 tanker airplance (21) prototype of the Boeing 707 air-
liner.

Propeller-Driven Airplanes may have constant engine pow-
er available. Even assuming a variable-pitch, constant-
speed propeller, neither net power nor thrust are constant,
however. Qualitatively, performances are as follows:

a) During the takeoff run, propeller efficiency increases,
possibly to near maximum, while thrust reduces.

b) Assuming constant efficiency and constant net power
in terms of (T V), maximum climb velocity depends upon
excess power (rather than thrust). The corresponding
speed V is, therefore, lower than that of a same-size
jet-powered airplane.

¢) Regarding range, a minimum of (power times
time)/(speed times time) = (D V)/V =D has to be found.
This will be at the speed where (D/W) = minimum.

d) Both in jet- and in propeller-driven airplanes, maximum
altitude (ceiling) and minimum turning cnrde wnj approxi-
mately be obtained for the point where (CD /C. ) is mini-
mum.
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CHAPTER Il — LIFT CHARACTERISTICS OF FOIL SECTIONS

The basic element of every wing or control surface
and that of “vanes” and propeller blades, id est of all
“lifting” devices (in air or in water), is the foil sec-
tion. Lift- and pitching- moment characteristics of
such sections, in two-dimensional fluid flow, are pre-
sented as follows, as a function of shape, skin fric:-
tion and Reynolds number.

MAXIMUM THICKNESS

'POSITION x/¢ OF

2& = TRATLING EDGE
ANGLE tan€ = t/c

NOSE RADIUS r — ) \
e - A) THICRNESS DISTRIBUTION
£/ =1 (8/e) MAXIMUM THICRNESS t 0020

TRAILING EDGE TANGENT = 2 f/Ax

LOCATION OF CAMBER

x = e
MAGNITUDE| f = B) MEAN OR CAIBER LINE

AS FIGURZ 8,A; 40 %

C) CCMBINATION OF THICRNESS
(A) WITH CAVBER LINE (B)

Figure 1. Basic geometry of airfoil sections shown
by the example of 0020/4420.

(1) Practical information on foil sections and their mechanics
can be found in engineering books, such as:
a) Diehl, “Engincering Aerodvnamics”, Ronald 1936.
b) Prandtl, “Fiihrer Strémungslehre”, 1942; “Essentials
of Fluid Dvnamics”, London & New York 1952
¢) Goldstein, “Developments in Fluid Dvnamics”, 1938
d) Schlich!ing,'Boundarv Laver Theory] Mc-Graw-Hil
e) Wood. “Aircraft Design”. Author Uni Colorado, 196%.
f) Pope. "Wing and Airfoil Theorv”, McGraw -Hill
(2) Earlv investigations of wing sections:
a) Lilienthal, *Vogelflug/Fliegekunst”, Berlin 1889.
b) Eitfel, *La Résistance de I'Air et I'Aviation”; and
“Nouvelles Recherches . . ." Paris 1910, 1919.
¢) Munk (& others), Svstematic Tests, Tech Berichte
der Fliegertruppen Vol I (1917) and Vol 1T (1918).
(3) McLarren, "Wright Flver™ Aero Digest Julv 1953,
(4) Theory and tunnel testing of Joukowsky secrions:

a) Joukowskv, Zeitschr Flugtech Motorluft 1910,

p 281: also i his ";\(fr(»(lv\‘n;nniqn(‘". Paris 1916,
b)Y AVA Gottimgen, 36 Foils, Erg TH & TV (1927/32),
O Glavert, Generalized Familv, ARC RN 911 (1624

AV ARC, Serves Tested, RN T2 (19291 & 1870 (19305,

1 GEOMETRY AND GENERAL

Before we can evaluate available experimental
and other information, we will consider the
geometrical shape of foil sections. We will
also discuss methods and limitations of testing
foil sections.

AIRFOILS, or aerofoils as the Britishsay, are
more or less flat surfaces producing or exper-
iencing lift (or “lateral” forces) in a direction
essentially normal to their plane. They have
usually a more or less round “nose” or leading
edge, and a comparatively slender wedge-like
afterbody, ending in a sharp trailing edge.
Figure 1 shows the geometric elements of such
a section; namely chord and mean or camber
line, thickness and thickness location, camber
and camber location. Regarding shape, there is
a nose radius. and a trailing-edge “wedge”
angle to be considered. Any section can thus
be fairly well defined by listing the various
dimensions in terms of the chord.

EARLY SECTIONS. Within the framework
above, there is an endless variety of shapes
that can be designed and tried. In fact, during
the last 50 or more years, thousands of sections
have been tested, and a smaller number of them
have been used in the actual building of air-
planes. Early researchers developed wing
sections completely by empirical methods,
imitating, for example, those of birds. The
sections investigated by Lilienthal (2,a) in the
past century, and many of those tested by Eiffel
(2,b) during the first decade of this century,
were comparatively thin, and cambered. They
are completely obsolete now, althoughtheyare
evidently suitable for birds (at Reynolds num-
bers below 10%2). A few of these sections can
still be found in (7,a); one of them is included
in figure 2. As flying was progressing from
just “hovering” at maximum L/D, thin sections
used in biplanes, were straightened to accom-
modate higher forward speeds.



high 1ift seotion G8-464 (7,a)
t/c = 6.3%, /0= 0%, Cp.=1.53
REMINDING of THOSE AS IN BIRDS

—_—

Ry = 3(10)8
biplane seotion RAP-15 (8,b) RM 888
t/o = 6%, /o = 3%, = 1.20
ROTE SPACE AVAILABLE POR TWO SPARS

6
By =2 (10)

section reportedly used in the uppar
wing of the Wright Brothers' "Flyer'(3)
t/c = 2,2%, £/0 = 7%, flown at Cy, x 06

Figure 2. Examples of early wing sections.

MODERN SECTIONS. Roughly between 1915
and 1925, sections were developed, as par-
ticularly reported in (7), eventually to be used
in cantilevered monoplane wings. The most
successful of these sections, such as G6-535
(a famous sailplane shape) or the Clark-Y
repeatedly tested by the NACA (32,a) in thick-
ness ratios between 6 and 22% (31,e) or the
British RAF-34, had a thickness ratio in the
order of 12%, a thickness location around 30%
and some camber; see figure 3. The first
systematic series of sections named after
Joukowsky (4,a) who established the mathema-
tical method of producing their shape and
predicting their circulation, is similar in shape
to those first sections. A number of 36 of these
“theoretical” sectlons were tested at Gotting=n
(7,a) at R, = 4 (10)° , with thickness ratios
between 6 and 36%, and with camber ratics
between zero and 20%. As shown in figure 4,
the tail end of these sections (in their original
form) is very thin, the leading edge is round,
with the maximum thickness in the vicinity of

but 25% of the chord.
(t/¢)/(£/6) l

05532 (T,8), (12.5/4.6)%
Cpy = 1.41 8% B = 4(10)°

R
','/l I///!"’
e .

Clark-Y (32,a), (11 7/3 9)5‘
Cpy = 1.53 8t B = 5(10)8

USA-35B (B,b), (11.6/4.6)%
= 1.39 at R = 3(10)

Crx

7
\\\\\‘0 \\\ \\\\ K
S NIl oY

FAF-34 (31,0), (12.6/1.8)%
Gy = 1449 at B = 3(10)6

Figure 3. A selection of wing sections developed
between 1910 and 1925, suitable in the design ¢f
cantilever monoplane wings.
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N 1400
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Go-431, 7.5%, Cprye = 1044
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Figure 4. Representative sections of the Joukovsky
series, tested at the AVA (7,a).

SYSTEMATIC SERIES. To establish some
order, several series (families) of practical
foil sections have been developed, by syste-
matic variation of their geometry.

(a) The so-called 4-digit series was published
by the NACA (31,a) in 1933, intended to be used
in practical design and constructionof airplane
wings. The maximum thickness in this family
is located at 30% of the chord (see figure 6) thus
reflecting the earlier empirical result that such
sections are most efficient, at the moderate
speeds then considered.. Thickness ratios
tested (first in the very turbulent Variable
Density Tunnel) are between 3 and 25%, later
extended to 35% (32,c). Camber ratiosareup to
7%, with locations between 20 and 70% of the
chord (see figure 25). Selected shapes of this
series are shown in figure 5.

An example of this series is
2 4 1 2 —- thickness t/c=12%
Lcamber location at 0.4 chord
camber ‘f’ = 2% of the chord
The 4-digit series was later modified (37) as to

nose radius and location of the maximum
thickness by adding numbers, as for example:

2412-34 — location at 0.4 chord
|_indicating the nose radius

As to the nose radius, ‘O’ indicates zero
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Figure 5. A selection of foil sections in the
NACA 4-digit series, including 23012 which can be
considered to be a modification of that series.

radius, ‘3’ (as in the example) 1/4 original
size, ‘6’ as in theoriginal 4-digit section, and
‘9’ three times the original radius.

(b) After disappointing experimentation with
reflexed camber lines (8) the 5-digit series
was developed at the NACA (33). By making the
mean line perfectly straight, aft of 0.2 or so
of the chord, the pitching moment C,,, was
reduced to “nothing.” Regarding thickness
distribution, this series is the “same” as the
4-digit type above. The most famous of the
family is the

2 3 0 1 2 — thickness t/c=12%
ltwice the camber locationat0.15 chiord
design lift coefficient = 0.2

It must be noted that the geometric camber is
replaced by the theoretical “design” lift co-
efficient (see figure 27).

NACA systematic series of airfoil sections.

(5) British information on airfoil sections:
a) Pankhurst, NPL Catalogue, ARC C’Paper 81 (1952).
b) Experimental results are found in (36).
c) Nonweiler, Survev. Aircraft Engg 1956 (July).
(6) Riegels, “Aerodvnamische Profile”, Miinchen 195%;
Theorv & Experimental Results Over Past 30
Years. Also “Aerofoil Sections”, Butterworth (1961).
(7) A variety of wing sections can be found in:
a) Ergebnisse AVA Géttingen, 4 volumes (1920/32).
b) Louden, Collection of Foils, NACA TR 331 (1929).
c) ARC:RAF-34. RM 1071, 1146. 1087, 1635. 1708, 1771.
d) Characteristics of airfoil sections from all over
the earth. at lower R'numbers collected in NACA T
Rpts 93. 124, 182, 244, 286, 315 (1920 to 1929).

Figure 6. Thickness distribution (shape) of several I
y/t k
4
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(c) Another modification of the 4-digit series
was introduced by the Germans (34), adding
digits to indicate nose radius and thickness
location much in the same manner as under
(a) above. Example:

0012 - 0.55 40—thickness location 0.4 ¢

one half original nose radius

Nose radii were tested between
r ¢/t = 0.275 and 1.10=(r/t)/(t/c) (1)

where 1.10 indicates the original nose shape of
the 4-digit series, and 0.275 one quarter of
that; see figure 7.

(d) With the advent of higher speeds, it be-
came necessary to vary the position of the
maximum thickness. Two things are expected
to be obtained by moving the thickness back
to between 40 and 50% (and by reducing the nose
radius at the same time); preservation of lami-
nar flow (lower drag) and postponement of the
critical speed (Mach number) brought on by
compressibility. An example of the most-
widely used so-called 6-series sections (38,b)
of the NACA is

2 — thickness ratio 12%

6 4 - 2 1

ldesign lift coefficient C_ = 0.2
location of minimum pressure at 0.4 ¢
NACA series designation for such sections

N
A) 4-DIGIT SERIES b
ALSO 230 . AND tane = 1.13 t/o
DVL - 1.1 = 30 \m /e
__NCSE RADIUS = 1.1 ¢ (t/c) T
1 1 + : i i # - £ 2 ’
0.2 0.4 0.6 0.8 xi 10

B) 63-SSRIES SECTIONS |

N NCDIFICATION "A

LEADING EDGE
0 Il i + i + 1
0 0.2 okt 0.6 0.8 s 10
| ), s +
4 s C) 64-SERICS SECTIONS |
v/t « KODIFICATION "A"

N4

SERIES "6 ICHS BASED ON N +
PRESSUZE DISTRIBUTION SHAZES; ~
SHCWE CORKLCT FOR t/c = 'C % NN
N N -
A ~
N

0 02 0.l o



t/o = 12 % »

0.28 45

45

Figure 7. Example of DVL modification of 4-digit

sections, as to nose radius and thickness location.

The designation ‘6’ indicates a certain type cf
the pressure distribution obtained by thickness
distribution. This series was tested almost
exclusively in a two-dimensional (between
walls) closed-type wind tunnel (38) at Langley
Field, with minimum pressure locations be-
tween 0.3 and 0.6 of the chord (see figures 6
and 9) and in thickness ratios between 6 an:
21%. Certain modifications were investigate:l
later (37,b) (38,e). An‘A’ inplace of the hyphen,
indicates that the cusped tail of these sections
is filled up so that a wedge shape results.
Sometimes an indication of a particular shape
of the camber line is added in the form cf
“a=0.6" for example, where ‘0.6’ means one
of the 11 mean lines (varying in location)
described in (38,b). Without this indication,
it is understood that, for example, one of the
two camber shapes as infigure 8 hasbeen used
in designing the section.~ Other series ar=
provided for in the NACA system correspond-
ing to the first digit between ‘1’ and ‘8’, which
all seem to indicate variations of the pressure
distribution. Only a few examples of sections
other than ‘6’ have been published (16). Th=
‘16’ series is used in hydrodynamics.

C) AS IN 63 & 64 SERIES

vt _‘.‘\\.\/ ey = -1 3
= 0.14 c, =cC.i3
'\ “sym
S
0 ———
2.t 28 xe  |o
AT 30 %) 40% CHORD A) 4-DIGIT TYFE S:CTIONS
, |
i —.
. 1 ‘ \ :b = _u.")ﬁ
v/ | = 0.13
N Loym 5.
f
| \
| PR ATBIR t ¢ = - 0.9° -
| .9 N
L =003 \\hs\\
B // sym
0 : S \
2 » 0,4 [ 0§ x/c (Ke)

Figure 8. Mean or camber lines of NACA svs-
tematic sertes of airfoil sections.
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(e) A system similar to (c) or the modified
(a) is occasionally usedin British publications.
An example (5,a) is as follows:

EC1250/0640
‘ ‘ | at 40% chord
6% camber
at 50% of the chord
12% thickness ratio
“cubic” afterbody shape
elliptic forebody shape

(35%) 63-012

€y =0

\
65-012

(41%)

|
64-212
Cpy = 0.2

Figure 9. Several examples of NACA Series-6 foil sections,
intended for high-speed applications. Sections designed as
to pressure distribution; and not directly through geometric

affinity.

TESTING TECHNIQUES. After learning about
shape and geometry of foil sections, it may be
useful to see how their characteristics are
experimentally determined. The only method
of imitating two -dimensional flow, is to test
a certain span of a constant-chordfoil between
parallel walls of a wind (or water) tunnel.
Another approach is to test a rectangular
airfoil (with an aspect ratio of 5 or 6) in a
tunnel, and to correct the results for the in-
duced angle (and for tunnel interference)
analytically. — A very interesting possibility
(9) is illustrated in figure 10. The two large
outboard panels of such a wing, induce a
component of upwashinthe center. Conditions
in this center are, therefore, close to two-
dimensional. Of course, lift or normal force,
moment and possibly pressure drag (or chord-
wise force) can only be measured by pressure
distribution along center line.
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FLOW DEFLECTION. As far as airplane
wings are concerned, their flow pattern is
never two-dimensional. Because of the limita-
tion of their span, the flow of fluid gets more or
less permanently deflected by such wings so
that the sections are actually exposed to a
curved stream of air. As aconsequence, thzir
characteristics such as pitching moment due to
camber in particular, must be expectedto very
as a function of the aspect ratio. In closed
wind tunnels, floor and ceiling more or less
resist any deflection (up or down) of the stream
by a lifting foil. On the other hand, investiga-
tion of wings or airfoils in open-jet wind
tunnels (where the stream of air getstoo much
deflected) can lead to errors opposite in sign
to those in closed tunnels. Statistical ex-
perience such as in (6) indicates that lift-
curve slopes in the NACA two-dimensional
closed tunnel set-up (38) are somewhat too
high, while those from the open-jet DVL tunr.el
(34) are somewhat too low. Reduced to two-
dimensional condition, the differentials are in
the order of plus/minus 5%. We have in the
graphs given preference to results obtainad
from airfoils with A= 5 or 6. In other words,
we will deal with average wings and not with
sections, in the end results.

v 2-DIMENSIONAL FLOW

Figure 10. Planform of a wing (9) designed so
that it experiences, along center line,
two-dimensional flow (no downwash).

(8) Reflexed foil sections for airplane wings:
a) Defore, In V'Densitv Tunnel, NACA TN 388 (1931).
b) Jacobs, “M" Series Foils, NACA Rpt 532 & 628.
c) 23012 (figure 5) considered to be reflexed ?
d) 2-R-12 Sections in VD Tunnel, NACA TR 460.
e) Moscow, ‘B’ Airfoils, CAHI Rpt 903 (1923).
f) British RAF-34 (figure 3), ARC RM 1771 (1936).
g) For supercritical M'Numbers, NACA T'Rpt 947.
(9) Fage, Lift and Drag = f(A), ARC RM 903 (192%).
(10) For example, a = 4 (as in the 64 Series of NACA
airfoil sections) means that at design lift, pressure due to
camber remains at its minimum plateau up to x = 0.4 ¢.
(11) Flow pattern and mechanics of vortices:
a) Betz, About Vortex Systems, NACA TM 767.
b) Newman, Trailing Vortex, Aeron Quart 1959 p 149.
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2. THE MECHANISM OF CIRCULATION IN
FOIL SECTIONS

The lift produced by a finite-span airfoil, such as a
plate for example, or an airplane wing, can physically
be understood as the upward reaction to a downward
deflection of a tube or cylinder of fluid having a di-
ameter equal to the span of the lifting element. In a
foil section (in two-dimensional flow) there is no perm-
anent deflection. Therefore, lift or normal force pro-
duced. must rather be explained as the result of
circulation.

A) CIRCULATION AT
¥ = 0, AROUND
CYLINDER OR A
CORE, ROTATING
WITH CIRCUMFER~
ENTIAL VELOCITY wy

B) COMBINATION OP
CIRCULATING PLOW
WITH A SPEED OF
TRANSLATION V = "

Figure 11. Theoretical flow pattern of circulation
around circular cvlinder or vortex core. At each and every
point, the local velocitv and direction corresponds to the
geometrical sum of (V + w).

CIRCULAR CYLINDER. Circulation can best be
understood by considering the circular cylinder as
in figure I1. There are several methods of leading
a certain portion of the air flow over the top. one of
which is rotation, thus producing the so-called Magnus
force to be discussed further in the chapter dealing
with “blunt bodies™. At this point, we will only make
the statement that a “circulating” motion “around”
the cylinder is set up by rotation. More fluid passes
over the upper and less under the lower side: and the
average velocity is increased and decreased, respec-
tively. According to Bernoulli's basic law, the static
pressure along the surface of the body is thus reduced
on the upper or suction side, and it is increased on the
lower or pressure side. The result is a lifting force,
id est a resultant of the pressure distribution the di-
rection of which is normal (vertical or lateral, as it
may be) to that of the basic stream of fluid and/or
to the axis of the cylinder. The configuration as in
the illustration thus yields a lift coefficient C, = 1.4,
while the theoretical limit for the flow pattern as in
figure 11, would be €, = 4w =12+.
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LIFTING LINE. When reducing the diameter
of the Magnus cylinder mentioned above, we
finally arrive at a “rotating line.” Together
with the surrounding circulating (but not
rotating) field of flow, that line represents a
vortex (11), and since it develops lift (if
restrained to remain at, or if “bound” to its
location) that vortex is a “lifting line.” The
flow pattern of this line, as that of any other
vortex, is characterized by the circumferential
velocity

w~1/r; or: (wr)=constant (2)
where r = radial distance of the fluid particle
considered. As ‘r’ increases, ‘w’ reduces
(eventually approaching zero). On the other
hand, when approaching the center of the vor-
tex, the velocity ‘w’ theoretically approaches
infinity. Actually, there is always a core
within which viscosity (11,b) slows down the
circulating motion, reducing it to rotation
(similar to that of a solid cylinder as in
figure 11,a).

THE CIRCULATION of the lifting line con-
sidered is
[=w2rm™ in(m%/s) (3)
where (2 r1r) = circumference of the circle
with the radius ‘r’ at which the velocity is
‘w’.  When going around the lifting line, or
around a rotating cylinder, or around a lifting
foil by a 1000 different ways, we arrive atthe
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L 1R
Lot 7 1 _
J
7/
0,% 1 . 0.072 —
R
o
0.6 4 / / — —
R STALLED
-
O.Lf + ~ -
) v
S o /
084 // - .
f/f / TWO-DIMENSIONAL ANGLE OF ATTACK “0
z
0 f/ } " — + }
/0 o 20 30

Figure 12. Lifting characteristics of a round-
edged, id est elliptical section.
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integral representing the same circulation as
above:

/—=fw ds in (m"/s) €))]

where ‘s’ = length of the wayonce around. This
circulation represents the lift produced by any
lifting device, or by any section of a wing,
around which the integral is taken.

FOIL SECTIONS, as used in wings or anything
similar in flatness such as a plate for example,
are not lines; in fact, only a mathematician
can produce lift by means of a line. To under-
stand the function of a wing section, we might
say that at an angle of attack, the pressure
side “leans” against the oncoming flow, thus
forcing a certain volume of air to go around
the usually rounded leading edge (nose), from
the lower to the upper or suction side. Along
the inclined and possibly cambered upper side,
the stream of fluid is thenlead downagain. The
airfoil is thus a device which forces certain
stream tubes to go over the top. Theoretically
this is not so certain, however. In an ideal,
completely non-viscous fluid, the flow would
pass around the trailing edge, from the lower
to the upper side, and from the stagnation
point near the leading edge, around the nose, to
a corresponding rear stagnation point, at the
upper side, near the trailing edge. The re-
sultant lift would be zero, while there would
be a “positive” pitching moment, tending to
turn the foil to higher angles of attack.

ELLIPTICAL SECTIONS. To illustrate this
flow pattern, the lift of an elliptical section
having a trailing edge as round as the leading
edge, is presented in figure 12. Disregarding
some secondary variations of the C (X)
function, it can be said that the lift-curve slope
is simply reduced in comparison to that of a
conventional airfoil section. The flow is
evidently separated from the round trailing
end; and the two separation “points” move,
together with the wake, steadily around the
end from the pressure towards the suction
side, as the angle of attack is increased.
Consideration of the pitching moment gives
some more insight into the flow pattern. At
Re= 2(10) , the center of lift is inthe vicinity
of 15% of the chord (strong suction forces
along the upper side of the section nose, in
combination with flow along the convex lower
side, possibly to the very end of the section).
The lift-curve slope as shown isthe minimum.
Since separation is a function of boundary
layer conditions, the characteristics of the
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section in ffgure 13 vary with Reynolds num-
ber. The lift-curve slope increases slightly
as that number is increased. Asthenumber is
reduced below 106 , the slope increases also;
and it reaches values very considerably above
those of conventional foil sections, probably as
a consequence of early laminar separationfrom
the lower side, in combination with attached
flow around nose and suction side (reattach-
ment after laminar separation). This flow
pattern is confirmed, at R, between (3 and
6) 10°, by Cp between 0.05 and 0.02 (which
means Cp, up to 0.3), by a location of the lift
force in the vicinity of 30% of the chord, and
by a maximum coefficient C, , approaching
1.0. - As shown in figure 13, thelift or normal
force of elliptical sections reduces with their
thickness ratio. Naturally, at t/c =1, that is
for a circular cylinder, lift (or lateral force)
is zero.

. |
06 ztrof \
oh] \A 8, = 2(10) —

THICENESS RATIO t/¢
e —

oL - P |
0 02 0% 0.6 0.8 l.o

1088

(12) Characteristics of elliptical sections:

a) Williams, Elliptical in CAT, ARC RM 1817 (1937).
b) Polhamus, Non-Circular, NASA TR R-46 (1959).

c) Dannenberg, “Airfoil” w’Suction, NACA TN 3498. (1955).

d) Gregory, Thick with Suction, ARC RM 2788 (1953).

(13) Characteristics of sharp-nosed sections:

(14)

a) Daley, 6% Thick Sections, NACA TN 3424 (1955).
b) DVL, Double-Arc Sections, see (6) or (34,c).
c) Solomon, Double Wedge, NACA RM A1946G24.
d) Critzos, 0012 to 180°, NACA TN 3361, 3241.
e) Lift in reversed flow similar to that in (d) for 2212,
Ybk D Lufo 1938 p I-90 (NACA TM 1011).
f) Lock, Symmetrical Also Reversed, ARC RM 1066 (1926).
g) Polhamus, Drag Due to Lift, NACA TN 3324 (1955).
h) Williams, 4 Circular Arc Foils, ARC RM 2301 (1946).
i) Note that flow does go around leading edge
(“no” boundary laver yet), to considerable degree.
In a manner related to that of maximum lift (see the
chapter on this subject) the lift-curve slope is also affect-
ed (usually increased) by stream turbulence. For ex-
ample (as reported by Millikan, CIT, around 1939)
dC, /dof 2412 increases from 0.094 (for 0.3% turbu-
lence) to 0.105 (for 5.3% turbulence) at R, = 1.4 (l()jb.

I

R
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TRAILING EDGE. In the caseof an essentially
sharp trailing edge (as we find it in all
practical wing sections) the velocity of the
particles around that edge would have to be
infinite (or at least extremely high), so that it
is obvious that skin friction (boundary layer
losses) in any realistic fluid would be equally
high. At any rate, it is a fact, that the flow
does not get around any sharp trailing edge ( 20)
so that the position of this edge controls the
circulation around the rest of the foil section.
Adopting the empirical fact, in the mathemati-
cal treatment of lift, the trailing edge isassum-
ed to be the rear stagnation point; and this
assumption is named after the two scientists
(17) who first introduced and used it, the Kutta-
JoukowsKky condition. The resultant flow field
around a foil section is the deformed equiva-
lent of a lifting-line vortex. As inthe rotating
cylinder, there is a circulating motion around
the section, caused by the sharp trailing edge
in combination with an angle of attack. Posi-
tion and direction of that edge primarily deter-
mine the strength of the circulation produced.

numbers as indicated, as a function of
their thickness or rounding ratio.

REVERSED 0012. After what is said about
round and sharp edges, the lift of the 0012
section as in figure 14 should be expected to be
very poor whed reversing the direction of flow
or flight. Surprisingly enough, the section
tested has a lift-curve slopenotonlyashigh as
in the conventional direction, but even slightly
higher. There is first the leading-edge flow.
As found in many tests withflatplates, a sharp
leading edge is “no” obstacle for the flowto get
around, and to continue (after a small local
separation) along the suction side. To explain
the increased lift-curve slope, we may suggest
two possible reasons. Oneisthatthe round but
separated trailing edge acts like a blunt edge
(to be discussed later). The other reason may
be found in the volume (displacement) of foil
plus wake. Increased velocities might thus
help to produce higher lift. Of course, the
maximum lift coefficient of the section with the
sharp edge leading, is but 0.8, in comparison
to 1.3 in the conventional direction.-Testing
conventional airfoil sections in reversedirec-
tion, is not as useless as it may seem at
first. In the rotors of helicopters flying at
higher speeds, it is quite possible that the in-
board portions of the blades are moving
against the air, with their sharp edges first.
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LIFT COEFFICIENT. Inappliedarodynamics,
the term “circulation” is not used very much.
The lift ‘L’ referred to the liftingarea ‘S’, and
to the dynamic pressure ‘q’ of the fluidflow, is
represented by the non-dimensional coefficient

CL=1L/qS= 2 [/cVv (5)
while the circulation producing the lift, is

F=c cv/2  in(m¥s) (6)

As a function of the angle of attack ‘ok’, the lift
of a flat and thin plate (in two-dimensional
flow) corresponds theoretically to

CL= 2T sinK (7
At small angles, the lift-curve slope is
dC, /dok = 2r; dCy /do’= 27%/180=0.11 (8)
and the “lift angle” (15) is:
do/dC = 0.5/r; or =090/m*=09.1° (9
ThlS function means that an angle in the order
of 9° is theoretically required, in two-dimen-
sional flow, to produce a lift coefficient equal

to unity, through the use of a plate or any thin
airfoil shape.
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Figure 14. Lifting characteristics of 0012
section 1n reversed flow (12.d).
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Figure 15. Lift of two 6% thick foil sections,
differing in nose radius, tested in tapered
wings with A = 4, on fuselage body (29).

SHARP LEADING EDGES. We have mentioned
(in connection with the reversed 0012 infigure
14) that a sharp leading edge can very well
produce a high lift curve slope. Theoretically,
evaluated from (13,g), the loss of lift, when
losing the leading-edge suction peak, is

AC = —(0.25/2%) * ¢ (10)

This would be 2.5% at C;_ = 1, and it would be
“nothing” at small lift coefficients. We have
evaluated lift-curve slopes as a function of the
leading edge radius ratio (r/c) for the 4-digit
sections (31,c) as well as for a seriesof more
or less sharp-nosed 6% sections (13,g). The
conclusion is, that in a 6% section, about 5% is
actually lost when making the leading edge
perfectly sharp, as in a double wedge section,
for example (having the same location of
maximum thickness). This much is indicated
in figure 21 as an increase of the lift angle at
t/c = 0. Sharp-nosed sections (with a cer-
tain trailing-edge angle) can also display a
lift deficiency (non-linearity) near zero or
symmetrical lift coefficient. The losses of
momentum at the sharp 1’edge evidently cause
an accumulation near the trailing edge. For
example, double-wedge or double-arc sections
as in (13,a,c) not thicker than 6%, already show
the non-linearity.
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THE NOSE®RADIUS of a foil section is a function of
thickness ratio and thickness location. One can
change the radius, however, according to equation (1).
As an example. lift and drag of a 6% section are shown
in-figure 15. There are evidently losses of momentum
in the flow when getting around the leading edge of
a thin airfoil. The difference in the lift-curve slope
of the two shapes tested. is some 7%. The optimum
size of the nose radius will also be a function of sur-
face roughness and Reynolds number (see later). and
of the Mach number (see the chapter on “compressi-
bility™). The maximum lift coefficient must alsc be
considered when selecting a radius for the leading
edge: see "maximum lift and stalling™.

4Cp,/ded = 0.01; FOR CCMPARISON
+ | - 1.2 [ S+
(:L / o I“"“: ¢

|
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PRRREL =)
S S
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e
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ANGLE OF ATTACK

U >

100 o’

c = 100 mm

b = 200 mm
between walls
R, = 6(10)5 effective, o= 15%
coefficients on area bc

o= 40% Cp = 0; Cp =od5

(15) For “lift angle” (d(x/dCL) see the “wing” chapter.
(16) NACA airfoil sections, other than ‘6’ series:
a) See NACA Wartime Report L-345.

b) ‘16’ Series, TN 976, 1546, 2951; TR 763 & 2951.

(17) W. M. Kutta (Bavaria, 1911); N. E. Joukovsky (Zhuko-
vskij) “father of Russian aviation” (1847/1921).

(18) Lift (and drag) of the 0070 section, tested by the
author, in the two-dimensional water tunnel

of Fieseler Aircraft Corporation, 1939.

(20) Influence of the trailing-edge angle:

a) Williams, Cuff Sections, ARC RM 2457 (1951).

b) See chapter “characteristics of control devices”.

¢) DVL, Modified 0015 and 0018, see (34,c¢).

d) Hoerner, 0070 in Water Tunnel, not published (13).
e) Batson, 0015 Modified, ARC RM 2698 (1943).

f) Beasley, Lift Reduction, AD-455,356; see (27.d).
(21) The 63 and 64 series sections have almost exclusively
been tested in closed two-dimensional tunnels. There
results have been disregarded in this text to a large
degree. The value of the (38) data is found in the com-
parison of the foil sections tested, with each other.
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INFLUENCE OF THICKNESS. Thickness
means displacement. As aconsequence, aver-
age fluid-flow velocities along the sides of
foil sections are generally increased over
those past a thin plate; and their lift-curve
slope is theorectically expected to increase
with the thickness ratio. As an extreme, we
may again consider the circular cylinder.
Assuming that we would manage by means of
boundary layer control around the rear side,
to displace the stagnation points from zero (at
the forward side) and from 180° (at the rear
side) both down toward 90° (at the lowest
point), without losing any momentum, its lift
curve slope would be dC_/do =41, rather
than = 21, as in thin foil sections. In theory,
therefore, the lift angle (15) reduces (as shown
in figure 21) as a function of the thickness
ratio.

Figure 16. Lift of the extremelv thick foil or

strut section 0070, tested (18) to an angle of 90%.
The lower and upper points plotted. correspond
to the time-dependent fluctuations of the separated
flow pattern. R'number above critical.

STRUT SECTION. “Streamline” sections, suit-
able to be applied in struts or in propeller
blades near the hub, have usually higher thick-
ness ratios than conventional foil sections. As
an extreme example, the lift coefficient of an
0070 section (18) is presented in figure 16.
The lift-curve slope at small angles of attack
is strongly negative (!) up to o« =~20°. The
flow pattern proves that negative lift is the
result of flow :separation from the upper side
of the section. As a consequence of the well-
attached flow along the negatively cambered
lower side of the section, suction develops
there, thus producing negative lift. As the
angle of attack is increased, the lower side
eventually produces predominantly positive
pressures and a correspondingly positive lift.
Also note that the maximum lift coefficient
at o« =90%, fluctuating between 1.0 and 1.2,
corresponds to suction forces developing a-
round the section’s nose. - Itis shownin (22,b)
how the lift function of anairfoil witht/c = 68%,
is almost perfectly linear, with a blunt trailing
edge (see later). It can also befound in Chap-
ter III of “Fluid-Dynamic Drag,” that the
maximum lift of a section with t/c =40%, is
increased from C , =-0.8 to 1.15, when blunt-
ing the trailing edge to h=0.4t. Again, lift
as a function of the angle of attack is practi-
cally linear. It may not be desirable, how-
ever, to have much lift or lateral force in a
“strut.” The best method to keep such forces
down, is to provide a well-rounded trailing
edge.
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TRAILING-EDGE ANGLE. The shape of all
so-called streamline sections (designed for
subsonic speeds) is such that the afterbody is
more slender than the forebody. Flow separa-
tion is avoided or postponed in this manner.
Figure 17 presents the lift coefficient of a
foil section with thickness location at 40% of
the chord. In combination with a thickness
ratio of 18%, a trailing-edge angle (included
by upper and lower side) of approximately 30
is thus obtained. As a consequence, when
rotating the foil out of zero angle of attack, the
boundary layer (id est its thickness, but not
the material itself) switches from one side to
the other. The growth at (and possibly some
separation from) the upper side, and the suc-
tion of the attaching flow at the negatively
cambered lower side, are so strong, that a
negative lift-curve slope is produced atangles
between plus and minus 1.5°. The positive lift-
curve slope (above = 1.5°) is almost equal
to that of the same type of section with the
thickness located at 30°f the chord. The later
figure 33 includes a different example of
trailing “wedge” angle on a comparatively
small beveled portion of the chord. While any
of the “wild” effect as in figure 17, is not
evident, the lift-curve slope near zero lift, is
noticeably reduced. Such an effect of the
“wedge” angle is particularly known in con-
trol surfaces where effectiveness and hinge
moment are both a direct function of that angle
(as explained in the chapter on “control sur-
faces”). In figure 18, it is shown how the
lift-curve slope (of symmetrical sections,
around & = 0) reduces, and the “switching”
angle (defined in figure 17) increases, as a
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Figure 17. Lift as a function of angle of attack
of a section having a large trailing-edge angic.
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function of the trailing wedge angle (or of the
half angle £). At tan€ between 0.3 and 0.4
(that is between 16 and 22°) the slope of the
lift seems suddenly to switch from positive to
negative. Here again, the Reynolds number
(affecting boundary-layer conditions) must be
expected to have an influence. As seen in
(20,a) for example, “switching” and negative
lift-curve slope are not obtained at smaller
R’numbers (below 108 ). Since delay and
switching do not take place in round-ended
(elliptical) sections, it can be concluded that
a sharp trailing edge (with a certain wedge
angle) is necessary for producing the flow
pattern described.

t/c =20 %
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Figure 18. Lift-curve slope and “switching”
angle of thick foil sections as a function of the
trailing-edge angle as defined in the graph.

BLUNT TRAILING EDGES have an effect upon
section characteristics which is precisely
opposite to that of large trailing wedge angles.
In fact, the angle included by upper and lower
side is naturally reduced when thickening the
trailing edge. Figure 19 presents an example
where an 0018 airfoil was shortened by cutting
off 5% of the chord from the trailing edge.
Results of blunt edges similar to this one are
generally as follows:

(a) Any weakness of thelift-curve slopeinthe
range of small angles of attack (if any) can be
cured by making the trailing edge thick and
blunt. This may again be important for con-
trol surfaces such as ailerons.



Il — FOIL SECTIONS 2. 11

- (¢) The maximum lift coefficient of the section
S SRR e in figure 19 is noticeably increased. However,
' if considering C . /Cpmin 2asafigureof merit

for a wing, the test does not showany advantage

R, - 2.6(10)8

o .ﬁm of the blunt-edged (102) over the original
ON ACTUAL AREA (b ©) e section (142). It is only when thiCkening

Towema (rather than cutting off from) the trailing edge,
thus keeping the ratio t/c =constant, that a
very small improvement of the figure of merit
(143), can be found (23,c) for the type of section
e = e, e < 0 as in the illustration, for a very modest thick-
— ' - ness ratio of the trailing edge (in order of

h/c=0.5%, or h/t=3%). Full-scale, this
might be 1 cm; but the edge should be sharp
to be of benefit.

0l 80§ = 0.090 _

o6l
o4 _

ol - .
Results of another foil section are shown in

. ) figure 20. When cutting off a small piece of
\ e the trailing edge, the boundary layer accumu-

N /,/ T ban 0. lation as indicated in the illustration is evident-
7 ly cut down too, so that the slope of the lift

Figure 19. Lift .of an 0018 airfoil with and without a coefficient (referred to the reduced area) in-

blunt trailing edge (22,c), produced by cutting creases, to a certain maximum as shown. For

off from that edge. The angle of attack is re- similar results on 0012 see (22,a).

duced to 2-dimensional conditions by analysis.

coefficients on reduced areas (b.c) 90
(b) The lift curve slope is somewhat increased ——— a
above that of the same section having a con- T Lmax
ventional sharp trailing edge. In the case of . . . s
figure 19, the slope (reduced to two-dimen- €duced to 2-dimensional NG
0.15 4

sional condition) is a full 10% increased over
that of the original section. If considering
lift (id est, L/q of the wing as tested) rather
than the coefficient (referred to span times
chord shortened from the trailing edge), we
still obtain 5% more liftfor the section with the
blunt edge than for the sharp-edged original
section.

(22) Airfoil sections with blunt trailing edge: Figure 20. Influence of cutting off from the trail-
a) Smith-Schaefer, Cut-Off 0012, NACA TN 2074 (1950). R ing edge upon the sectional lifting characteristics
b) AVA, Cut-Off Air-foil, Ergebnisse III (7,a). of the foil section G6-490; (7,a) (22,b).

¢) Swaty, 0018 Cut-Off, Yearbk D Lufo 1940 p I-58.
d) Engelhardt, Wake Survey Behind Thick Trail
ing Edges, Aerody Lab TH Munchen Rpt 4/1944. INFLUENCE OF FRICTION. Inreality, the lift

e) Okamoto, Aeron Inst Tokyo University Rpt 131. angle is never as low as predicted by theory
(23) Strut sections with blunt trailing edges: (equation 9), not even in sections with “opti-
a) Barlow, Propeller Shanks, NACA T Rpt 852 (1946). mum” thickness and shape. Because of skin
b) Strui Sections, ]unl:e.rs ‘:run.xlel Rpt S..l943/85‘.’ friction and boundary layer growth along the
¢) See "pressure drag” in "Fluid-Dynamic Drag”. suction side of lifting foil sections, the angle

(24) Correlation of lift-curve slope as a function of the ‘ s L
trailing-edge angle, as in (9), confirms the faet that I.]ecessary to produce. a Certéln lift ‘coeff1c1ent
sections with cusped (concave) afterbody distinctly dif- is larger than a'ccordmg to circulation theor}"
fer from straight or convex shapes. The growth (displacement) of the B’layer is

(25) Presentation of Airfoil-section theory: usually of such a nature, however, than the
a) Munk, Wing Section Theory, NACA TR 191 (1924).  Straightness of the C| () function is pre-
b) Glauert, “Elements Foil Theory”, Cambridge 192€. served for practical purposes, for all but the
c) Theodorsen, Arbitrary, NACA TR 383,411,452. higher thickness ratios, within the range of
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FLUID-DYNAMIC LIFT

Figure 21. The lift angle of airfoil
sections as a function of their
thickness ratio (15).

o NACA, 0025/35 IN FST (32,c
// o ARC, 0015/30, 3(10)‘? (36,ag
e Y Y — — =R * — ) _ A FROM VARIOUS OTHER SOURCES
\~\f_:_—=_=‘_:"—_'——c;ms:onma:msnm & AVA, AT 4(10)° & 3(80) (6g
T T —, o NACA, IN VDT, 3§1o)5_ §31,c
S L THEORY; dCy/da 2= 0.11 + 0.09(t/o0) v ARC STRUTS AT 3 10)‘ 36,c
x DVL (HOZRNER), CILARK-Y 534
-~ NACA 63/64 IN 2 DIMENS (38
. | 1 THICKNESS RATIO te \ AVA, JOUKOVSKY SERIES (4,b
0 0 20 30 ‘H)%

lift coefficients excepting those approaching
the maximum. Sectional lift anglesare plotted
in figure 21, as a function of the thickness
ratio. It is seen that thetheoretical prediction
mentioned above, whereby the lift-curve slope
should increase with the thickness ratio (so
that the lift angle would reduce), does only
come true, say up to t/c=10%. Theboundary-
layer growth and the theoretical influence of
thickness evidently cancel eachothertoalarge
degree, so that the lift angle in the range of
t/c between 0 and 12 or 15%, comes out as a
more or less constant value in the order of

(dx¥ dCp), = 10° (11)

Where the subscript ‘2’ indicates conditions in
two-dimensional flow (id est at A = 00).

SECTION SHAPE. Although there seems tobe
an influence of testing technique (14), con-
clusions as to the influence of section shape
upon the lift angle in figure 21, are as follows:

(a) Sections with cusped (concave) afterbody
contour. (such as the 63 and 64 series, in
particular) have the highest lift-curve slopes
(21) and they maintain a lift angle slightly
below 10°, possibly up to t/c = 30% (20,e).

(b) All “conventional” sections (such as the
4-digit series ) with convex afterbody contour
and trailing—wedge angles of corresponding
magnitude, display a reduction of their lift-
curve slope) above t/c =10 or 12%.

(c) Roughness, even if only applied in form
of a stimulation strip near the leading edge,
increases the lift angle of sections, particular-
ly within the range of higher thickness ratios.

“EFFICIENCY.” The loss of lift of afoil sec-
tion as against potential theory, can be inter-
preted as an effective reduction of the wing
chord ‘¢c’= 2 c. Consequently, in two-dimen-
sional flow, in comparison to thin-plate theory
(equation 20):

CL-—-Z'a'.'rr sin, ; dCL/do(2= 2am;

doty /dC = 0.5/dw (12)
The commonly used airfoil sections have
efficiency factors (30) in the order of a = 0.9.
At higher thickness ratios as in figure 21,
(dox/ dCL) increases considerably. Formation
of a heavy boundary layer at (and eventually
flow separation from) the suction side, displace
the outer flow, away from the trailing edge so
that the circulation becomes progressively
reduced. Theory has tried analysis of this
effect; in fact, one author (27) has gone so far
as to predict the circulation of a certain foil
section from a boundary-layer survey taken at
the trailing edge.

20+ | I f +
ao g
dCL EQUATION, (30)
15+ - _
. A(/x———°
— &(28,4
(Tayeenm) = @
oaD ¢ (26,4)

10 428+ 00™4%(43,) —

—%—————————————THEZORY FOR t/c = 10 %

S+ —
Cpemin  ————3
0 } 4 | . |
0 ol 02 03 ok 05
Figure 22. Lift angle (15) of foil sections as a

function of minimum drag (friction and roughness).
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ROUGHNE§S. The section-drag coefficient in-
creases with the thickness ratio. Skinfriction
can also be increased, above thatas for smooth
surface condition, by roughness. Figure 22
presents dok/dC_ of various “conventionzl”
foil sections having thickness ratios between
12 and 17%, as a function of their minimum
section drag coefficient (as tested at small
lift coefficients). The liftangle increases con-
siderably; a value twice as high as that for
smooth condition, is not impossible, provided
that skin friction is sufficiently increased by
surface roughness and/or other “obstacles.”
For practical purposes, the slope of the lift
angle in figure 22 might be approximated by

A (dx7dC) = 180 Cpgmin (13)

(26 Influence of skin friction on lift, experimental:
a) Betz, Lift/Drag, ZFM 1932 p 277; NACA TM 681.
c) See results function of Reynolds number (40).
d) Batson, B’layer at Tr'edge, ARC RM 2008, 1998
(27) Analysis of lift as a function of drag:
a) Weinig, Lift Deficiency, Lufo 1938 p 383.
b) Stiiper, Lift f(Drag), ZFM 1933 p 439.
c) Preston, Boundary Layer, ARC RM 2725 (1953).
d) Beasley, Lift Reduction Due BL, ARC RM 3442
(28) Influence of surface roughness on lift:
a) Wieselsberger, Ringbuch IA9 (Durand IV p 19).
b) See Ergebnisse AVA Gottingen 111 (1926) p 112.
¢) Jones, 0012 & RAF-34 roughness, ARC RM 1708.
d) Hoemner, 0012 in Wat'Tunnel, unpublished (1939).
e) Hooker, Surface Roughness, NACA TN 457 (1933).
f) Muttray, On Joukowsky Sections, NACA TM 76¢.
¢) Bradfield, With Metal Gauze, ARC RM 1032 (1926).
h) Wood, Corrugated Surface, NACA T Rpt 336 (1929).
(29) Maki, 64A010 Modifications, NACA TN 3871 (1956).
(30) Neely, 44(12 to 24) A = 8 to 12, NACA TN 1270.
(31) Airfoils with A = 6 in NACA V'Density Tunnel:
a) Jacobs, 78 Related Sections, T Rpt 460 (1933).
b) Jacobs, Function of R'number T Rpt 586 (1937).
¢) Jacobs, Various Corrections, T Rpt 669 (1939);
this report is the best of the series.
e) Pinkerton, Various Sections, T Rpt 628 (1938).
f) Jacobs, 23012 Type, see references (33,b,c).
(32) Airfoils with A = 6, in NACA Full-Scale Tunnel:
a) Silverstein, Clark-Y Airfoil, T Rpt 502 (1934);
section named after Colonel V E Clark (1886 to 1948).
b) Goett; 0009, 0012, 0018 Airfoils, TR 647 (1939).
¢) Bullivant, 0025 & 0035 Foils, TR 708 (1941).
(33) Investigations and results on 23012 airfoils:
a) Jacobs, FS and V’Dens Tunnels, TR 530 (1935).
b) Jacobs, in V'Density Tunnel, NACA T Rpt 537.
¢) Jacobs, Foil Series in VDT, NACA Rpt 610 (1937).
d) NACA, with Flaps, T'Rpts 534 (1935), 664 (1939).
e) ARC, in CAT, RM 1898 (1937); RM 2151 (1945).
f) Doetsch, In DVL Tunnel, Ybk D Lufo 1939 p I-=8.
(34)  Airfoils as tested in the “large” DVL wind runnel:
a) Doetsch and Kramer, Lufo 1937 p 367 and 480; also
Ybk D Lufo 1937 p I-69, 1939 p [-88, 1940 p I-182.
b) Hoerner, Clark-Y Series, DVL Rpt Jt 208/3 (1940);
also in small tunnel, ZWB FB 65 (1931).
¢) Collection of DVL Results, ZWB FB 1621 (1943
d) For DVL (and other) results see also ret (6).
¢) Pressure Distributions. Ringb Luftf Tech LLA11.
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Figure 23. The lift angle (15) of airfoil sec-
tions as a function of Reynolds number, affecting
their skin friction drag.

REYNOLDS NUMBER. Combining the last
equation with a function expressing the section-
drag coefficientfor fully turbulent B’layer flow:
~ \/6
Comin = O0-1/R (14)
we can predict the variation of the liftangle at
higher Reynolds numbers to be
A(dadCy )= 200 (t/c)/R" (15)
Some experimental results (reduced to two-
dimensional coq,dition) as plotted in figure 23,
confirm this expression at R’numbers above
106. Below that number, serious variation can
take place (due to B’layer transition) the
character of which seems to depend upon the
particular shape of the section nose.

B’LAYER TRANSITION. Growth andflow con-
dition of the boundary layer are a function of
the Reynolds number (and of wind-tunnel tur-
bulence). The character of the B’layer, whether
laminar or turbulent, also depends upon the
angle of attack. As a consequence, the
CL(X) function is not always completely
straight. Transition from laminar to turbulent
B’layer flow may, for example, make the lift-
curve slope slightly irregular, particularly at
smaller R’numbers. We have, wherever this
seems to take place, in the many graphs in
this text, indicated discontinuities in the
Cp_(x) function by not fairing a line through
them, but by leaving the experimental results
as discontinuous as they are found.
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PRACTICAL CONSTRUCTION (44). The boundary
layer developing along the chord of foil sections, can be
disturbed (made heavier) by skin irregularities (pro-
turberances) due to fabrication. A different effect is defor-
mation of section shape. Portions of helicopter blades
were tunnel-tested (44,a). These blades consist of a solid
nose section and a fabric-covered afterbody supported by
ribs (with spacings equal to 1/3 of the chord). As a conse-
quence of pressure distribution (due to lift) the fabric
deforms itself. Because of porosity (leakage) there may
also be a negative pressure inside. In helicopter blades,
positive pressures may also develop inside, caused by cen-
tripetal acceleration. The experimental results as in figure
24 show:

(a) When the fabric is bulging, the lift-curve slope is
reduced, probably because of trailing-edge angle and in-
creased drag.

(b) For a negative inside pressure of 100 lb/ft (at an
estimated dynamic pressure of the same but positive
order) the sides of the foil section are somewhat hollow.
As a consequence of reduced trailing-wedge angle, the
lift-curve slope is as high as that of a smooth and solid
0012 section.

(c) In samples where the fabric tension is not very high,
a deformation takes place in such a manner that the
pressure side becomes somewhat hollow, and the suction
side bulging. The resultant section camber, increasing
with the lift coefficient, produces a particularly high lift
curve slope, in the order of 0.12 as tested in a closed-type
tunnel between walls (21).

(d) The maximum lift coefficient varies corresponding
to the lift-curve slope.

1414 | +
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0.6+ .20 —
NEUTRAL INSIDE PRESSURE
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Figure 24. Lift characteristics of practical-con-
struction helicopter blades. as tested
in a tunnel. between walls (43.a).

FLUID-DYNAMIC LIFT

C. INFLUENCE OF SECTION CAMBER ON LIFT

In subsonic aerodynamics nearly all wing sections
designed for the production of lift have a cambered
mean line. The shape of the mean line selected in-
fluences the chordwise lift distribution, the zero lift
angle, the lift at an angle of attack of zero, the lift at
the maximum lift drag ratio and the maximum lift
coefficient. The type of mean line used depends on the
airfoil series type, and its application.

CAMBER LINES. Mean lines used in the most widely
known families of wing sections. are shown in figure 8.
These lines are characterized primarily by the location
of their tops (in % of foild chord) and by their camber
ratio f/c (see figure 1). Although circular arcs are not
really used in conventional foil sections, their geometry
lends itself to analysis. In particular. the angle at the
edges, as in the sketch (figure 27) of such a mean line is

tanx’ =2f/x

where x = distance between f and trailing or leading
edge.

ZERO-LIFT ANGLE. In two-dimensional flow. the
“symmetrical™ lift coefficient (see equation 210 for a
circular-ar mean line (with x = ¢/2) is obtained at zero
angle of attack. In terms of the angle at the trailing edge.
the perturbation or circulation velocity at that edge is

w o= Var; [=w2(c/21 = e Vy in (m2/s) (16)
so that the lift coefficient due to camber (at & = 0) is:

CLo=T/(cV)= Ty = 4nf/c a7

The angle of attack necessary to reduce the C_ due to
camber to zero, corresponds to doty/dC = 0.5/7.
Therefore, in a section with circular-arc camber. this
angle is theoretically

X, = —2f/c = —(360/m)f/c = —1.15(f/c)%
degrees (18)

Zero-lift angles are plotted in figure 25, as a function of
camber location. Since the angle is related to the tangent
to the camber line at the trailing edge, foil sections of
the 230 type, having a straight camber line over most of
their afterbody, show less negative zero angles than
the more evenly cambered 4-digit sections. Foil shapes
with thickness ratios exceeding 12%. have zero angles
somewhat smaller (less negative) than those shown in
the graph, for t/c between 6 and 12%. The angle of zero
lift also increases (to somewhat more negative values)
as the camber ratio is increased above a few percent.
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a
PRESSURE [ in fi
0 ol 00 03 ok S ol 07 DISTRIBUY.’A'ONS ar‘e.shown in figure 26,
0 " + 1 4 — } + for one and the same lift coefficient. one around a
CAMBER LOCATION X,/C straight, and the other for a cambered foil section. The
o5 /230 rere 1) sharp suction peak found at and above the leading edge
—03+4+ _ T —— . . . . .
—a_, of the symmetrical section. is avoided by cambering
~—o— . . . .
\tf'ggﬂ_”é“ () /;_mmmm . the edge into the oncoming flpw. Donpg this (betw_een
—lot T ;se\féqq-s\ Fin e ) 19]0 and. 1920, or sq) simple imagination was applied.
. . \\m.\‘ with the idea of helping the flow410 get around' thel edge
, ~. (from the lower to the upper side). Meanwhile. it has
- /~5“" in DEGREES - “< . . .. .
per 1 % CAMBER EQUATION (38) N been discovered that under certain conditions. suction
peaks do as follows:
-20¢ [ [ [ ! +
Figure 25. Angle of attack for zero lift. for they prevent laminar separation, making the B'laver
camber ratios up to 2 or 3%. as a function of the turbulent: they do not necessarily cause cavitation in
location of camber along the section chord. hydrOfOiIS: they may even be desirable at higher sub-

sonic speeds.

Design C,(, The maximum camber, f, of NACA 1 and 6
series airfoils is generally given in terms of C.i, the
design C,(, and can be found from the equation

Nevertheless, some small amount of camber, say
f/c = (1 or 2% can successfully be used in the de-
sign of wings.

f/c % = 5.515C (18a)

64A010

From equations 18, 18a the angle for zero lift is _ sumro
o =-6.34C; (18b)
“0+— ! I .
C, = Bp/a [\~ TOCKL DYRAMIC PRESSURE = 2.8 q 8" = q./q
(35) Airfoils tested in DVL High-Speed Tunnel: ] T8
a) Gothert, In High-Speed Tunnel, ZWB FB 1490. \6“0,0 SIETRICAL
b) Gothert, Symmetrical Sections, ZWB FB 1505/06. “lo+ WITH PRESSURE PEAX dso
¢) Gothert, Cambered Sections, ZWB FB 1910 (6 Vol). ) \ )
(36) Airfoil sections reported by British ARC: | ;  saasro
a) Jones, 0015 and 0030 in CAT, RM 2584 (1952). ‘/\ —__Sumo 4
b) Hilton, 18 Sections High Speed, RM 2038 (1942). / o \ l
¢) Williams, Strut Sections, RM 2457 (1951). P ~o~
d) See also references (5) (6) (7,c) (28,c) (40,b). 0 ‘,/5 A= ‘A\T\—:\‘ o\;&—w—lo
e) ARGC, Investigations in the Compressed Air Tunnel, Do A l‘
RM 1627 (R'number), 1635 (RAF-34), 1717 (RAF- ;/ o yms
69-89), 1771 (airscrew sections), 1772 (RAF-34), 1870 » 105
(Joukowsky), 1898 (23012), 2151 (23012 wing), 2301 o ——
(circular-arc backs), 2584 (0015 — 0030). +lod N | | | 0
f) Pankhurst, Aerefoil Catalogue, ARC RM 3311 (1963). 0 0.9 0.4 0.6 0.8 Lo
(37) Modifications of the NACA 4-digit series:
a) A modification as to thickness location is Figure 26. The pressure distribution of a
presented by Stack, “Tests at High Speed”, properly cambered, in comparison to that of
NACA TR 492 (1934); also found in TR 610. a symmetrical airfoil section (53,e).
b) Elimination of cusped contour, . .. Loftin, “A”

Series, NACA TR 903 (1948); also TN 1591 & 1945.
(38) Foil sections tested in two dimensions by NACA:

a) Doenhoff, Low-Turbulence Press Tunnel, TR 1283. - . ‘
b) Abbott & von Doenhoff, Collection, TR 824 (1945); SYMMETRICAL FLOW. Pursuing the original idea of

also “Wing-Section Theory”, McGraw Hill 1949. camber, it is possible to “optimize” the shape for a cer-
c) Loftin, At Very High R'Numbers, TN 1945 (1949) tain lift coefficient by giving the section such a camber
&R pt 964 (1950); also RM L8L09 with 34 sections. that the flow passes smoothly along both sides of the
d) See also reports in reference (37,b). leading edge, without going around that edge. We will

e) Loftin, Modified 64-010 Section, TN 3244 (1954).
f) McCullough, 0006/7/8 in Tunnel, TN 3524 (19553).
g) 64-X10 Sections, TN 2753,2824,1945,3871; R 824,903,

call this condition “symmetrical”, that is in regard to
the local flow past the leading point of the camber line.
For circular-arc camber (at 50% of the chord) the sym-
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metrical lift coefficient is expected to be as in equation
(17) so that

CLSym= 4mf/c = 0.126 (f/c)% (19)
For camber positions between 30 and 40% of the chord,
camber required to make the leading-edge flow sym-
metrical, must be expected to be slightly smaller than
corresponding to this equation. However, in wings with
finite span, stream curvature reduces the effective cam-
ber by

A(f/c) = —(0.25/7) CyA (20)

For practical purposes (with A in the order of 6) the
“symmetrical” lift coefficient for commonly used foil
sections, is therefore , approximately

CLsym: 0.115(f/c)%
This function is confirmed in figure 27, by results ob-
tained from pressure-distribution tests. Selecting the
center of the “bucket” formed by their drag coefficient,
“symmetrical” lift coefficients can also be obtained for
laminar-type foil sections (21).

(21)

BQIATION |6 /
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AT CL”“ I
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0.6 4 J0uKOVSKY (/}'A//’ﬁ
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ZA\Ctopt rora =526
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Figure 27. Symmetrical and optimum lift
coefficients as a function of camber, for airfoil
sections with t/c between 6 and 12%.

OPTIMUM LIFT coefficients are meant to indicate a
minimum of the section-drag coefficient. In “ordinary”
foil sections such minimum is not very well defined.
Figure 27 leaves no doubt, however, that the optimum
are lower than the symmetrical coefficients. As camber
is increased, C 4 more and more deviates from and
below the straight line as for symmetrical flow (equation
52). A sufficient amount of camber is thus found to re-
duce the viscous or sectional component of drag, that
is at and around a certain lift coefficient (such as
C = 0.3 or 0.4, at which an airplane may cruise from
New York to Europe).

FLUID-DYNAMIC LIFT

0.20 I | | +

IN 2-DIMENSIONAL
CLOSED TUNNEL (38)
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Figure 28. Symmetrical and optimum lift coefficients
per percent of camber (for camber ratios
up to 2 or 3%) as a function of thickness ratio.

THICKNESS RATIO. Figure 28 shows the value of the
optimum lift coefficient per 1% camber, as a function
of the thickness ratio. It is seen that C| .t as deter-
mined on the basis of section-drag readmgs reduces
considerably at higher thickness ratios. This result can
be explained by the fact that in cambered sections, the
weakest part of the boundary layer is near the trailing
edge (where the layer is heavy and the pressure gradient
positive, thus favoring separation). As a consequence,
minimum section drag (and possibly a symmetrical flow
pattern) is obtained at lift coefficients smaller than
theoretically expected.

“LAMINAR " FOIL SECTIONS are discussed in Chapter
VI of “Fluid-Dynamic Drag”. Among the shapes under
(d) in section (A), the ‘64’ series (with maximum thick-
ness at 38% of the chord) represents a tentatively ef-
fective, yet conservative type of laminar-flow sections.
To really obtain the benefit of a section drag coefficient
as low as 0.004 (which is half of that of a 4-digit section)
certain requirements have to be observed. (a) A mini-
mum thickness (say t/c = 10%) is needed to maintain
a favorable pressure gradient. (b) The surface has to
be kept as smooth as possible. (c) The low-drag “bucket”
should be around the cruising lift coefficient. — When
giving a ‘64" section the optimum or the symmetrical
camber, the “bucket” moves from zero lift to the de-
sign lift coefficient, without losing any or much of its
size. For example, the 64-210 section (38,b) is found
to have a low drag coefficient at C between 0.1 and
0.3. The AC_= 0.2 is almost doubled (that is, to 0.4)
when using /¢ = 12%, even at a design lift coefficient
C ;= 04 asin 64 412.
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4. LOW REYNOLDS NUMBER

The operating Reynolds number is very low for model
aircraft wings, birds, bugs and other devices such as wings
and propellers used on high altitude remote piloted
vehicles. Typical values have been listed (41,c) as

Butterfly Wing R= 7,000

Small model airplane R= 20,000

Large model airplane R = 200,000

Albatross R = 200,000

RPV Propeller blade

chord R= 60,000 to 200,000
t/c = 12.5% 2.6% MAX. CAMBER

N-60 AIRFOIL

(:[)AC)é?" /’///’//// -
o6t -

04} .
— >

Oz~ -

O} 1 o L TX( A

0 2 4 6 8 10

CL 12 _

+ N-60 (41,
+ NACA 4412

X NACA 4412 R:42,000 (41,4)
G
. 1 L 1
-4 0 4 8 e 16 ZC

Lift comparison at low Reynolds number, low and
high turbulence tunnels.

Figure 29.

(39) Airfoil sections, function of Reynolds number:

a) Jacobs, Tested in VDT, NACA T Rpt 586 (1937)
b) Relf, In the British CAT, ARC RM 1706 (1936).
¢) See results in references (32,a) (38,c).

d) Jacobs, Thick Sections in VDT. T Rpt 391 (1931).
e) Pinkerton, 4412 Press Distribution, NACA TR 613.
f) AVA Gottingen, Ergebnisse 111 (1920) p 53.
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Turbulence Effects. Airfoil test data at low Reynolds
number is limited to that obtained by early investigators
and for use in conjunction with model airplanes. The
systematic airfoil investigations run in the highly turbu-
lent VDT (41,a) are considered to be questionable because
of the effect of turbulence on the boundary layer.
Compared to the data of (41,a) the low Reynolds number
data of (41,b) run in a low turbulence tunnel show at
R < 100,000 higher levels of drag, lower values of
Clmax and a lift hysteresis after stall, as illustrated on
figure 29. The reduction of drag obtained at R < 1.0°
was anticipated by the work of (41,b).

Thickness Ratio and Camber. For the best performance
at low Reynolds numbers the thickness ratio should be
low and camber high, whereas at R ~ 1.0° the higher
thickness distribution of a Clark Y or similar airfoil gives
better performance, figure 30. This may explain the type
of wing section found in nature and the shape preferred
by the early investigators. Airfoils with high thickness
ratios have much lower values of C_,  as shown on
figure 31. Here, increasing the thickness ratio from 12 to
20% reduced C,_, by one-half. The test in the VDT
indicated that large gains can be made by making the flow
turbulent. A wire in front of the airfoil can be expected to
give the desired flow at low Reynolds numbers.

R = 120,000
R = 40,000
(2' [ | 1
CL

0b T T = —~

/ .
g !

l
ST e

Figure 30.  Lift-drag characteristics of thin sections at low
turbulence and Reynolds number.
(40) Airfoil Development Theory

a) Ayers, Supercritical Aerodynamics, A & A Aug 1972.
b) Stevens Math Model for Two dimensional Multi-
Component Airfoils, NASA CR-1843, 1971.

Low Reynolds number data

a) Jacobs, Airfoil Section Characteristics, NACA 586.

b) Schmitz, Aerodynamics of the Model Airplane, Part 1,
Airfoil Measurements, N70-39001.

¢) Jones, R.T., Behavior of Airtoils at Low Reynolds
Numbers, Unpublished.

(41)
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Figure 31.  Lift at R = 100,000 for high and low turbulence at

t/c- 12 to 20%.

5. CHARACTERISTICS OF SPECIFIC AIRFOILS

The generalized characteristics and parametric analysis of
airfoils given above is suitable for initial studies of
configurations and developing an overall understanding.
For specific applications the characteristics of the specific
airfoil to be used are needed operating at Reynolds and
Mach numbers as near the actual condition as possible.
While there have been great strides in the development
and use of airfoil theory with high speed computor
(40,a,b), actual test results are still preferred for final
analysis. The use of the computor has resulted in a new
series of airfoils which give important improvements in
performance for wings, rotors and any other air-moving
device. Since the lift characteristics of two dimensional
airfoils are necessary for design of all types of wings the
characteristics of specific airfoils and specialized operating
conditions will be considered in this section considering
only two dimensional airfoil characteristics eliminates the
three dimensional characteristics which are covered in the
chapters on the various wing types.

(42) High Lift, Low Drag Airfoils
a) Wortmann, The Quest for High Lift, AIAA 74-1018.

b) Nash-Webber, Motorless Flight Research, NASA
CR-2315.

c) Althaus, Stuttgarter Profilkatalog I, U of Stuttgart
1972.

d) Liebeck, Airfoils for High Lift, J of A/C Oct 1973.
e) Hicks, Optimizing Low-Speed Airfoils, NASA TM
X-3213

High Performance Airfoils for General Aviation

a) McGhee, Characteristics of a 17% Airfoil, NASA
TND-7428.

b) Wentz, Fowler Flap System, NASA CR-2443.

(43)

FLUID DYNAMIC LIFT

T

1.0 L .
0 05 x. 10
Figure 32.  Relative velocity disiribution for an airfoil designed

high C_x (FX 74-CL 5 — 140). Dotted lines en-
closed observed length of laminar separation bubble.

Concave Pressure Distribution. Since the development
of the laminar airfoil sections (38,b) a need for higher
critical Mach number, improved C, ,  and lower drag
has existed. To satisfy this need new airfoils have been
developed by a number of investigators including
Whitcomb, Wortman, Liebeck and others (42). In the
development of these airfojls, theoretical methods were
used to obtain the pressure distribution as well as the
prediction of separation of turbulent boundary layer. As
discussed in (42,a) the maximum lift is determined by the
interaction of the upper surface pressure distribution and
the boundary layer. A turbulent boundary layer is needed
to obtain the necessary pressure recovery. This is achieved
by a concave pressure distribution with a more or less flat
forward part, as illustrated on figure 32. The lift
characteristics of such an airfoil illustrated in figure 33
show C_x = 238 and L/Dyx = 140 and a
C'” JCp of 200 at R=10°. The L/D for
the “concave” pressure airfoils are compared with the 6
series on figure 34 as a function of Reynolds number and
prove the value of the design approach.
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Drag polar of FX 74-CL5-140 for Reynolds number
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Figure 33.
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Lift-drag ratio comparisons for NACA 6 and 4 digit

Figure 34. !
airfoils with high performance FX airfoils.

General Aviation — Airfoils.  Airfoils suitable for general
aviation aircraft should have a gentle stall characteristic,
low drag and fairly high thickness ratios for an improved
structure and thus a reduction of wing weight. Based on
the general design concepts for low drag supercritical
airfoils, a new airfoil was designed using the computor
study of (40,2,b) and wind tunnel tests (43,a). The test
data of the NASA GA(W)-1, Whitcomb airfoil indicated
important improvements of the drag and C,
characteristics, figure 35, thus validating the theoretical
approach. The application of this airfoil with flaps (43,b)
shows that a maximum lift coefficient of 3.8 can be
achieved with a 30% chord Fowler flap, no leading edge
devices and no blowing.

The GA(W)-1 airfoil tested with a flat under surface
(43,b) resulted in a loss of C_,  and with an increase
of drag, and illustrates the importance of the cusp on the
overall design. Reduction of the lift curve slope illustrated
on figure 36 was corrected by vortex generators. Although

the drag was also reduced at the higher lift coefficients,.

the L/D ,  was not improved.

SURFACE ROUGHNESS. As stated in (38,b) “dust par-
ticles adhering to the ‘oil’ left on airfoil surfaces by finger-
prints may be expected to cause transition” on laminar-
type sections. In realistic operation of engine-powered
airplanes, there is plenty of grease, scratches, dust, in-
sects, corrosion of metal and/or erosion of painted sur-
faces, to precipitate turbulent boundary-layer flow. To
account for these possibilities, it is a standard wind-tunnel
procedure in (38) to investigate foil sections. and in par-
ticular the laminar-type sections, not only in a perfectly
smooth condition, but also with a turbulence stimulating
strip of carborundum grains (0.01 inch size) spread on
both sides over the first 8% of the wing chord (which is
C = 24 inches). The consequences of applying this type
of roughness, at Ry = 6(10)", are primarily:

a reduction of maximum lift, say by 20%,

a reduction of the lift-curve slope by a few %,

elimination of the laminar low-drag “bucket”.
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Figure 35. Thick airfoils of the Whitcomb type for General
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SAILPLANES. As pointed out in (48,a) design conditions
for the wing of a sailplane are different from those for a
powered aircraft: (a) The aspect ratio is “very” high, in
the order of 20 or 25, for glide performance. (b) The
Reynolds number is comparatively low, between 1(10)
when circling (around 50 mph, at C =0.8) and 2(10)
when cruising (at V=100 mph, and C =0.2), (c)
Absence of engine vibration and noise. — These three
_considerations call for, and make possible, the use of
comparatively thick and cambered laminar-type airfoil
sections. A large selection of airfoils suitable for sail-
planes is given in (42,a,c). The characteristics of a typical
high performance airfoil is on figure 33.

CASCADES: In those applications such as propellers
and axial flow compressors, the airfoils effectively
follow one another and so operate as a cascade, figure
37. The function of the cascade of airfoils is to create a
pressure rise. If the cascade is operating between walls
where the axial velocity does not change the pressure
rise is developed as a result of the turning of the flow
by the cascade. When the spacing between the airfoils
is large compared to the airfoil chord, low solidity,
and the sections are between walls the lift and drag
characteristics approach that of the two dimensional
airfoil. When the solidity is high however there is a in-
teraction between the airfoil sections and the overall
characteristics of the sections change. Cascade airfoil
tests are conducted to determine the performance of
the sections as a function of stagger angle, solidity and
airfoil type. Because of the limited scope of the
cascade airfoil data it is desirable to determine correc-
tions for the application of two dimensional airfoil
data to cascade conditions.

(44) Results on practical-construction airfoils:
a) Tetervin, Helicopter Blades, NACA W Rpt L-643.
b) Doetsch, Waviness 23012, Ybk D Lufo 1939 p I-88.
c) NACA, TN 428 (fabric), 457 (irregularities), 461 (rivet
heads), 724 (rib stitching); 1932.
d) Quinn, Practical Construction, NACA T Rpt 910.

(45) Mechanism of, and penalties due to icing:
a) Gelder, Droplet Impingement, NACA TN 3839.
b) Bosoden, Aerodyn Characteristics, NACA TN 3564.
c) Gray, Penalties (Summary), NASA TN D-2166 (1964).

(46) At negative angles (negative camber):
a) NACA, In Variable Density Tunnél, TN 397 & 412.
b) AVA Gottingen, Ergebnisse III (1927) p 78, 79.
¢) Williams, RAF-34 in CAT, ARC RM 1772 (1937).

(47) NACA “H" sections, for helicopter blades:
a) Stivers, Several Sections, W'Rpt L-29 (1946).
b) Schaefer, Between 9 and 15% Thick, TN 1922 (1949).
¢) Stivers, 8-H-12 Section, TN 1998 (1949).

(48) “Laminar” airfoils for sailplanes:
a) Carmichael, Thick Foils, “Soaring” 1958 (Nov/Dec).
b) Wortman, Laminar Profiles, ZFW 1957 (May).

(49) Cascades of foils, vanes, blades:
a) Krober, Ingenieur Archiv 1932 p 516.
b) Patterson, Duct Corners, ARC RM 1773 (1936).
c) ARC, Tests, RM 1768; Analysis, RM 2095 & 2920.
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Figure 37. Cascade airfoils and velocity triangle.

Airfoil data is applied in the design of propellers by
determining the angle required to correct the three
dimensional conditions of the propeller to the two
dimensional flow conditions of the airfoil (49¢). These
angle corrections account for the loading, the blade
number, operating condition and span condition in-
cluding tip effects. In the case of a rotor operating bet-
ween walls the angle correction for applying two
dimensional airfoil data can be determined from the
equation

aC, = 2cos(f, - of)(tang, — tan B8 - 205) (22)

where @ = the blade solidity = c¢cBAxD = c¢/s
C_= operating lift coefficient - 2/d
v = inlet stagger angle
o = induced angle of attack

The two dimensional angle of attack is found from the
equation

a= ﬂl"tp -y

Here qis the angle between the rotor blade chord line
and the inlet vector, figure 37. In the application of the
above equations the lift and drag coefficients are
determined from the two dimensional airfoil data at
the angle of attack of a. The lift and drag is calculated
from these coefficients using the mean velocity vector
W to find the dynamic pressure. Good agreement bet-
ween the cascade test data and o C_ calculated with
equation 22 is obtained for all section cambers and
stagger angles up to camber solidities of 1.5

The cascade data (49,f) indicates the lift curve slope
decreases with increasing solidity and inlet angle, . Based
on these data the slope of the lift curve of the two dimen-
sional airfoil, m, becomes, m, when operating in a
cascade and is found from the equation

m’ =m(l + 0006458, - 2352 — 31210 + .058590%)

(49) Cascades of foils, vanes, blades, propellers
¢) Borst, High and Intermediate Solidity Fans, NASA CR 3063.
f) Emery, et al, Cascade tests NACA 65 sections, NACA TN

1368.
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6. PITCHING-MOMENT CHARACTERISTICS

The center of lift of a thin and straight foil section is
theoretically at 25% of the chord. Actually, the boundary
layer changes this condition somewhat and as soon as
there is camber involved, the mechanism of longitudinal
moment is different altogether.

CENTER OF LIFT. The longitudinal or pitching mo-
ment is designated to be positive when it tends to in-
crease the angle of attack. The moment is generally

made up of two components:

Cpp.= M/gSc = Cpo + C,(dC,,/dC, (22)
where the dots (.) indicate that the reference point is
at the leading edge. The quotient C_ /C indicates
the “center of pressure”, id est the point along the sec-
tion chord at which the resultant lift force is acting.
The derivative

dG,,/dG = x/c (23)

indicates the “aerodynamic center” of the foil secticn.
When taking the moment about this point, the coeffi-
cient Cp,,c is equal to C,, and constant (within the
operational range of the lift coefficient). To demon-
strate what equation (22) means in terms of foil and
force geometry, figure 39 was prepared, showing lo-
cation and direction of total forces (composed of lift
and drag) of one particular cambered section. We sce
that the location of the resultant force is far back on
the wing chord at lift coefficients below 0.1. This ten-
dency corresponds to C,,,= —0.04 of the section used.
The force then moves forward along the chord, as the
lift coefficient is increased, approaching the “aero-
dynamic center” corresponding to dCm/dCy. The dis-
playas in part (A) of figure 39 has a practical advantage
(and it was used in the early years of airplane and/or
biplane design for that reason). There is a particular
point (or a narrow region) below the foil section where
most of the force lines shown, meet and cross each
other. When placing the CG of an airplane in that point,
wing moments are near zero over most of its speed range
(except for very high speeds where the moment cor-
responding to C,,, predominates). Modern analysis
of longitudinal stability and control is based upon equa-
tion (22) however.
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ZERO-LIFT MOMENT. For positive amounts of cam-
ber, the component C,, (in equation 22) is always
negative. This means that the bent-down trailing edge
tries to lift that edge up, in a manner similar to that
of a wing- or control flap. The value of Cpo increases
in proportion to the camber ratio (f/c); and figure 30
shows how the coefficient per 1% of camber, varies as
a function of camber position. Tested values do not
agree with the theoretical functions. The deviation in-
creases, as the thickness ratio is increased above some
12%. Results in the graph are not very consistent. After
ruling out theoretical functions and the VDT data, one
may say, however, that the most widely used foil sec-
tions have a zero-lift moment roughly corresponding to

Cmo = (0.05 t0 0.06) (x/c) (f/c)% (24)
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Figure 39. Geometry of resultant forces, and
pitching moment of a particular cambered foil
section (34,a) as a function of lift coefficient.
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REFLEXED CAMBER. Any pitching moment at zero
lift is undesirable because it produces structural strain
in, and elastic twisting of the wings of an airplane when
diving (or when at maximum speed). To reduce the
value of Cy,,reflexed camber lines were thus investi-
gated (8). The idea was, to camber the section nose into
the -oncoming flow, while at the same time a bent-up
trailing edge would compensate for that camber, thus
_reducing the pitching moment to “nothing”. Experi-
ments in various places confirmed that the moment was
reduced as desired. The trailing edge is very important,
however, in producing circulation. As a consequence,
higher angles of attack (measured against the chord
line) are required to obtain a certain lift coefficient,
when bending the trailing edge up. In short, the sec-
tions developed, were not very efficient as to (L/D))
and maximum lift. A better solution was found in the
23012 type sections (33) where most of the mean line
is straight, while camber is concentrated near the lead-
ing edge (around 15% of the chord, see figure 8). Figure
40 proves that Cp, is reduced to roughly half of what
it is in other sections having the same location of cam-
ber, and to a small fraction of that in “conventional”
sections.

0 ol 0.2 0.3 0. 0§ 0.6 0.7
0 =5 T T T T —t t
—~ 230 TYPE (33)
2\0\0 X/C POSITION,OF CAMBER
— .0l = T
—- \\ \._\gif:cny/(ye,b) t/e = 6 to 12 %
2 — ) 6‘\:& .
-02 4 I~ %@ o\
4-DIGIT THEORY (38.\:)\-\ AR,
! B mmon
\A '\
c N\x 7 2>
. nol% ARC (36.:)/‘
-0k 4 & AVA AIRFOILS (7a)
D 63/64/65 1IN (38)
¢ + VARIOUS PCILS (6)
— 05422 )
: (£/c)% |
— 061 | | [

Figure 40. Pitching moment at zero lift caused by
camber, as function of camber location.

(50) Pitching moment of control surface sections:
a) Lockwood, Bevelled Edge, NACA W'Rpt L-666 .
b) Influence of control gaps, see (a) & NACA TR 868.
c) Trailing edge, NACA TN 1296 & 3174; T'Rpt &03.
d) Regarding shape. ... ARC RM 2008,2184,2256,2506.
(52) See for example, and in particular (38,b).
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Figure 41. Shape and performance data of two re-
flexed foil sections, specifically
designed (47) for helicopter blades.

HELICOPTER BLADES. Reflexed sections (without
twisting moments) are of interest in the design of rotor
blades. A series of 6 such sections varying in thickness
and camber, are described in (47). Shape and character-
istics of two of them are shown in figure 41. Both of
them are “better” than the 0012 or 23012 sections, data
for which are listed in parentheses, “for most of the
flight conditions” of the helicopter considered. The fact
that lift = f (angle) is not exactly linear, is the con-
sequence of the tail shape and of the drag coefficient
varying around C__. As intended, the pitching moment
is small, taken around the aerodynamic center. The re-
flexion is around 80% of the chord. Camber (near 1/3 of
the chord) is between 3 and 4%. The aerodynamic cen-
ter is 1% or 2% more aft than in conventional sections;
more lift is produced around the leading edge.

AERODYNAMIC CENTER. In symmetrical sections,
the due-to-lift component in the second term of equation
(22) is expected to be all of the pitching moment. This
moment is equal to lift times moment arm x. In a cam-
bered section, the derivative dC,,, /dC_ (always nega-
tive) indicates the “aerodynamic center”, id est the
point about which C,, = Cyy,= constant; thus :

x/c = —dCp,/dCy (25)
where x = distance (considered to be positive) behind
the leading edge. The aerodynamic center is usually
evaluated (53,a) from wind-tunnel tests, and tabulated
for the many foil shapes investigated. Another point
about which the pitching moment can be taken, is the
aerodynamic center theoretically expected for zero
thickness ratio, id est the quarter point of the chord.
Since this point is not necessarily the aerodynamic cen-
ter, there usually remains a derivative, and the ditfer-
ential of the location is

AX/C = —de/[’,/dCL (26)

where the ‘4’ indicates the quarter-chord point. Since
the aerodynamic center is at that point only by coin-
cidence, we prefer to define the pitching moment about
the leading edge. This type of moment is

dCpu/dCL = (dCpy, /dC ) — 025 27)
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Figure 42. Pitching moment due to lift, indicating
the aerodvnamic center (or the neutral
point) as a function of thickness ratio.

SECTION THICKNESS. Theory expects the distance
x in equation (25) to grow with the section thickness
ratio. However, as shown in figure 32, the aerodynamic
center is in reality, usually somewhat ahead of 25%;
and it does not move downstream as the thickness ratio
is increased. As a consequence of momentum losses in
the boundary layer, at the suction side, near the trail-
ing edge, a high angle of attack is obviously required
to obtain a certain lift coefficient. The deficient amount
of lift is then produced near the leading edge, so that a
positive differential of the pitching moment is obtained.
Through the same mechanism, we must also expect
that the aerodynamic center will be shifted further ahead
when increasing skin friction (section drag coefficient)
through surface roughness.

TRAILING WEDGE ANGLE. 1t is pointed out in
section (b) of this chapter, how much shape and thick-
ness of the trailing edge affects the lift-curve slope.
The same and an even more pronounced influcence
is found in regard to the pitching moment:

(a) On the basis of investigations in (53,c) it can be said:

A(dC,,/dC) = + 0.004 € = +0.23 tang (69)
where € = 1/2 trailing-wedge angle.

(b) It can be concluded that
AWdC,,,) = + 2(tang)(tany) = 8 (tang)(f/c)  (61)

where yas in figure 27.
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BEVELED TRAILING EDGE. Several modifications
of a control flap forming the trailing edge of a foil sec-
tion are illustrated in figure 43. It is seen in particular,
that the aerodynamic center (represented by dC,,./ dC,)
moves forward, when beveling the edge. Note that
dC) /d« is reduced at the same time. The effect of bev-
eling is, of course, a function not only of the bevel angle
but also of the length of the beveled (chamfered) portion
of the chord. Expressing this length by the “thickness’
of the edge as defined in figure 44, a very good correla-
tion (50,a) is obtained of experimental results.

0.3 c flap
neutral

0.0096 0.098 0.245

0.0124  o©.101 0.245

—=m

0.0105 0.091 0.215

©0.0105  0.090 0.200

lﬁnuin Lcl/d“‘; dcn./dc!.

Figure 43. Influence of trailing-edge modifica-
tions (50,a), upon the pitching moment of an 0009 section.

VERTICAL POSITION OF THE AC. As pointed out
before, the aerodynamic center is a point of reference
for which Cpa = constant. As explained, the location
1s usually somewhat ahead of 25% of the chord. Figure
45 shows that the point is also somewhat above the
section’s chord line. In terms of equation (53) this means
that the variation of C.,(C ) is not necessarily a straight
line. It is usually possible, however, to find a point some-
what above the chord line for which dC,/dC is con-
stant, at least over the “useful” range of the lift co-
efficient, id est excluding higher angles of attack, ap-
proaching the stall. Consider in this respect the pitching
moment including a component due to the tangential
force:

(30)

Cipi= Cho —(x/0)Cy +(2/c)Cr

M

(53) Investigation of camber and pitching moment:
a) Thompson, Aerody Center, ] Aeron Sci 1938 p 138.
b) ARC, Determination of C andc , RM 1914 (1944).
¢) Purser, Trail-Edge Angle, NACA W Rpt L-664
d) McCullough, 410% Sections, NACA TN 2177 (1950).
e) Stivers, 4 Airfoil Sections, NACA TN 3162.

(54) Loftin, 66-210 Camber, NACA TN 1633,
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where CN = normal-force coefficient (primarily C“.,_)
and Cq =tangential-force coefficient. By differentiat-
ing this equation against Cy, and setting the derivative
equal to zero, the location of the aerodynamic center
‘AC’ can be obtained (53). It should be noted that Cy =
Cps —Cpsin. Assuming that the section drag co-
efficient be constant, the divergence of a tested C,,(C|)
function from a straight line, is found (1,b) to be

ACp,~ Clz_. The height ‘2’ of the AC above the chord
line (measured in the direction normal to the zero lift
line) is then approximately

2e = —7 ACy/CE (64)

where AC,, = deviation in the range of small and inter-
mediate lift coefficients.
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Figure 44. Correlation (50,a) of experimental
(dC"‘/l,./dCL) values against a trailing-edge bevel parameter.

THICKNESS RATIO. Since the two-dimensional test-
ing method (38) is the only one yielding negative values
“or z/c, we are inclined to disregard these results {21).
We can then say that according to figure 45, z/c in-
creases with the thickness ratio. The boundary layer
developing toward the trailing edge, seems to be re-
sponsible for this result. Necessarily, the height ‘2’ has
to change from above to below the chord line in sym-
metrical sections, between C| = plus and minus 0.1,
or so. The boundary layer accumulation (and/or sepa-
ration) switches accordingly, as explained before in con-
nection with figures 17 and 18. By comparison. the
variation of z/c with the camber ratio f/c, as found in
(31) is very small. It should be noted, however, that the
S-digit sections (with t/c = 12%) also listed in (31)
exhibit z/c values more than twice as high as those re-
ported for the 4-digit airfoils.
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Figure 45. Vertical position of the aerodynamic center
for various tvpes of foil sections.

WING ICING and its aerodynamic penalties are re-
ported in (45). Typical conditions are as follows:

(a) icing rate h/t = 3 mm
(b) forh/c = 1% ACD = 0.01
(c) atCL=0.6 ACD = 0.02
loss of lift (¢) ACL = — 0.1
pitching moment  AC,, = 6. 02

The rate (a) is per minute of time ‘t’. As in (b) the ice
accumulates “in” the stagnation point of the 0011 sec-
tion (45,b) at zero angle of attack, to the thickness ‘h’.
The same can be expected for a cambered section when
flying at CLsynt' In case (c) there is a considerable flow
around the leading edge. As a consequence, ice deposits
itself not only forward, but also upward of the edge,
thus forming a ridge across the high-speed flow of air.
The maximum section-drag coefficient thus observed
(in climbing flight condition) is in the order of 0.04, the
loss of lift corresponds to  AC; = — 0.2, and the pitch-
up moment to AC,, = +0.04. The time used in these
tests, was in the order of ‘" = 10 minutes, the chord
of the 0011 airfoil was ¢ = 2.1 m. With the help of
these data, consequences of icing can be estimated for
the wing of a real airplane. The combination of insuf-
ficient power or thrust, with reduced longitudinal sta-
bility can be dangerous.
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CHAPTER IlIl — THE LIFT OF STRAIGHT WINGS

Aerodynamic lift is primarily utilized to “lift” airplanes
into the air and to keep them aloft. The device which
nature has evolved for this purpose (as in birds) and
which man has successfully developed to sizes not avail-
able in nature, is “the” wing. Lifting characteristics
of various shapes of essentially straight wings are treated
in this chapter.

SPEED Vl
SPAN b
\ x !
R I
o

F® core with
w/V = (16i)ox;

Figure 1. Vortex pattern behind lifting
line (2) and/or wings (3).

(1) Principles and results of lifting-line theory:

a) Prandtl's Wing Theory, Nachrichten Konigliche
Gesellschaft Wi'schaften 1918 p 451, 1919 p 107.

b) Glauert, “Elements of Aerofoil and Airscrew
Theory”, Cambridge University Press, 1926 and 1948.
c) Account of Lanchester’s work given by Prandtl
“Generation of Vortices”, Paper RAS London, 1927.
(2) Analysis of trailing wing vortices:

a) Wetmore, Hazard For Aircraft, NASA TN D-1777;
also Astronautics/Aeronautics, Dec 1964 p 44.

b) Kaden, Roll-Up Analysis, Ing Archiv 1931 p 140.
c) McCormick, Vortex Sheet, Penn U A’Engg 1965.
d) See AIAA J.1963 p 1193; Aeron Quart 1965 p 302.
e) Mechanism of vortices (cores) by Newman, Aeron
Quart 1959 p 149; Schaefer, J. Fluid Mech 1959 p 241.
f) Squire, Viscous Analysis, Imp Coll London (1954).

A. APPLIED LIFTING-LINE THEORY

One of the most useful tools in the aerodynamic de-
sign of airplanes is the lifting-line wing theory, first pub-
lished in 1918 (1,a). Practical results and limitations are
presented as follows. ‘

VORTEX SHEET (3). As explained in the chapter
dealing with the characteristics of “airfoil sections”,
lift is the result of a “bound vortex” or “lifting line”.
In wings with finite span, the circulation around this
line does not discontinue at the ends or tips. Imme-
diately behind the line, a vortex sheet with a more or
less uniform downward velocity ‘w’ leaves the wing. As a
consequence of the pressure difference between lower
and upper side of the lifting surface, a certain flow is
caused around the lateral edges, thus starting a pair of
strong trailing vortices. The vortex sheet immediately
begins to roll itself up into these vortices; and it even-
tually passes all of its vorticity into the pair shown in
part (b) of figure 1. Note that the sheet also contains
the viscous wake (boundary layer) of the wing. The
“dead” air rolls “igto” the trailing vortices together
with the vorticity. It is not correct, however, to assume,
that the viscous wake would be sucked into the vortex
cores. More information on shape and location of the
vortex sheet is given in “longitudinal stability”.

TRAILING VORTEX. The structure of a vortex is de-
scribed in the “general” chapter. The size (diameter)
of the viscous core depends upon viscosity and upon the
disturbance (separation) of the flow at the edge from
which it originates. For example, in chapter VII of
“Fluid-Dynamic Drag”, the diameter of a core starting
from a rounded lateral edge is seen to be d,= 0.05c,
wherec—_—chord length of a rectangular wing, with
=3,at C =06. As reported in (2,c) the diameter is
propomonal to C,; and it is a function of scale (Rev-
nolds number). As measured in flight (at R,= 3(10)°,
and C = 0.75) the diameter was found to be 10% of the
wing- tlp chord, while in a wind-tunnel test at R, = 2( 10)
it was about twice as large. At a distance behmd the
trailing edge x = c, where these tests were performed,
the pressure within the viscous core is in the order of
Cp= —1. The diameter grows with distance. For ex-
ample, flight tests (3,c) indicate for a wing with A= 6,
at C, =09, a core diameter d = 0.2b, at x = 25b.
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ROLL-UP. As observed in wind-tunnel tests, the tip
vortices start forming at the corner of the leading edge
(if there is one, as in rectangular or tapered wings).
Theoretically (for elliptical lift distribution across the
span) the final distance between the vortex centers is
byb = /4. As indicated in (2,b) the distance x as de-
fined in part (a) of figure 1, is

x/b = 0.1A/C_= 0.1/C_, (0)

where C =L/qb. As derived in (16,a) the distance
from the lifting line where the roll-up is “completed”,
is approximately

x/b=k/C, (1)

where k = 0.4, for “essentially” rolled-up condition; and
k = 0.9, indicating that 99% of the vorticity is concen-
trated in a pair of non-viscous cores. Nominally, the
diameter of these cores is d="b(2/3). For example,
for C,= 1, and A= 5, and C = 0.2, the 99% rolled-up
distance is x =4.5b, or x = 22c. However, at or be-
yond this distance, dissipation takes over. Nevertheless,
as pointed out in (2,a) the vortices generated by a trans-
port plane with W = 300,000 Ib, and b = 43 m, flving at
C_L=1.2 (climbing) corresponding to V = 160 kts, still
persist after more than 2 minutes, at a distance behind
the aircraft of 10 km (!). In this manner, such an air-
plane leaves behind a disturbance with up and down
velocities up to plus/minus 3 or 4 m/s. Another airplane,
flying into this wake, can then encounter angle-of-attack
differentials in the order of plus/minus 2 or 3, and
local lift differentials in the half wings, up to plus,/minus
15%. A smaller airplane hitting the center of a vortex,
might even be rolled over.

RECTANGULAR WINGS. Most analyses consider el-
liptical lift distribution. For sharp or square-ended rec-
tangular wings, experimental evidence such as in fig-
ure 10, suggests a vortex span in the order of by == 0.9b.
It seems that the lateral edges of such a planform are
a continuation of the bound vortex, thus making this
shape more effective and efficient than predicted by the
“chordless” theory. In fact, when assuming the lateral
edges to be end plates (see later) reasonable answers
are obtained for induced angle and effective aspect
ratio (equation 2).

DOWNWASH. An integral part of the flow pattern be-
hind a lifting wing is a permanent downward deflection
(downwash) of the affected stream of air. Lift can thus
be understood as the result of that deflection. In wings
with an elliptical distribution of lift or load along the
span, the affected stream is equal in magnitude (but it
is not identical) to that contained in a cylinder having a
diameter equal to the wing span ‘b’. Considering an air-
plane in level flight, we may visualize this cylinder as
being deflected so that it assumes the downward velocity
‘w’. Behind the airplane, the cylinder is thus inclined
against the horizontal at the downwash angle € =w/V,
until it finally meets the ground. There, the momentum
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imparted by the airplane upon the cylinder of air, is
transferred onto the earth in the form of pressure. In
this manner, the airplane may thus be considered as
being supported from the ground.

INDUCED ANGLE. At the location of wing or lifting
line, the average angle of deflection is but one half of
that of the assumed cylinder at a sufficiently great dis-
tance behind the wing. The angle at the wing is called
“induced” (4). The minimum of the induced angle is
theoretically found for elliptical distribution of the
lift over the wing span:

o = L/qmb = C /TA; 2)

where Ajdenotes the effective aspect ratio as explained
later. This angle has to be added to that required in two-
dimensional flow (as shown in the chapter on “airfoil
sections”) to develop a certain lift coefficient.

LIFT ANGLE. The lift-curve slope of an airfoil in two-
dimensional flow is theoretically dC|/de(,= 2. In-
stead of this slope, it is more convenient, however, in
practical applications of lifting-line theory, to use the
reciprocal value dct/dC; which shall be called the
“lift angle”. Including the induced component, this
angle is (in larger aspect ratios)

do¢/dC, = 1/2am) +1/(mA) (3)

where subscript 2’ denotes the'angle in 2-dimensional
flow. For conventional foil sections in undisturbed flow,
the factor ‘a’ is in the order of 0.9. Using this value,
equation (3) can be written in degrees, roughly as

dod/dC| = 10+ (19/A) = 10+ (20/A) (4)

where ‘19’ and 20’ are somewhat larger than the theoret-
ical minimum (180/7%) = 18.3°. This equation, rep-
resenting lifting-line theory; is primarily applicable to
wings with short chords, that is, with high aspect ratios
A = b/é = b%/S, where the average chord T = S/b.
Accordingly, the function is seen in figure 2, adequately
describing the lift angle of rectangular and/or moder-
ately tapered wings, with sharp or square lateral edges,
up to 1/A = 0.15, or down to A = 7.

“LIFTING SURFACE”. A wing is not a “line”. The
chord has a certain influence upon the magnitude of
the lift angle. As explained in the “small-aspect-ratio”
chapter, a long chord appears not only in the form of
a small ratio, but also in a three-dimensionality of the
airfoil section used. On the basis of experimental results
(9) in figure 2, the additional lift angle of the section,
is

Adog/dC)) = /A 5)
Summing up, the lift angle of efficient wings is
dod/dC, = 10+ (9/A%)+(20/A)  (6)

This equation describes rectangular and moderately
tapered plain wings with sharp or square lateral edges.
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Figure 2. The “lift angle” (angle of attack of
the linear lift component) of wmgs as a function
of their chord ratio 1/A = S/b = ¢/b.

“ROUND” WINGS are meant to have rounded lateral
edges and/or to be rounded in the planform (see later)
As a consequence of some flow
around the lateral edges, not only the effective aspect
ratio, but also the effective wing area is reduced. To

P R /1
20 + o p — -
P> e - 1804,
= :
Ajf) i .L
10 7/—— %0/37? - —
g 1/ A=5/02
0 ! } + . | f
0 0.2 0.4 0.6 0.8 1.0 1.2
(3) Regarding rolling-up trailing wing-tip vortices:
a) Bird, Visualization, J Aeron Sci 1952 p 481. f th . e sy
b) Hoerner, Tunnel Tests, see (13,a,b,f). of the wing “tips”.
c) Kraft, Flight Tests, NACA TN 3377 (1955).
d) Shape of vortex sheet behind delta and swept

wings, see NACA TN 3175 (1954) & 3720 (1956).

e) Vortex Wakes, RAE TN Aero 2649, and ARC CP 79..
f) ARG, Flight Tests, CP’s 282,489,795 (1954/65).
(4) The word “induced” refers to an analogy to the
magnetic field around a wire carrying electric

current. Glauert: “induced velocity at any point
corresponds to magnetic force due to current”.
(6) Systematic investigations of rectangular wings:

a) Series of Wings, Service Technique No. 83.

b) Gottingen, Rectangular, Ergebnisse I, III & IV.

c) Winter, Plates and Wings Short Span, Forschung
1935 p 40 & 67; Translation NACA T'Memo 798.

d) Zimmerman, Various Shapes, NACA Rpt 431 (1932);
also Circular, TN 539 (1935); J A Sci 1935 p 156.

e) Higgins, In VD Tunnel NACA T'Rpt 275 (1927).
f) Wadlin, Hydrodynamics of Rectangular Plates,
NACA TN 2790, 3079 & 3249, or T'Rpt, 1246 (1955).

g) Scholz, Forschung Ing'Wesen 1949/50 p 85.

h) Brebner, Various Wings, RAE Rpt 65236 (1965).

i) Bussmann, 0015 Wings, ZWB T’Berichte 1944 p 245.
(7) Lifting characteristics of tapered wings:

a) Anderson, Investigation of 22 Tapered Wings,
NACA TR 572 & 627 (1936/38); also T'Rpt, 665 (1939).
b) Junkers Wind-Tunnel Results, about 1941.
Truckenbrodt, Delta Wings, ZFW 1956 p 236.
Allen, 3 Tapered on Fuselage, NACA RM A53C19.
NACA; A = 8,10, 12, TN 1270 and 1677 (1947/48).
Wolhart, A = 2 to 6, NACA TN 3649 (1956).

g) King, Taper Ratio Series, NACA TN 3867 (1956).
(8) Distribution of lift across the wing span:

a) Multhopp, Calculation of Distribution Across
Wing Span, Lufo 1938 p 153 (Transl ARC No. 8516).
b) DeYoung, Arbitrary Plan Form, NACA Rpt 921.
c) Schrenk, Simple Procedure, Luftwissen 1940,
p 118; English translation, NACA T'Memo 948.

d) Hafer, Improvement of (c ) Luftwi 1944 p 12.

e) Laporte, Examination of (c), ] A Sci 1955 p 787.

(9) We do not agree with the widely used form-
ulation (12,a) whereby the angle as in equation

(5) is in the order of A(dof/dC)) = 8/A.

properly formulate these effects would be complex.
The experimental results in figure 2, suggest, however,
as an upper limit:

do/dCy = 10+ (12/A%) + (25/A) (7)

It is not certain that the last term of this equation rep-
resents induced drag only. In fact, when A reduces
by AA to A;, the effective area can be assumed also
to be reduced, thus increasing the sectional angle of
attack required. Equations (6) and (7) demonstrate
that the components of the angle of attack can be added
to each other. In the case of wind-tunnel tests and/or
in the presence of the ground, the correction of the
angle of attack caused by the boundaries of the fluid
space, presents another angle-of-attack component. For
thdse who wish to think in terms of lift-curve slope,
equation (3) transforms into

dC, /do( = 2am/(1+4 24/A) (8)

where (2 aT) = lift-curve slope of the foil section used
(as in two-dimensional flow). Transformation of equa-
tions (6) and (7) would be complex.

DIHEDRAL is the academic word for what we can also
call “V” shape. Lifting-line theory as described in
this section, has one final application in such wings.
As pointed out in (14,a) when raising the tips of a
straight wing (thus reducing the span), each wing
panel approximately maintains induced characteristics,
in the plane normal to the panel, equal to those of
the original straight wing. The lift of a panel (in verti-
cal direction) is equal to (normal force) times (cos/).
Since the angle of attack is measured in the wing’s
plane of symmetry, the lift angle D(Lof a dihedraled
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wing is expected to be
dot/dCy, = (0.5/rcos’[") + (1/wA, cos’) )

where ‘p’ indicates that the reference area is the sum
of the panel areas, S, , and Ap=2s/c =4 sz/Sp,
where s = span of a panel,=0.5b . As confirmed
by the experimental results on a “V” shaped tail sur-
face in figure 3, lift then reduces in proportion to
cos?~ The lateral force derivative of the surface is
shown in the chapter on “directional stability and
control”.

048}

+ ot o+

4Cr/a0® : AN | A

b o
%1 fd ot~ cosdr !
0.06 \

oot | \\
g %, = 2(10)%
N3 :
T ?EFIMENTAL (14,¢)
0.02 1+ \c
N\
L \\ - .
Nmznmx, ANGLE [7°
0 | ! | | ! | il . |
—t— } { 1 t +
0 3o 60 90

Figure 3. The lift coefficient (based on sum of panel
areas) of a “V” tail surface, as tested (14,c) and as
calculated (14,a) as a function of the dihedral angle.

INDUCED DRAG. Referring the lift coefficient of a
dihedraled wing to the projected planform area § = b T,
it is found that C) = Cy,, where ‘p’ indicates that the
normal force is still referred to the panel area. Equa-
tion (9) then changes into

dot/dC| = (0.5Arcosl") + (1/TA cos ) (10)
Defining now A = b/C, the induced lift angle is
doc;/dC = S/ b’ (11)

where S = projected area, as above, - For a dihedral
angle of 67(as possibly used in the wings of conventional
airplanes) the increment is expected to be only in the
order of 1%. However, “V’-shaped tail surfaces have
been used in place of the conventional tail assembly,
with dihedral angles in the order of 30" Comparing
such a surface with a straight horizontal tail having
the same span, equation 11 predicts that induced
angle and induced drag will remain unchanged. A
more correct analysis (14,b) indicates the very small
decrease as shown in figure 21. For example, at /~ =30°,
the reduction (when keeping b = constant) is in the
order of 4%.
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B. INFLUENCE OF SHAPE ON PLAIN WINGS

The wings of airplanes are not anything close to lifting
lines. They are composed of panels with a certain chord-
and thickness distribution, planform and shape. The
influence of these parameters on lift is described as
follows.

LIFT DISTRIBUTION. Figure 4 shows the lift distribu-
tion of three different planform shapes. It should be
noted in particular:

(a) the elliptical wing has a constant C;_and a uniform
induced angle of attack.

(b) the rectangular wing has a somewhat more uniform
distribution in newtons or pounds, while downwash is
somewhat shifted from the center to the wing tips.

(c) the highly tapered (triangular) wing is loaded in
the center, while the lift coefficient reaches compara-
tively high values near the tips.

(d) Wings with lateral edges show peaks at these edges,
not predicted by theory, but nevertheless real.

There are elaborate methods (8) available for computing
lift distribution across the span of any given planform.
We would like to mention here, only a simple procedure
approximately indicating spanwise distribution. Accord-
ing to (8,c,d) the load (in newtons or pounds) of a plane
wing is distributed in such a manner as to form the mean
between geometrical chord length and the elliptical
shape. To find the distribution, it is thus sufficient to
draw a half circle with the span as diameter, to plot the
chord distribution in a scale so that the resultant plan-
form area is equal to that of the half circle, and to take
at a number of stations the mean between chord dis-
tribution and half circle.

Figure 4. Distribution across the span of four
different wing plan-form shapes, of local lift
coefficient, lift as a force, and induced angle.
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Figure 6. Experimental results (7,d) indicating
the induced characteristics of a
rectangular and two tapered wings.

TAPERED PLAN FORM. The simple lifting-line theory
(equation 3) represents a minimum and thus optimum of
the induced angle, obtained for elliptical load distribu-
tion. Theory expects that any deviation from this dis-
tribution results in a certain increase of the average or
effective value of this angle-of-attack component. There
are correction factors available, indicating the addition-
al amount of induced angle for rectangular and tapered
wing planforms. The theoretical correction can be pre-
sented in the form of the differential

(dxZdC) = k¥a/a (12)

where A/a = effective aspect radio and a = 0.9,
for conventional airfoil sections. This function is an
interpolation (by this author) of analysis (1,b)(10,b),
applicable between A == 4 and 15. The factor K, as
plotted in figure 5, is in theory smallest for taper ratios
around 0.3. In fact, reference (10,b) predicts that the
lift-curve slope of such wings is 99% of the theoretical
as for elliptical load distribution. By comparison, the
influence of fuselage and engine nacelles (see the chap-
ter on “airplane configurations”) can be much larger.
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Figure 5. Factor k. theoretically needed in equation (5)
to indicate the additional induced angle of
attack, as a function of the taper ratio.

(10} Influence of plan form on induced angle, theory:

) Glavert. ARC RM 723 (1922); “Elements Aerofoil
heory”, Cambridge 1926; quoted in Durand Vol II.

D) Hueber, Character of Tapered Wings, Zts Flugt
Motorluftsch 1633 P 249 & 269, and Lufo 1938 p 218.

¢} Plan-form corrections for the induced drag, as
presented in “Fluid-Dynamic Drag”, are diffe;ent

a'nd somewhat smaller than for the induced angle.

4} Reissner. Minimum Wing Drag, J A Sci ]9;10 p 114.
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RECTANGULAR WINGS are expected by theory
(figure 5) to be less efficient than elliptical or tapered
wings. Tunnel tests on a set of three tapered wings are
presented in figure 6. It takes a microscope to determine
the differences in the lift-curve slope; and it may be said
at this point that the selection of a plan form for the de-
sign of an airplane usually depends upon considerations
other than the induced angle, such as structural or stall-
ing. At any rate, the tabulation shows that . . . the mod-
erately fapered wing has the lowest drag-due-to-lift
derivative, and that the rectangular wing (with square
lateral edges) has the smallest lift angle. There are many
other results showing that rectangular wings with sharp
lateral edges are very efficient in producing lift. Figure 7
demonstrates, for example, that the sharp-edged rec-
tangular form is nearly as efficient as the elliptical wing
of the same aspect ratio. Theory as in figure 5, is thus
not confirmed (to be discussed later). When evaluating
the induced angle of a rectangular wing, it must be con-
sidered that the effective area varies (reduces) together
with the effective aspect ratio. If, for example, A re-
duces by AA= Ab/c = —0.1, then the area reduces
by AS = — Ab/b = —(Ab/c)/A. As a consequence,
the first two terms in equation (6) have to be increased.
In equation (7) this is primarily done by the addition of
(5/A) in the third term. In the case of figure 7, it is seen
that when adding the fairings to the lateral edges, the
induced characteristics remain unchanged. Comparing,
however, a wing with rounded edges (e) on the basis of
equal aspect ratio and of area including the added
caps, it is found that AA = —0.12, and that the ef-
fective area is reduced by 2.5%.
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FOIL-SECTION THICKNESS evidently helps the flow
to get around the lateral edges. Figure 8 presents a pos-
sibly extreme example. A 25% thick rectangular wind-
tunnel airfoil was tested both with and without round
fairings added to the lateral edges. Based on one and
the same area (without the end caps) the wing without
fairings is slightly more effective, as far as /if1 is con-
cerned. Note that the due-to-lift drag derivative also
favors the wing without the fairings, while the zero-lift
drag coefficient of this wing is, of course, higher than
that of the wing with rounded lateral edges. A simple
assumption would be that the flow passes around the
half-circular end caps to a degree as though they were
not present. The fact that the original square-ended
wing has a 3% higher lift-curve slope, might then be ex-
plained by a more outward location of the tip vortex,
as in shape (1) in figure 10. Regarding drag, the two
wings in figure 8 compare as follows:

Come= 0.0102, dCD/dCE‘ = 0.062, square edges
Cpe= 00085, dCy/dGP= 0067, with end caps
For practical purposes, we thus find:

Ab/c = —(t/c) = AA (13)

A rectangular wing with rounded lateral edges thus be-
haves, regarding its induced angle of attack and the
effective area, roughly as though the end caps were not
present (12,c). As in figure 8, the lift-curve slope (with
C|, based on rectangular area) is usually slightly less
than that of the wing without the tip fairings; see also
(13,e).

‘ g, = 3(10)°

sb/ac,  Cpy,  acac]
a) ' 14.5 <0067 0.071
I
',_.
b) [ | I 4.5, +0069 0.072
i l i
T
°) ( T " - D 14.5, 0064 0.072
0 i i
T
q) ( —’] T ' 14.7 +0063 0.074
| | )
o) ( l , 14.8 10063 0.075
I

Figure 7. Characteristics of three wing shapes (11,a)
(a) ideal elliptical wing,
(b) rectangular with sharp lateral edges,
(d) rectangular with end caps added.
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Figure 8. Characteristics of a 25% thick rectangular
airfoil; tested (13,g) with and without
round fairings at the lateral edges.

TAPERED WINGS. We may assume that the rounding
effect be proportional to the chordwise dimension of
the edge, indicated in tapered wings by the ratio
c(tip)/c(root) = A. Since the effect is also proportional
to (t/c) at the wing tips, equation (13) holds for tapered
wings when using for ¢ and t the dimensions at the tips.
We have evaluated the theoretical function as in figure 5
and equation (10) for A = 5.5. The result is plotted
in figure 9, in the form of AA = A;—A, where A} =
effective aspect ratio. A number of experimental points
(some of which obtained in direct comparison to an
elliptical plan form) clearly show the beneficial influence
of lateral edges, particularly when they are sharp or
square. Our final conclusion from experiments and
analysis presented, is that the classical statement pro-
nouncing the elliptical as the optimum plan form shape,
is a “myth”, particularly when it comes to designing
and fabricating a wing. Famous airplanes such as the
Heinkel-70 and the “Spitfire” did have costly elliptical
wings. Our graphs show, however, that a tapered wing
can have at least the same aerodynamic effectiveness.
Another argument against the elliptic plan form is of-
fered in (10,d). The ahgle of the viscous or section drag
is g = Cp, /Cp_. Since in a real airplane, C_and (t/c)
are highest at the roots of the wing, Cpg and o(gare
larger there, than in the outboard portions of the panels.
If minimum drag is expected for i+ (cxg/2) = con-
stant across the span, the optimum plan form is some-
where between elliptical and rectangular. Finally, it can
be said that the “best” wing may not be optimum for
an airplane, with a fuselage (see “airplane configura-
tions”) and with a horizontal tail surface exposed to
the downwash coming from the center or the roots of
the wing (see “longitudinal stability™).
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“ROUND” PLANFORMS. In wing sections, a physical
(so called Kutta-Joukowsky) assumption is necessary
to fix the trailing edge as the point where the flow com-
ponents coming from the two section sides, meet each
other (in a rear “stagnation point™). A similar, never
mentioned but equally necessary assumption, s that
the tips of a finite-span wing coincide with the ends of
the lifting line. As explained above, this is not true in
the case of well-rounded lateral edges, as in fizure 8
for example. In a similar manner, wing “tips” with well-
rounded plan form shape result in an effective aspect
ratio which is smaller than the geometrical one. The
path of the trailing vortex is shown in figure 10, for three
different tip shapes of a basically rectangular wing,
with A = constant = 3. According to equation (1)
the roll-up distance (say behind the quarter-chord line)
is in the order of x/c =10, for C;_= 0.6. The path
of the tip vortex was traced to only one chord down-
stream from the trailing edge in the investigation dis-
cussed. The location of the vortex at this distance may
permit, however, to estimate the reduction of the
“vortex span” of the shapes tested, in comparison to
that of the basic rectangular wing. Values of AA. eval-
uated from experimental results of do/dC_ of various
shapes, were found to be proportional to the lateral
displacement (Ay/c) as defined in figure 10. Assuming

0 : : . :
0.2 0.4 0.6 0.8 S

0 : O I | n
t 1*0 ‘\‘\'(5,5) t

S~
(1,a)X

with square edges
~ /wlth round edqes
u;.z‘\

0.4+ // \ I -

I \ THEORY FOR A= 5.5

«
o
~.

EXPERINENTAL: ‘\
t/o = 9 to 128
A=51t0 6

L +

Figure 6. Differential AA of the effective aspect
ratios of tapered wings having a geometrical ratio
A = 5to 6, as a function of their taper ratio.

(i1 Plan form and induced angle, experimental:
fil Doetsch, Rectangular/Elliptical, Ybk D Lufo 1940.
bj i isse AVA Gottingen, Vol T (1921) p 63.

o) Go t. Control Surfaces, Ybk D Lufo 1940, 549.
d) Silverstein, H'Tail Collection, NACA T’'Rpt 688.
e) Circular Wings. see Yearbk D Lufo 1939 p I-152,
and Zimmerman in NACA Tech Note 539 (1935)

fi Hansen.

; 7 Flliptical, Ybk D Lufo 1942 p 1-160.
i} I?ix.‘serx Various Wing Shapes, NACA TN 2445 (1931).
) Knight. Various at R = 2(105 NACA TR 317 (1929)

|
r—b(«/d)—
!
J

Figure 10. Location and path of the trailing vortex
originating along the lateral edge of a basically
rectangular wing, having an aspect ratio A = 3,
as found (13,f) for six different wing-tip shapes.

that the volume of air affected (deflected) by the wing
be proportional to the square of the vortex span b,
the average induced angle may be expected to cor-
respond to

A= A+ DA = (b+ Ab/S = A+2(Ab/c) (14)

For shapes (1) and (3) substitution of 2(Ay/c) for (Ab/c)
leads by way of equations (4) and (6), correctly to the
lift angles as tested. Doing this, it is not assumed that
the effective area would be reduced.

.

aof/ac, aof/ac,  &v/o

a) N,0 19.9 7.0 [}
130 1807 7.0 0

®) 11,0 20.8 7.8 -.10
13, 19.6 7.5 1C

o M0 21,5 8.5  -.18
4 13,0 19.0 8.2 -.16
*) 13y 19.9 7.8 -3

tested with flap snd gap

t/0 = 11,7 to 13%; §1l,c
13,¢) tested in closed tunnel,
while all others in open tunnels

Figure 11.Reduction of the effective aspect ratio of “round”
wings as against the sharp-edged rectangular
shape having the same aspect ratio A = 3.
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REAR CORNER. Some more “round” planform shapes
are shown in figure /1. Here and in figure 12, it is seen
that cutting away from the rear corners of the plan form
is particularly harmful in reducing lift-curve slope and
effective aspect ratio. For conventional thickness ratios
(between 11 and 13% as tested), Ab/c reaches values,
as against the sharp-edged rectangular wing having the
same aspect ratio, roughly between —0.2 and —0.3, for
round or cut-away shapes. This reduction is larger than
that for rounded lateral edges (preserving rectangular
planform) where Ab/c is between —0.10 and —0.14,
for the thickness ratios. investigated. Such values are to
be used to modify the sectional as well as the induced
angle required to produce a certain lift coefficient.
Accounting for the loss of useful span of the round or
raked, and rounded two tip shapes in figure 12, only
by way of an effective aspect ratio, values of AA = —0.4
and —0.5 are found, in comparison to rectangular and
square-edged Wing.

“U” SHAPE. Wing ‘S’ in figure 10 is very effective, des-
pite the fact that the vortex span is somewhat small by
comparison (19). It was found, however, that the trailing
vortex is located at a level some 6% of the wing chord
higher than in the case of other wing ends tested. The
bent-up tips seem to serve as a low type of end plates
(see later). Taking the 6% as measured (which are equal
to 0.5 (t/c) of the foil section used) it can be assumed
that the wing tips impose upon the vortex sheet a “U”
shape with an equivalent end-plate height h/b =
0.06/A = 2%. According to equation (25) the cor-
responding increment of the effective aspect ratio
is AA = 2(0.02) = 0.04. This much helps, but it

Figure 12,
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R, = 2(10)

ROUNDED
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D

Comparison of a basically rectangular wing
with A == 6 = constant, for three different
planform shapes of the ends or tips (11,h).

is not vet enough to explain the performance of shape
‘5’ It is suggested that the clean flow around the wing
tip, as shown in Chapter VII of “Fluid-Dynamic Drag”,
may be responsible, (a) for the complete preservation
of the effective area, (b) for minimum parasitic drag
due to lift, and (c) possibly for a more favorable roll-
up process in the wing’s vortex wake. These arguments
are supported by trying the opposite, id est adding
drag.

TIP DRAG. As reported in (15) a pair of spheres
(as in ball bearings) was attached to the lateral edges
of the horizontal-tail-surface model as in figure I3.
When writing the well-known equation for the induced
angle in the form of

de;/dCLy = 1/ = 180/m* = 18.3° (15)
where Cp=L/gb , an angle is found which is inde-

pendent of the aspect ratio A = b/c. In the experi-
ment, it was found that

Ao /AC, = 19.0°
Ao /ACL = 19.8°

for the plain wing tips,
with the spheres attached.

The effective aspect ratio is thus Aj =119/19.8)A =

0.96 A. The reduction caused by the spherical ob-
stacles (15.b) is AA = —0.04 A, which isAA =
—0.14, for A = 3.7. In other words, a strip of
Ab/c = AA/4 = 0.035, is effectively cut-off from
each lateral edge of the rectangular wing, when dis-
turbing the flow along and around the edges. When
eliminating a similar disturbance by means of the
“clean” tip shape ‘5°, the superior performance of
this type of edge can be understood (19).
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Figure 13. Experiment (15) demonstrating the
influence of a pair of obstructions (spheres)
upon the lift of a horizontal tail surface.
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(12) Small-aspect-ratio considerations:

a) Jones, NACA TN 817 and T'Rpt 835 (1946); also in
“High-Speed Aerodynamics” Vol VI of Princeton Series.
b) Bartlett, Lateral Edges, ] Aeron Sci 1955 p 517.

c) This result agrees with the concept in (a) and (b)
whereby any “retracting” parts of lateral edges,

behind maximum span, do not contribute to lift.
(13) Influence of tip shape on wing characteristics:

a) Hoerner, Fieseler Water-Tunnel Rpt 16 (1939).

b) Kesselkaul, Tests of Wings with Various Lateral-
Edge Shapes, Inst Aircraft Des Braunschweig, 1941.

c) Zimmerman, Small A’Ratios, NACA TN 539 (1935).
d) Hoerner, Aerodynamic Shape of Wing Tips,

USAF AMC Tech Rpt 5752 (Wright Field 1949).

e) Goett, Rounded Edges, NACA T'Rpt 647 (1939).

f) Hoerner, Tip Vortex Measurements Behind 6 Wing
Shapes, ZWB UM 7815 (Messerschmitt Rpt TB-92/1943).
) Bullivant, 0025 and 0035, NACA T'Rpt 708 (1941).
h) Experiments similar to (b) and (f) by Valensi in
Publ Sci Tech Ministere de I’Air, 1938 No. 128.
(14) Characteristics of wings with dihedral shape:

a) Purser-Campbell, Experimental Verification of
Vee-Tail Theory and Analysis, NACA Rpt 823 (1945).
b) Ddtwyler, Mitteilung Aerody Inst TH Zirich, 1934.
¢) Schade, “V” Tail Forces, NACA TN 1369 (1947).
(15) Engelhardt, Influence of Fuselage Upon Horizontal
Tail, Rpt Aerody Lab TH Munchen (1943).

Figure 14. Effective aspect ratio of wings with end
plates (18) as a function of their height ratio.

C. WINGS WITH END PLATES

End plates have found little application on airplane
wings until recently when the winglet and/or tip sails
have been applied to reduce the induced drag, the drag
due to lift. As the induced drag of a wing is a large part
of the total a device that can reduce this component is
of importance. In considering such devices the im-
provement obtained must be weighed against that
possible with an increase in the wing aspect ratio. With
the available theoretical and experimental data the
relative merits of wing and plates, winglets and similar
devices can be found. The theoretical and experimen-
tal characteristics of thé various types of end plates are
presented as follows.

BASIC PRINCIPLES. The objective of adding wing
end plates is to control the flow at the wing tip and to
reduce the induced angle of attack and thus the induced
drag. In some ways this is analogous to the operation
of a wing between the walls in a wind tunnel and thus
eliminating the three dimensional effects leading to the
induced drag loss. Thus the addition of end plates
would be in the limit a wing with the drag
characteristics of a two dimensional section, an in-
finite aspect ratio wing. In any case when adding a pair
of end plates, figure 14, the effective span is increased.
Theory (17) considers a lifting line with an elliptical
loading which is bent up at both ends. The results of
this can be approximated in terms of an effective
aspect ratio

Al = A +4A, where

A A/A = kh/b (16)
Figure 14 shows that this equation is confirmed, using
k = 1.9, up to h/b = 0.4. Note that this type of effec-
tive A’ratio can be used both to calculate induced drag
or the lift-curve slope. With the data given on figure 14
it does not matter whether the plates are attached
nearer to the leading or trailing edge of the wing. Note
that the effect of end plates is also obtained in swept
wings (18,e) and essentially to the same degree as
straight wings.
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WINGS WITH AND WITHOUT END PLATES. The
characteristics of wings with end plates and the wing
with the plates used to extend the wing and so increase
its aspect ratio is given on figure 15. As shown in
figure 15,B DRAG, the drag of the wing with the end
plates is less than the wing without them onlv above
Ci: .3. This is evidently a major reason for the fact
that end plates are not usually applied in the design of
airplanes. Aerodynamically, it is much more pro-
fitable to add end plates to the wing span thus gaining
aspect ratio as well as lift-producing area. To
demonstrate this point, we have analytically determined
the CD(Ci) function for the enlarged wing as shown on
figure 15. Based on the original area of the wing, we
then find a reduction of the drag/lift ratio, for exam-
ple at C = 0.9, as against the original plane wing,
twice as large as that obtained by means of the end
plates. Below that lift coefficient, the wing with the
enlarged span is clearly superior to the wing with end
plates.

MAXIMUM LIFT. The end-plated wing in figure 15,
shows an increase of the maximum lift coefficient
from 1.1 to 1.2. The increment is 9%, while the
enlargement of wetted area is almost 40%. Here again,
a wing increased in span by adding the end-plate areas,
is superior, resulting in a C = 1.38 (1.09) = 1.5. Of
course, a larger span may be structurally uncesirable.
However, end plates at the wing tips are not desirable
either. As a rule, therefore, end plates are used in the
design of aircraft only under conditions where they
may perform another function, in addition to improving
the lift of the device to which they are attached. Such a
case is for example a tailless airplane with a swept-
back wing, where a pair of end plates serve in place of
the vertical tail to provide directional stability and con-
trol. Another application of end plates can be found in
hydrofoil boats, Chapter VIII where the span of a
submerged wing may be limited to the dimension of
the beam of the craft. End plates are also used in
ground effect vehicles.

Although end plates do produce an increase in the
effective aspect ratio which reduces the drag at very
high lift coefficients only slight reductions in drag are
obtained when operating at or near the cruise lift co-
efficients. At the cruise conditions the viscous and
interference drag increments associated with the end
plates are nearly as great as the reduction of the induced
drag due to the effective increase in aspect ratio. While
considerable testing has been done with wing end
plates it is apparent from figure 15 that the optimum
design had not been developed. If the wing span can-
not be changed, the use of wing tip devices may be
desirable. To develop an optimum wing tip configura-
tion for this purpose it is necessary to examine the flow
field in which the end plate must operate and then find
the tip device required to give the desired performance.
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Figure 15 Lift and drag of a rectangular wing
(a) plain, as tested (18,b).
{b) with circular end plates.
(c) calculated with enlarged span.

WING TIP FLOW FIELD. Detailed measurements of
the velocity field at wing tips as influenced by the tip
vortex have been made by a number of investigators,
(16). Tests show that a main vortex forms over the
wing surface as illustrated on figure 16. Between the
main vortex and the wing tip a small secondary vortex
is also formed as shown. At any station in the stream-
wise direction the rotational velocity increases linearly
with radius from the core center until the core
diameter is reached. Then the velocity decreases as a
direct function of the radius. Typical velocity distribu-
tions from (16,a) are given on figure 17 as a function
of wing span station from the tip and the vertical
distance showing these characteristics. The core radius
reaches a maximum at the wing trailing edge and then
decreases in size with downstream location until it
again becomes larger starting at an axial distance of
four wing spans downstream, figure 18. The location
of the vortex core is inboard and above the wing tip as
illustrated on figure 18. The variation of the axial
velocity maxima and the circumferential velocity max-
ima as a function of the streamwise distance from the
trailing edge is given on figure 20.
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rigure 16. Detailed characteristics of a wing tip vortex.

The characteristics of the wing tip flow given on
figures 16 to 20 were obtained from tests given in
{(16,a) for a rectangular wing of A’ratio of 5.33. The
decrease of velocity with increasing radius from the
core center shown on figure 16 is a function of the
wing span, aspect ratio and operating lift coefficient.
Theory is available (16,b,c) for calculating the induced
velocity produced by the wing tip vortices at the
downstream station where the trailing vortices are rolled
up, figure 20. At a distance r from the vortex core
center the rotational velocity v, of the rolled up vortex
can be found from the equations

Y - G b Loy L
v, TPART b 3 (18)
where C,_= the lift coefficient at the wing center

b = wing span

V, = free stream velocity

A comparison of the measured tangential velocity with
that calculated using equations 17, 18 is given on
s“%gure 17. Here the velocity ratio at the wing trailing
edge is very nearly the same as the value calculated at
two chord len gl s downstream where the vortices are
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Although equations 17 and 1& were
case where the vortices are completely
ars that to the first approximation
cted using the data given on figure 20.

one by multiplying the calculated velocity
ratio of equations 17 and 18 by k equation 19.
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x/c =2/u@ x/c = X (19)

of wing tip vortices:
p Vortices Velocity AHS 27 Forum May 71
of Vortex Systems, NACA TM 713, 1933
¢) Donaldson, Th rcraft Vortex Problem ARAP No. 155 1971
d) POF?]“"O“ Vortex Wake Conventional A/C, AGARD No. 204
f) Spreiter, et al Rolling up Trailing Vortex J.A. Sci. Jan. ’51
;))chrow, Effects of Wing on Tip Vortex J of A/C May 1968
orsiglis, Hot-Wire Wing Tip Surveys Jof A/C Dec. 1973
led-Up Structure Vortices, J of A/C Nov. 1973

h) Russow Rol
B McCormick, et al, Structure trailing vortices J A/C Jan. *69

b) Betz, Behavior
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Figure 17. Circumferential velocity of the tip vortex.
(a) Vertical distribution
(b) Span distribution
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Figure 18. Vortex core radius as function of downstream distance.
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(17) Available tneoretical results on end plates:
a) Ergebnisse AVA Gottingen Vol III (1927) p 18.
b) Mangler, Theoretical Analysis of End Plates, Lufo 1937 p 564
(NACA T Memo 856) and 1939 p 219.
¢) Kiichemann, On Swept Wings, ARC CP 104 (195)).
d) Rotta, Plate at One End, Ing Archiv 1942 p 119.
¢) Weber, Loads & Inboard Plates, ARC RM 2960 (1956).
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RECTANGULAR PLANFORM WING
A=5.33
2. = VERTICAL HEIGHT

Yc = SPANWISE DISPLACEMENT
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x/c - DISTANCE FROM TRAILING EDGE

Figure 19. Normal and spanwise displacement of vortex centerline.

INDUCED DRAG RECOVERY. According to theory
(16,b,c,d) all the swirl energy in the trailing vortex
system is trapped within a distance from the centerline
of the wing and for a considerable distance outboard.
However, as indicated by theory and test the major
portion of the rotational energy occures within a very
small radius. This is confirmed by (16,c) where it was
shown that 54% of the vorticity is within a radius up to
0.1 of the wing span should be of sufficient size to
obtain high energy recovery and a corresponding
reduction of the induced drag. Devices that can be
used to recover the energy of the tip vortex of a wing
thus do not have to be large. Some of the devices that
have been considered for this purpose are shown on
figure 21 (18,n) and include winglets tip sails, fixed tip
vanes and rotating propellers.

WINGLETS. Of the wing end plate devices considered
the winglet appears to be the most effective for reducing
the induced drag and effectively increasing the aspect
ratio. Results of test data (18,k,I) show that using
winglets the induced drag is decreased as much as 30%
depending on the lift coefficient, figure 22. The
winglets tested have the best performance at a wing lift
coefficient of 0.5. It would be expected that a change
in configuration could shift the C_for best recovery
up or down.

The design and analysis of winglets is involved and
complex due to the mutual interaction with the wing
surface and the exact solution is not available (18,k).
However, by assuming the tip vortex is only affected
by the main wing the performance of winglets can be
estimated by relatively simple methods. This is done by
finding the local flow conditions at a series of winglet
stations using equations 17 to 19 and the methods
previously given. Knowing the flow conditions the
force coefficients are found and resolved in the flight
direction to find the change relative to the entire wing.
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Figure 20. Variation of axial velocity maxima and circumferential
velocity maxima as a function of streamwise distance.

Consider a winglet mounted at the tip of a wing, figure
23, at any station r on the winglet the effective axial
velocity, Vg is influenced by the sweep of the leading
edge and the angle of attack so

Ve= Vcos(a + ©) (20)

where a = the main wing angle of attack

© = the angle of the winglet leading edge
V_ = the local axial velocity

The true velocity relative to the airfoil section W, is
W=Vt v @1
The rotational velocity v produced by the tip vortex is

determined using equations 17 to 20. The apparent

angle of attack at any wing tip station is, section AA,
figure 23.

Q=¢o+ i 2)

where a. = apparent wing angle = tan v/ Ve

i = winglet section incidence

FIXED TRAILING VANES
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Figure 21. Wing tip vortex energy drag recovery devices.
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Figure 22. Comparison of induced drag ratio of wing with extended
tip to that of a wing with winglets.

The lift and drag coefficients developed on the winglet
can be found by assuming it is operating as a simispan
wing due to the reflection plane characteristics of the
main wing. Thus, knowing the effective aspect ratio of
the winglet the lift angle and operating C| can be
found using equations 2 and 22. The drag coefficient is
determined from standard data and the resultant force
coefficient found from the equation

Cp = CLw/cos V' 23)

where ¥'= tan Cow 7/ CLw

As shown on section AA figure 23 the resultant force
coefficient resolved in the direction of flight gives a
change in the drag coefficient of the basic wing equal
to

b
AC, _ 2 |Cgsin (Fo— Y)W ¢’ db’ )
s v (24)
where S = area of the basic wing
b’/2 = the span of the winglet
¢’ = the chord of the winglet

i

WINGLET - %

° =
Vocos (a + 0)

SECTION AA

BASIC WING

Figure 23. Relation of winglet to basic wing with flow condition’
and force vectors.

N BDRAG BASIC WING
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If the angle of the winglet relative to a line normal to
the wing is the increase of lift on the basic wing is
b/ 2

Cgr cos (¢ +Y) sing W'¢’db’

=.;_f
S Yo v?

[o]
Based on the above approach the drag reduction and
the lift increase is in good agreement with the available
test data.

aC,

(25)

BASIC WING WITH WINGLETS
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{
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Figure 24. Comparison of performance of wings with and without
winglets.

WINGLET PERFORMANCE AND APPLICATION.
Just as in the case of wings with end plates the applica-
tion and performance advantages of winglets are
dependent on the configuration of the wing, its aspect
ratio and the total area. If the wing span is increased
by the height of the winglet and the area held constant
then as is shown in figure 24 the winglets have no per-
formance advantage. Further if the wing span is in-
creased with a corresponding increase in wing area the
operating C | will decrease along with the induced drag
and this along with the aspect ratio increase will give
improved performance compared with the wing with
winglets. Also if a wing tip extension is used that gives
the same wing root bending moment as a wing with
winglets there appears to be no performance advan-
tage with the winglets. However, if a winglet is used on
a wing there is a decrease in the induced drag of the
order of 20% compared to the wing alone. Based on
the above, figure 24 it appears that winglets are useful
for increasing the performance of an existing wing but
if a new wing configuration is to be designed the use of
winglets will give little improvement.
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Single End Plates, placed at only one end of a wing
(17, d) have an effect which is roughly half of that of a
pair of plates; id est, for small height ratios (up to
h/b = 0.2), the maximum increase in effective aspect
ratio is theoretically slightly less than

AA/A = h/b (18)

A plate on one side has a definite limit, however, as to
its effect. As the height ratio approaches infinity, the
effective A'ratio is no more than doubled, while a pair
of plates yields A{= 0o. The function for a one-side
plate plotted in figure 14 can be approximated by

A/DA = (1— (/)% (19)

Note that the ratios are reversed in this equation. As a
practical example of “single” end plates, avertical tail
surface is shown in “Fluid-Dynamic Drag” with a hori-
zontal surface placed on top (serving as end plate).
Ay/A = 1.5, is thus obtained for the fin.

Wing-Tip Tanks (detachable or disposable) have be:
come standard equipment in certain types of military
airplanes (to extend their range). They are not really
end plates. There is an end-plate effect involved, how-
ever. Three specific effects of tip tanks can be stated:

(a) Tip tanks usually extend beyond the lateral edge;
they may thus increase area and aspect ratio.

(b) They can be expected to permit the flow, laterally
to get around them, to a certain degree.

(a) Because of their height (equal to their diameter)
and/or regarding their displacement, tip-mounted
tanks have an effect similar to end plates.

A number of wind-tunnel tests is availablé (20) present-
ing the lift of wings or wing-body combinations, includ-
ing a pair of tip tanks. Analyses as in (21) do not take
into account the rolling-up of the wing-tip vortices. We
will assume that the flow gets around each tank as far as
qualitatively shown in figure 19, so that the span is ef-
fectively reduced at each wing tip, as against that be-
tween the outer sides of the tanks by Ab = --r, where
r = maximum radius of the tanks. Thus, for the two
tanks Ab = —d, and AA = —d/c. Definition of the
effective wing area with and without the tanks is prob-
lematic. Using lifting-line principles, exact knowledge

(18) Experimental results end plates and winglets
a) NACA Technical Rpts 201 and 267 (1927).
b) Riley, End-Plate Shape, NACA TN 2440 (1951).
c) Clements, Canted Plates, Aeron Eng Rev July 1955.
d) See due-to-lift chapter in “Fluid-Dynamic Drag”.
e) Riebe, On 45° Swept Wing, NACA TN 2229 [1950).
f)  Wadlin, On Hydrofoil, NACA RM L1951B13.
g) Bates, H'Tail Surfaces, NACA TN 1291 (1947).
h) CAHI (Moscow) Technical Rpt 58 (around 1930).
1) Halliday, Very Large Plates, ARC CP 305 (1956).
k) Riley, Vertical With Horizontal Tail, NACA Rpt 1171.
j) Roberts, Drag Planer Wings USAACLABS TR 65-79
k) Whitcomb, Design and tests Winglets, NASA TN D-8260, 1976
1) Kirkman, Effectiveness Devices Tests, NASA CR-2202, Dec. '73
m) Flechner, Second-Generation winglets, NASA TN D) 8264 1976
n) Wentz, Wing-Tip devices N76 11012, July ’75
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is not necessary, however. Assuming the height of the
“plates” representing the tanks, to be h = d, equa-
tion (25) indicates AA/A = 1.9(d/b). Depending upon
the manner in which the tanks are attached (possibly
as in figure 19) we then have 3 steps to consider, the
geometrical increment of span and aspect ratio when
adding the tanks, the effective reduction due to flow
around the tanks, and the increment AA = Ab/c, due

to end-plate effect. Using equations (6) and (7) we then
obtain approximately:

do¢7dC = 10/(1 +d/b)+20/A(1 +2d/b) (20)

A tank with d = t, may not really have an end-plate
effect. It can be assumed, however, that the portion of
the tank protruding ahead of the leading edge of the
wing, will produce the alpha flow as explained in the
“airplane configuration” chapter, that is on the inboard
side. Even a tank with d = t, can thus be expected to
have an effect similar to end plates. “Lift-angle” dif-
ferentials due to tip tanks have been evaluated from
available wind-tunnel tests (20). As seen in figure 19,
equation (20) agrees with the experimental points. Of
course, any end-plate effect will be reduced, and the
drag due to lift will be increased, when attaching the
tanks to the wing tips in a crude manner (leaving a gap,
for example).

~

-0.5 h

Blodkc,)

Figure 19.Statistical evaluation of the influence of wing-tip
tanks on the “lift angle” of conventional wings.

ALPHA FLOW. It can be argued that tank bodies
are neither plates nor capable of producing circula-
tion. We can indeed speculate that the mechanism
through which they affect the wing, is different from
that of end plates. It is thus suggested that the “2”
cross flow, as explained in the chapter on “airplane
configurations”, increases the lift on the wing tips.
This can only be true when the tanks protrude for-
ward from the wing’s leading edge. In this respect,
tanks typical for fighter airplanes, have a length about
twice the chord of the wing tips. Their influence upon
the adjacent portions of the wing is, therefore, similar
to that of a fuselage upon the wing roots.
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INBOARD PLATES. End plates have also been inves-
tigated in positions inboard the wing tips. Results are
presented in the “due-to-lift” chapter of “Fluid-Dynamic
Drag”. Results of a more recent analysis (17,¢) are
plotted in figure 20. Because of viscous interference in
the four corners of such combinations (particularly on
the upper side) the actual effect is much smaller, how-
ever, than theoretically predicted. For comparison,
we have calculated a function, assuming that the out-
board portions of the wing panels would be ineffective
{as a consequence of “complete” flow separation). Real
results may be expected to fall inbetween the two lines
shown. Pylon- or strut-supported fuel tanks, say at 1/2
of the half-span of an airplane, can be considered also
to be inboard end plates. As tested in (22,a) a 1% re-
duction of induced angle and induced drag can be found
for a pair of tanks at 0.64 of the half-span, with a strut
length (measured to the center of the tanks) of almost
5% of the wing span.
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Figure 20. The effective aspect ratio of a wing
when moving a pair of end plates inboard.

(20} Influence of tip tanks on wing characteristics:

@) Howard, North American Aviation Rpt NA-1947-755.
b) NACA. Wind-Tunnel Tests, RM A5F02, L8J04, 1.9J04.
¢} tail, Characteristics, RAE TN Aero-2085 (1950).
{21) Analvsis of wing-tip tanks:

a) Hartlev, Analysis, ARC C’Paper 147 (1952).

bl Weber. Wing and Body, ARC RM 2889 (1957).

¢} Robiuson. Loading, NACA RM L1953B18.

(22) Pvi(m»\,upported tanks or engine nacelles:

a) Pepper, Fuel Tanks, NACA W’Rpt L-371 (1942).

3)) RAE. On Swept Wing, ARC RM 2951 (1952).

(24) Cone (NASA) re-analysis of induced flow:

a) Vortex Sheet Deforméntion, TN D-657 (1961).

b) Infiuccd Drag of Bent-Up Wing Tips, R-139 (1962).
<) Wings With Cambered Span, Rpt R-152 (1963).
Bending Moments of Wings as in (c), TN D-150¢.

d)
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Figure 21. The effective aspect ratio of wings cambered
in spanwise direction (24, b, c).

Cambered Span. The original induced-flow theory (1)
applies to plane wings. A reanalysis (24) including shapes
extending geometrically into the third dimension, points
out possibilities of improving the efficiency of wings
whose span ‘b’ (straight line between the tips) might
be restricted. As shown in figure 21, the effective aspect
ratio increases, meaning that induced angle and induced
drag decrease, when cambering in spanwise direction.
In comparison to a dihedraled wing having the same
height ratio, the half-elliptical shape proves to be much
more efficient. Of course, as in the case of end plates,
the increased “wetted” area of cambered-span wings has
to be taken into account when considering their “total”
efficiency (in terms of L/D). Except for (a) all of the
references under (24) deal with a reduction of the in-
duced drag corresponding to (Aj/A) as in chapter VII
of “Fluid-Dynamic Drag”. For practical purposes, we
may assume that the induced angle of end-plated wings
is one and the same for drag as for lift, expressed by:

2
dx /dC = dCpy/dQq, (21)

Optimum lift distributions studied in (24) are essentially
elliptical.
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Bent-Up Tips. The result of equation (26) or figure 14,
is also included in figure 21. End plates are seen to be
more efficient than any continuous spanwise camber
leading to the same height ratio. Up to h/b = 0.1, wing
tips bent-up in the form of a quarter circle (24.b) are
equally efficient, however. For example for A = 5,
the corresponding bending radius would be 1/2 of the
chord of a rectangular wing. As shown in chapter VIII
of “Fluid-Dynamic Drag”, the interference drag in the
corner of an 0010 airfoil bent up (or down) 90°, using
a radius not larger than r = 2t, or = 0.2¢, is already
zero (at zero lift). How large drag and loss of lift might
be, say at the cruising lift coefficient of an airplaine,
can only be determined by experiment. It is suggested,
however, that with a bending radius between (0.2 c) and
(0.1b) as in the example above, interference would be
small, and the effectiveness of a bent-up tip as an end
plate would be high (might be the same as theoretically
predicted). It is also expected that any bent-down wing
tips (or suitably profiled end plates) would not have
much of an interference drag.

Fxg.ure 22 Flow. pattérn past a wing tip, drawn on the
basis of flow observations in a water tunnel (7,a).

Trailing-Vortex Hazard, As discussed in the beginning of
this chapter, the characteristics of the trailing vortex,
figure 22 and Chapter XI, and its strength determine the
hazard effects of large aircraft on other airplanes flying in
the vicinity. These hazard effects are especially severe
when there is a large spread in gross weight between the
aircraft (25,a,c,d). It is thus desirable to alleviate the
hazard by reducing the strength or breaking up the trailing
vortices. The strength of the trailing vortices depends on
the wing loading and thus in the far wake would be the
same if all the energy is concentrated in the rolled up tip
vortex. Thus, changes in distribution would be expected
to have a small effect in alleviating the hazard. The use of
part span trailing edge wing flaps, however, does
apparently reduce the hazard by a change in lift
distribution at a distance of 180 wing chords downstream
(25,b). This is probably due to a reduction of the strength
of the tipvortex by the generation of second vortex at the
flap outboard edge. If the vortex at the flap outboard
edge does not combine with the tip vortex, use of flaps
may be a practical method of reducing the trailing-vortex
hazard in the vicinity of airports.

FLUID-DYNAMIC LIFT

R
f_—_j=4

at T

SPOILER

| |
|

SPLINE ARRANGEMENT

16- CL _
f WITH FLAP
_ | %m",n«; SPLINE
/ MID SPAN SPOILER

2- / ~
, ~ _ o pevice
8%'/‘) //‘L TRAILING SPLINE
; ~—OUTBOARD SPOILER
4 l:'/Eri\-—r41r: SPAN o

Figure 23.  Effects of changes of lift distribution and trailing

edge spoiler on lift and drag of a wing.

A second way of reducing the problem of trailing vortices
is by breaking up the rotational energy. To accomplish
this a trailing spline as illustrated on figure 23 was tested
as well as a spoiler. These devices were designed to break
up the vortex and did show an improvement to 100
chords downstream; however, the improvement died out
at the downstream distances corresponding to 180 chord
lengths. It appears that such devices should be designed to
take out the rotational velocity of the vortex to be
effective. The trailing spline did not effect the lift of the
wing but did increase the drag as shown on figure 23.

25. T Wing trailing-vortex hazard
a) McGowan, Trailing Vortices of Transport Aircraft,
NASA TN-D-829.
b) Croom, Trailing-vortex Hazard Alleviation Devices,
NASA TN LX-3166.
c) Orloff, Vortex Measurements — Swept Wing Transport,
JofA/C June 1974.
d) Brashers, Aircraft Wake Vortex Transport Model, J of
A/C May 1974.
e) Chigier, Vortexes in Aircraft Wakes, Sci Amer, March
1974.
f) Donaldson, Vortex Wakes of Conventional A/C, AGARD-
AR-204
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CHAPTER IV — MAXIMUM LIFT & STALLING

The wing area required for a given application is in-
fluenced largely by the maximum lift and stalling char-
acteristics of the airfoil sections used. Because of the
possibility of mishaps in the event of stalling, the factors
effecting the maximum lift and stall of wings are of great
importance. The stalling characteristics of air’oils also
affects the design of helicopter rotors as well as other
types of propulsive devices.

The maximum lift of a wing is defined as that value
obtained when a further increase in the section angle of
attack gives zero or a negative increase of lift. An airfoil
can have two or more values of maximum lift but general-
ly only the first is of importance. A wing is said to stall
when as a result of a further increase of the angle of
attack there is a loss of lift.

The maximum lift of a wing depends on paramerers such
as:

® Airfoil section shape

Operating conditions such as Mach number and Rey-
nolds number

Wing planform, and twist

Auxiliary devices such as flaps, slots, etc.

Influence of the fuselage and propulsion system

The type of application; that is, fixed wings, helicopter
rotors, etc.

&

& @ ® @

bsolute magnitude of maximum lift in th: case of
ings is generally not as important as the type of stall
ered. A wing with very high maximum lift can
¢bruptly, losing a major portion of its lift for a small
in angle of attack above stall with dangerous
nces. Such a wing would not be as useful for
i wing, having a lower C x with a more gentle
ws maximum lift and stalling are of primary im-
in the application of wings and airfoils. In this
only the characteristics of straight wings and
ment airfoils will be covered in detail; items such
slats. sweep and low aspect ratio wings and their
¢ on maximum lift will be discussed in chapters V,
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1. THEORETICAL AND DEMONSTRATED
LEVELS OF MAXIMUM LIFT

An overview of the theoretical values of maximum lift
compared to demonstrated levels is desirable before
examining the detailed maximum lift characteristics of
single element airfoils and wings.

Theoretical Maximum Lift Coefficient C x . Theory (1)
shows that C_x = 1.94A but can be no greater than 4.
Thus the Crx of a two-dimensional wing is 41r. The
maximum lift is set by the physical ability of the airfoil to
produce circulation. With actual wings and the use of high
lift devices the maximum lift coefficient achieved is much
less than the theoretical maximum. As shown on figure 1
the maximum lift coefficient demonstrated for a single
element airfoil is only 1.5 to 1.6, or 10% of the value
theoretically possible. Even with flaps, slats and blowing
the demonstrated level of C_y (figure 1) is only approxi-
mately 30% of the ideal. The addition of forced circula-
tion brings the demonstrated level of CLx reasonably near

DIRECT THRUST

ST Co - i
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F Cx LIMIT CIRCULATION LIFT Crx = 47 ; - !
L - D
DEFLECTED !
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| _ FORCED
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/
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Figure 1. Potential maximum lift as a function of aspect ratio-
demonstrated and theoretical.

(1

) Maximum Lift
a) Cone, D. D. Theory NASA TN D-657
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the ideal. In this case, however, power is required which
could have been used directly to supply lift! Basec. on the
large spread between the theoretical value and the actual
demonstrated values of maximum lift, especially in the
case of single element airfoils, it would appear that there
is considerable room for improvements of this type.

2. THE PHYSICAL MECHANISM OF STALLING

The stall of an airfoil depends on the section shape,
thickness ratio and the operating Reynolds number. The
flow along the pressure side of the airfoil section is of
little importance with regard to maximum lift. On the
other hand, as the angle of attack is increased the flow
past the suction side develops:
a) A negative peak in the pressure distributicn at or
near the leading edge
b) A strong positive pressure gradient betw:zen the
negative pressure peak and the trailing edge
c) A growth of the boundary layer thickness along the

chord.
16 ( i | | | o
14r -
C TRAILING EDGE \
L STALL
\ o)
1’2 L -
\\ LEADING EDGE
\ STALL
10 a -

LONG BUBBLE TYPES

AIRFOIL UPPER SURFZCE
SECTION ORDINATES @
x/c= L0125
O NACA 63-018 2.22
O NACA 63-012 1.52
2 A NACA 63-009 1.15 _
¢ ¢ DOUBLE WEDGE
o
O ! i

Figure 2. Types of airfoil stall Reynolds number 5.8(10)6, TN
2502.

LEADING EDGE SEPARATION

FLUID DYNAMIC LIFT

With an increasing angle of attack of the section the flow
on the suction side of the airfoil develops two weak spots
where boundary layer separation is to be expected:

1) At the leading edge where the flow must go around
the nose section with a corresponding loss of mo-
mentum

2) Near the trailing edge where an increase in the
boundary layer thickness takes place.

Stalling (loss of lift due to flow separation) will originate
in one of the two locations, or in both concurrently.

Types of Lift Stall. The lift stall encountered by an airfoil
as a result of separation has been classified into three
different types:

1) Leading Edge Separation — Long Bubble Type. This
is a gradual stalling of thin sections from a more or
less sharp edge by way of a laminar separation
bubble and reattachment.

2) Leading Edge Separation — Short Bubble Type.
Sudden stall is encountered with round nose zero or
low camber sections with so-called bubble bursting.

3) Trailing Edge Separation. Gentle stalling from sepa-
ration at the trail edge is experienced with this type.
As the stall increases the separation progresses for-
ward from the trail edge.

Each of the above types of stall has a distinct behavior as
characterized by the variation of lift as a function of angle
of attack, figure 2.

The 1ift characteristics of a double wedge section, figure 2,
illustrates leading edge stall of the long bubble type. Here
the variation of lift with o is linear nearly to the maxi-
mum and then rounds and continues flat. When lead edge
separation of the short bubble type is encountered the lift
remains linear to the stall and then drops suddenly as
illustrated by the NACA 63-009 section, figure 2. Trailing
edge separation is encountered typically with thicker,
more rounded nose airfoils, such as the NACA 63, -018
type also shown on figure 2.

Thin (Sharp) Leading Edge. The reason for the leading
edge separation of the long bubble type is explained by
considering the pressure distribution for the wedge section
operating at «« = 6 , figure 3. The flow does get around
its sharp leading edge up to angles of attack for a lift
coefficient in the order of C, = 0.7. The mechanism
through which this is possible, is as follows: Corre-
sponding to the small distance between stagnation point
(at the lower side) and leading edge, the boundary layer
arriving at that edge, is very thin. The Reynolds number
of the flow at the leading edge is also very small. Taking
into account the strong negative pressure gradient b_e-
tween stagnation point (where Cp = +1) and the leading
edge (where C, possibly = —10) the boundary layer flow
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must certainly be assumed to be laminar; and since it is
laminar, the flow “around” a sharp leading edge must be
expected to separate “immediately”. As conrirmed by
several special investigations (2), laminar separation does
take place. However, after separating, the inside surface of
the fluid forming the contour of the separated space,
turns turbulent. As shown in figure 3, the boundary layer
(the sheet of air adjacent to the bubble) then expands in
volume because of mixing with the “dead” material in the
separated space, thus reducing the size of that space, until
the outer flow (including the now thickened boundary
layer) re-attaches itself to the upper surface of the plate at
some distance behind the leading edge. The prasence of
the separated space is recognized (as in figure 3) in the
pressure distribution showing a constant negative pressure
region, where without the “bubble” a pronounced peak
should be. The peak is thus cut off by separation, al-
though some of its lift is added further downstream.
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Figure 3. Example of thin and sharp airfoil section stal.ing (2,a)

' boundary layer profile, showing laminar separation, bubble,
trunsition, reattachment and growth of the layer.
b pressure distribution showing constant pressure and bubble
reattachment, and considerable recovery.

(2) investigation of boundary layer and stalling:
a) McCullough, 3 Types of Stall, NACA TN 2502; See
also TN 1683, 2041, 2172, 3524 (1948/55).
b) NACA, 63 and 64 Series Sections, TN 1394, 2235,
1923.
¢) Gault, Regions of Separation, TN 3505 (1955).
d) Crabtree, Local Separation, ARC R&M 2886 & 3122
(1957); Sed J Aeron Sci 1957 p. 597.
¢) Chapman, Separation and Transition, TN 3869
(1957).
f) Gault, Correlation of Results, TN 3963 (1957).
2) Jones, B. M. 3 Types of Stall ARC R&M 1588.
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a) Lift with discountinuity at Cp 0.56. b) Section drag showing sudden c) Length of separation bubble from
increase at ¢, 0.56.

leading edge.

Figure 4. Lift, drag and separation bubble characteristics for
NACA 64A006 airfoil section.

a) Lift with discontinuity at C.=0.56.

b) Section drag showing sudden increase at C,. 0.56.

¢) Length of separation bubble from leading edge.

Separation Bubble — Long Type. Another example of
thin-airfoil lift stall with leading-edge separation of the
long bubble type, is presented in figure 4. There is a
critical condition in the particular 6% section tested, at
C. = 0.55. The lift shows a modest discontinuity caused
by the onset of laminar leading edge separation as indi-
cated both in figure 4, reporting the measured length of
the separation bubble, and by the sudden growth of the
drag coefficient. In certain sections, the discontinuity can
have such a size, that a “first” maximum of the lift is
formed. In the case of the flat plate, or in thin airfoil
sections, the size of the bubble described, and the distance
at which re-attachment takes place, grow together with
the lift coefficient. For example, in figure 3, the re-
attachment point is at 60% of the chord, while the total
thickness of the boundary layer (properly drawn to scale)
has reached at least 25% of the chord upon approaching
the trailing edge. Note, however, that the displacement
thickness (affecting circulation) may only be 15% of the
total, which is some 4% of the chord, while the momen-
tum thickness « (indicating drag) in a turbulent boun-
dary layer, is but 10% of total thickness and 2.5% of the
chord, respectively. Since the viscous drag coefficient is
generally ¢, = 2 , a thickness in the order of 3% of the
chord can be estimated for the upper side from the tested
section drag coefficient Cos = 0.07. Assuming that the
velocity distribution across the boundary layer would still
have the same shape as in a constant-pressure turbulent
layer, the total thickness can then be estimated to be 6 =
30% of the chord. This estimate is confirmed in figure 3.
After the first appearance of the bubble, stalling develops
gradually; and it is complete when the re-attachment
point reaches or exceeds (so to speak) the trailing edge
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Boundary Layer Transition. At higher Reynolds numbers
(above 2 or 3 times 10% ) it can be assumed that ‘aminar
separation and the formation of the bubble are reduced,
and that re-attachment of the flow is facilitated =y cam-
ber and thickness (nose radius). The whole bubble mecha-
nism still persists, however, at least under certain condi-
tions, in round-nose sections, although the size and de-
velopment of the separation bubble may be very limited,
and as a consequence the magnitude of the CLx is differ-
ent. For example, in the 64A010 section reported in (2,b)
the chordwise dimension of the bubble is but 0.5% of the
chord at CL = 1.0. For practical purposes, the sequence
of such minimal separation plus “immediate” re-at-
tachment, obtained within the first 1% of the chord,
simply constitutes the transition of the bounda-y layer
from the laminar to the turbulent type of flow. Such
transition is susceptible to stream turbulence (as ir. certain
wind tunnels) and to variations of the Reynolds number
(3). The maximum lift coefficient increases, therefore,
due to turbulence as well as to increasing the Reynolds
number. Airfoil sections of this type are very numerous.
Among them are the symmetrical NACA 0012 1o 0021
shapes, and most of the sections with modest thickness
and camber dimensions such as the NACA 2409, 23012,
and 64-212.

Bubble Bursting. Leading edge separation of tke short
bubble type is encountered when the angle of attack of a
section is further increased without a further growth of
the separation bubble in fact, as documented in (2,b,c,d),
the length of the very small bubble (found at higher
Reynolds numbers) reduces as the angle of attack is in-
creased. In this condition, the lift continues to grow,
essentially along a straight line versus the angle of attack,
with hardly any losses. Figure 2 demonstrates this type of
lift function very well for the NACA 63-009 airfoil sec-
tion. However, without any warning, upon reaching a
critical condition in which the bubble is strained too
much, “complete” separation takes place from near the
leading edge. As noted in (2,a) the bubble thus “bursts”
into separation (re-attachment fails suddenly). The lift
coefficient drops at the same instant, from a maximum to
a level which seems to be of the same type asin 1 stalled
thin airfoil section.

(3) Regarding the strong effect of transition andjor R’num-
ber upon the climination of laminar-type separation, the
mechanism of the drag of spheres may be consulted as
described (for example) in  Chapter III of “‘Fluid-
Dynamic Drag”.
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Trail Edge Stalling. After eliminating (by using a round
nose, increased thickness and/or camber) the flow near
the leading edge as the weakest part of the circulating
motion of the fluid, another weak region soon develops
near the trailing edge. For example, consider the pressure
distribution of a 4% cambered airfoil section shown in
figure 5,a. On the suction side, three pressure distributions
are superimposed:

(a) acomponent due to thickness

(b) adistribution representing lift due to camber
(c) a peaked contribution due to flow around the nose

NACA 4412
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Figure 5. Lifting characteristics of a 4412 section tested (4,e) (§)

on the center line of an A = 6 airfoil in the VDT tunnel at Ry =
6

4(10)".

a) pressure distribution at an angle of attack slightly beyond that

for C x .

Evaluation of (5,b) roughly yields the ratio of the maxi-
mum local velocity “w”, at the nose of average sym-
metrical foil sections:

w/V=1+2t/c+02Cy/(1]t) )

where 1/t, the ratio of lead edge radius to thickness, may
be between (0.5 and 2.0) t/c. Maximum speed w, maxi-
mum dynamic pressure q and the minimum pressure co-
efficient can be estimated using this equation. Both items
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(a) and (b) above produce a positive pressure gradient
approaching the trailing edge. Under the influence of this
gradient, the boundary layer grows considerably; and at
the trailing edge will have a total thickness § which can
roughly be described by

Slc=5C, +k(C.)" )
where C.= skin friction drag coefficient, n possibly =2, k
in the order of 10, and Cr = 0.03, depending on the
thickness and shape of the section used. After growing so
much, the boundary layer reaches a critical condition
(where it cannot keep moving against the pressure) so that
a gradual accumulation of boundary layer material and a
corresponding separation of the outer flow from the sur-
face of the foil section take place. The circulation then
stops growing with the angle of attack; the lift reaches a
maximum.
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Figure 5. b) C,_ (and Cy) integrated from pressure distributions
on center line of A = 6 airfoil.

As shown in figure 5b, the NACA 4412 airfoil displays a
rounding-over lift function. Thus, before reaching its
maximum, the lift coefficient diverges from the straight
line indicating the beginning of flow separation from the
trailing edge. Upon increasing the angle of attack beyond
that for Cux , the lift decreases gradually (and without
discontinuity) eventually reducing (at very high angles of
attack) to a level or a function corresponding to ““full”
separation. It should be emphasized that separation in
sections of this kind, proceeds from the trailing edge
toward the leading edge; and that stalling from the leading
edge is only obtained at the very high angles mer tioned.
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Figure 6. Lift characteristics and mechanism of stalling of a 10%
circular-arc section as tested (6,d) at three different Reynolds
numbers, in the British Compressed Air Tunnel (A = 6).

Circular Arc Sections. The mechanism and details of trail-
ing-edge stalling have not been studied as much as lead-
ing-edge stalling. Some further insight can be gained, how-
ever, by considering the data for the circular-arc section
shown in figure 6. The well-defined characteristics of
essentially sharp-edged plates change to a degree as a
sufficient amount of thickness is added, particularly in the
form of an arched “back”. Keeping the lower side flat,
their camber ratio is equal to % the thickness ratio. With
maximum thickness located at 50% of the chord such
sections have a considerable trailing edge “‘wedge’ angle
“at” the suction side, easily leading to separation from
that edge. In other words, thickness, camber and the
location of these two at 50% of the chord, combine to
make the flow along the suction side comparatively sensi-
tive and weak as it approaches the trailing edge. Specific
characteristics of the circular arc section of figure 6 are as
follows:

(a) At a Reynolds number of but 10° (in the compara-
tively turbulent CA’tunnel) laminar-type separation seems
to take place from the minimum-pressure point at or
somewhat ahead of the 50% chord point. At this condi-
tion the minimum drag coefficient is 0.02, confirming
separation.



4-6

(b) At Rc =3 (10)° and theangle for minimum drag the
lift coefficient is 0.575, which is equal to the potential
flow theory CL sym=0.575, as in figure 27, of Chapter II,
for f/c = 0.5. The drag coefficient (Cos = 0.008 =
minimum) obviously confirms that the flow is fully at-
tached and we have the condition of symmetrical flow.

(c) Upon increasing the Reynolds number above 3 (10)
the lift coefficient for minimum drag reduces slowlv; and
becomes C_o = 0.46 at 5(10)°. An increase of skin
friction more turbulent along the upper side of the section
(Cos =0.009) is evidently responsible for reduced boun-
dary-layer momentum approaching the trailing edge. As a
consequence, pressure recovery is somewhat deficient, and
circulation and lift are somewhat reduced.

Zero-Lift Angle of Attack. The lift-curve slopes shown in
figure 6 are practically the same at all three Reynolds
numbers considered. However, the zero-lift angle of attack
varies from —3° at a Reynold$ number of 10%, up to a
maximum of —60° at RN =3 x 10, and slowly down
again to -5° at RN = 5(10)6 . This variation of the zero
lift angle corresponds to that of the skin-friction drag
coefficient, down from the laminarly separated value at
10%, to a minimum part laminar and part turbulent value
in the vicinity of 3(10)®, and somewhat up again to a
mostly turbulent level at 5(10)° . We can also make the
prediction that skin friction would decrease again, and
that lift would increase again, upon increasing Reynolds
number above about 107, provided that neither surface
roughness nor compressibility would interfere. It should
be noted that all these variations are a consequence of
beginning trailing edge stalling. The report (6,d) from
which the results in figure 6 are taken, also contains data
on circular-arc sections with different thickness ratios
(while f/c always = 0.5 t/c). Sections with ratios t/c =15
and 20% show the variations as discussed above in strong-
er form, while a 5% section does not show much of a
variation at all.

“4) Airfoil sections as a function of R’number:
a) Jacobs, In VDT, NACA T Rpt 586 (1937).
b) Relf, In the British CAT, ARC RM 1706 (193¢€).
¢) See references (7,a) (11,¢).
d) Jacobs, Thick Sections in VDT, T Rpt 391 (1931).
e) Pinkerton, 4412 Pressure Distribution, NACA TR 613
(1938).
f) AVA Gottingen, Ergebnisse 1I1 (1920) p. 58.
a) Pinkerton, 4412 Distribution, NACA T Rpt 612.
b) Kochanowsky, Theoretical, Ybk D Lufo 1540 p.
[-72.
¢) Schrank, Collection of Data, Ringbuch Luft Tech,
Rpt IA11 (1938).

(58)  Pressure distribution around foil sections:
a) Pinkerton, 4412 Distribution, NACA T Rpt 613.
b) Kochanowsky, Theoretical, Ybk D Lufo 1940 p [-72.
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Rounding of Leading Edge. The report (6,d) also gives an
explanation for the fact that sharp-edged circular arc
sections (as frequently used in marine propellers) do have
the same efficiency as similar sections with rounded noses
where, and if, used at lift coefficients close to CLsym.
However, when using the section of figure 6, at a lift
coefficient of 1.0, the section-drag coefficient of a suit-
ability rounded foil shape (with r/c between 1 and 2%) is
but half (Cpg =¥ 0.017) of that of the original sharp-
edged section (C o = 0.038) at R, =4 (10)° . Rounding
also has an effect upon the maximum lift coefficient of
the sections tested at Reynolds numbers above (2 or 3)
10° . When rounded, the 10% section (as in figure 6) thus
exhibits a maximum C,y =1.55,atR =4 (10)° , rather
than = 1.10 as at lesser Reynolds numbers, or as in the
original condition (with sharp leading edge).

3. CORRELATION PROCEDURES OF TEST DATA

From the discussion of the types and mechanism of stall-
ing it is apparent that it is a separation phenomenon
within the boundary layer, and thus the airfoil shape and
operating Reynolds will have a large influence on the
results. Because of this the test conditions, including tun-
nel turbulence, also affect the results. Since we are inter-
ested in the application of airfoils in free air conditions,
the consideration of wind tunnel turbulence must be
made before satisfactory results concerning shape and
R’number can be presented. It will then be possible to
correlate the results between various tunnels and will
provide a reliable basis for comparisons with any newly
developed theories.

Also important in the application of wind tunnel test
results are the test conditions with regard to wall location
if the test section is open or closed jet. Airfoils tested
between walls will give two-dimensional results that must
be corrected for application to a three dimensional wing.
The use and correlation of such data requires that the
airfoil has been tested with ends sealed as this can influ-
ence the results, especially with regard to C_x . Data
published before 1950 were often influenced by end leak-
age problems, and caution must be exercised in their use.

6) Maximum lift of sharp-edged sections:
a) Thin Plates and Circular Arcs, Erg TV AVA Got-
tingen.
b) Doetsch, Modified Biconvex, Ybk D Lufo 1940 p.
1,54.
¢) Circular-Arc Foil Sections, Bull Serv Tech Aeron (Bel-
gium) 15 (1935).
d) Williams, Circular-Back Foils, ARC RM 2301 (1946).
e) See also references under (35).
f) Williams, 5% Biconvex in CAT, ARC RM 2413
(1950).
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Wind Tunnel Test Conditions. Stream turbulence, found
in many wind tunnels, considerably increases thz Cpx of
most of the commonly used sections. This type of turbu-
lence can be of practical interest, such as the case of
propeller slipstream effects on a wing. Figure 7 presents
the maximum lift coefficient of a given airfoil section as
tested in several wind tunnels having different degrees of
stream turbulence. Turbulence evidently affects the transi-
tion of the boundary layer from laminar to turbulent flow
so that the bubble bursting previously described is post-
poned to higher lift coefficients. In this manner, turbu-
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Figure 7. Lift function of 23012 airfoils as tested in wind tunnels
differing in Reynolds number, degree of stream turbulence and
stream deflection. Comparison in different tunnels:

a) FST and DVL, same type tunnels, same result, including re-
duced L’curve slope to C. = 0.4 or 0.5 (must have b’layzr reason).
b) Turbulent VDT does not show variation of L’curve slope; C_x
= increased because of turbulence; but type of stall preserved. For
same R’number = 8(10)6 , the Low-Turbulence Pressire Tunnel
(38) indicates C_x = 1.79, caused by effective camber.

¢) In the 2-dimensional Low-Turbulence Tunnel, C_y s increased
to a lesser degree by R'number (C_y is tested in that tunnel as
1.61, at 3(10)* ). Effective camber (as against A = 6) is 3.3(1.61)
= 5.5%. Figure 14 suggests a corresponding maximum increase
C_,=0.15.

(7)  Airfoils with A = 6, tested in NACA FS’Tunnel:
a) Silverstein, Clark-Y Airfoil, T Rpt 502 (1934).
b) Goett; 009, 0012, 0018 Airfoils, T Rpt 647 (1939).
c¢) Bullivant, 0025 and 0035 Airfoils, T Rpt 708 (1941).
(8)  Airfoils as tested in “large” DVL wind tunnel

a) Doetsch and Kramer, Lufo 1937 p. 367 and 480:
also Yearbk D Lufo 1937 p. 1-69, 1939 p. 1-88 and
1940 p. 1-182.

b) Hoerner, Clark-Y Series, DVL Rpt Jf 208/3 (1940):
also in small tunnel, FB 65 (1934).

¢) Collection of DVL Results, ZWB FB 1621 (1943).

d) For DVL (and other) results see also refsrence 19.

e) Pressure Distributions, Ringbuch Luftf Tect I,A,11.
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lence does something which is otherwise only obtained by
increasing the Reynolds number. Consequently, a method
for correlating wind tunnel data with free stream condi-
tions has been proposed (12,a). This method consists of
multiplying the actual Vcfr by a so-called turbulence
factor “f”, in order to obtain the effective number R, =
“f” Rc. The turbulence factor suggested to be used is

“f’=(10) /R¢rjy where k= 4, and ?3)
where Rey+ = Reynolds number of a sphere used to
calibrate the particular wind tunnel, at the speed where
the drag coefficient of that sphere passes through the
point where either Cp = 0.3, or where the pressure at the
rear side of the sphere (12,b) is equal to the ambient
pressure in the test section of the tunnel. The most
turbulent tunnel is the NACA’s Variable Density Tunnel
(13) where “f” = 2.7 (in its rebuilt condition, since 1929,
see NACA TR 416), corresponding to root-mean square
velocity fluctuations in the order of 2% of the tunnel

( 9) Airfoil sections teased by British ARC:
a) Jones, 0015 and 0030 in CAT, RM 2584 (1952).
b) Hilton, 18 Sections High Speed, RM 2058 (1942).
c) Williams, Strut Sections, RM 2457 (1951).
d) See also references (5) (28,c) (40,b), (7,c), Chapter
1L
e) ARC, Investigations in the Compressed Air Tunnel,
RM 1627 (R’number), 1635 (RAF-34), 1717 (RAF-
69+89), 1771 (Airscrew sections), 1772 (RAF-34), 1870
(Joukowsky), 1898 (23012), 2151 (23012 wing), 2301
(circular-arc backs), 2584 (0015 + 0030).

(10) Investigations and results on 23012 airfoils:
a) Jacobs, in FS and V’Density Tunnels, Rpt 530
(1935).
b) Jacobs, in V’Density Tunnel, NACA T Rpt 537
(1935).
¢) Jacobs, Airfoil Series in VDT, NACA Rpt 610
(1937).
d) NACA, with Flaps, Rpt 534 (1935) & 664 (1939).
e) ARC, In CAT, RM 1898 (1937); also RM 2151
(1945).
f) Doetsch, In DVL Tunnel, Ybk D Lufo 1939 p. I-88.
g) The foil section 23012 (figure 7) is outstanding in
regard to maximum lift (see figure 19). The tested C.i
corresponds to that of other sections having 4% camber,
while 23012 has only 1.8%. The pitching moment co-
efficient due to camber is but — 0.01, which is ~1/5 of
that of the corresponding conventionally cambered sec-
tion. Unfortunately, 23012 is not considered to be de-
sirable at higher speeds.

(11) Foil sections tested in two dimensions by NACA:

a) Doenhoff, Low-Turbulence Pressure Tunnel, T Rpt
1283.

b) Abbott & von Downhoff, Collection of Data, T Rpt
824. (1945); also “Wing-Section Theory”, McGraw Hill
1949.

¢) Loftin, At Very High R’Numbers, TN 1945 (1949) &
Rpt 964 (1950); also RM L8L09 with results on 34
sections.

d) See also reference (37,b).

e) Loftin, 64-010 modified, TN 3244 (1954).

f) McCullough, 0006/7/8 in Ames Tunnel, TN 3524
(1955).

g) NACA, 64-x10 sections, TN 2753, 2824, 1945, 3871;
T Rpt 824, 903.
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speed. Modern tunnels such as the NACA’s special low-
turbulence tunnels (having fluctuations below 0.1%)
would have factors only slightly above unity. Although
there are strong reservations against using the “urbulence
factor, the following values are for a number of the more
important wind tunnels:

stream V, ¢,

wind tunnel type dim.ft ft/sec ft R “f
NACA, VDT (*) closed Sftg 75 04 3(10) 2.7

Full-Scale Tunnel open 30x60 100 6.0 4(10) 1.1

Low T Pressure TDT closed 3x7.5 250 2.0 6 (10) 1.0
AVA, 2.25 m Diameter open 7.4 ¢ 30 0.7 4(10) 1.2
DVL, “Large” Tunnel open 16x23 130 2.6 3(10) 1.1
ARC-NPL-CAT (*) open 6ftg 80 0.7 4(10) 2.1

(*)  variable-density or compressed-air tunnels
with up to 10 and 25 at as operating pressure.

The airfoil chords, speeds and Reynolds numbers listed
indicate typical, or possible, testing conditions in each
tunnel.

Variation of “f”. Stream turbulence most certainly helps
the flow pattern past typical airfoil sections to get quali-
tatively above the critical phase (to be discussed later)
between R = (1 and 2)10° . However, any quantitative
agreement of C,_y values thus obtained (7,a) (10,2) (12,2)
only applies to a particular group of foil secticns (of the
sharp edge bursting-bubble type of stalling). Comparison
of VDT results of sections such as the 000€ to 0015,
2412, 23012, 4412 to 21, Clark Y and RAF-34 with
maximum lift coefficients obtained in low-turbulence tun-
nels, extrapolated to zero turbulence, suggests “f”” factors
between 2.8 and 3.4 for that particular tunnel (rather
than 2.7 as recommended). The factor does nct “work”,
on the other hand, for cambered and thicker sections
(with typical trailing-edge type stalling) such s Go 387,
23015, 2415 to 21. In other words, the factor is not
uniform. In its form as per equation (3) it only represents
the degree of turbulence. A really reliable correction fac-
tor should also take into account the specific influence of

(12) Influence of stream turbulence:
a) Platt, Turbulence Factors, NACA T Rpt 558 (1936).
b) Dryden, Turbulence Companion of R’Number, J A
Sci 1934 p. 67; also Wind Tunnel Turbulenc:, NACA T
Rpts 320, 342, 392, 581 (1929/37).
c¢) Milliken, Turbulence Aircraft Engg 1933 p. 169; Max-
imum Lift, ASME Trans 1934 p. 815.
d) Hoerner, Influence on Spheres, Lufo 1935 p. 42
(NACA Memo 777).
e) Dryden, Low-Turbulence Tunnels, T Rpt 940 (1949).
f) Jacobs, NACA VDT Tunnel, T Rpt 416 (1932).
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the turbulence on the individual section shape. Since the
critical Reynolds number of the sphere reduces as the
tunnel speed is reduced (see Chapter X of “Fluid-Dynamic
Drag”), it must also be suspected that the turbulence
factor (in constant-pressure tunnels) varies approximately
as

“p o 1/VR @)

where n = 4 in the carefully designed tunnels, n = 3 in
average-quality test streams, and n =2 in very turbulent
conditions (14). This influence of speed can be consider-
able when investigating one and the same airfoil section at
different Reynolds numbers, obtained by varying the tun-
nel speed.

Low-Turbulence Tunnels. It is reported in (12,e) that the
turbulent fluctuations in the TDT facility increase with
the operating speed from 0.02 to 0.15%. This variation is
opposite to that indicated by equation (4). It seems that
the source of turbulence in this elaborately designed tun-
nel is acoustic (from the fan; power and blade frequency
of which increase with speed). It is also mentioned in
(12,e) that turbulence reduces as the operating pressure is
increased. In terms of the Reynolds number, this trend is
again opposite to that in other tunnels where the Rey-
nolds number is varied by means of tunnel speed. In
conclusion, tunnels built to a low turbulence level do not
seem to follow equation (4). After all this introduction, it
certainly must be clear that a realistic presentation of
C_x values as a function of effective Reynolds number is
problematic. We have applied turbulence factors similar to
those listed above to the graphs of this text wherever this
seemed to improve correlation of results from different
sources. Regarding the variation of “f” with speed (equa-
tion 4), factors different from (that is, larger than) the
“standard” values have only been used wherever this
seemed to eliminate obvious discrepancies. All this is
somewhat arbitrary. It is believed, however, that the Cx
functions thus obtained are more realistic than those
presented to date in any other place.

Tunnel Corrections. The dimensions of the wind stream
provided in wind tunnels are limited by reasons of econo-
my (size and power of the installations). Corrections for
the limited diameter of an open jet or the restraining walls
in closed-type test sections have routinely been applied
before presenting the lift and drag results. Since this is not
a text on testing techniques, we will not go into the
details of such corrections. There is one aspect, however,
for which there is usually no correction applied; and that
is the curvature (in contradistinction to deflection) of the
stream of air passing through the tunnel. This curvature is
caused by the interaction of the lift of the airfoil model
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tested with the boundaries or walls of the test section. For
wings of aspect ratios of 5 or 6, this effect causes a change
in the effective camber ratio (discussed below) on the
order of

A(fle), =—02%Cy (5)

where the + sign is for closed, and the — sign for open
tunnel test operations. For example, for C, x = 1.5, the
difference is A(f/c) = — 0.3%. No direct attempt has been
made, however, in the graphs presented later, to correct
for this effect.

Effective Camber in Wind Tunnels. In wings of finite
aspect ratio, the flow past the sections is deflected in the
longitudinal direction, corresponding to the induced angle
of attack. In comparison with two-dimensional condi-
tions, the leading edge of a wing is, therefore, at a higher
local angle of attack than the trailing edge, by the value of
oce. This effectively reduces the amount of camber of the
airfoil as installed on the three dimensional wing. In terms
of effective section camber, the difference may then be

A(fle)%= 25 = —2.5C, /T A (6)

For example, at an aspect ratio A = 6, the difference is
—1.3% C_ , which is in the order of —2% at C_yx . When
testing such an airfoil in an open-throat wind tunnel flow
conditions are also affected, as indicated by equation (5).
On the other hand, when investigating an airfoil model in
a two-dimensional closed-type wind tunnel, final down-
wash is prevented. The floor of the tunnel produces an
effect similar to the “‘ground” discussed in the Chapter
II1, and the ceiling of the test section doubles that effect.
Conditions in the NACA’s two-dimensional tunnels (11)
appears to increase effective camber of foil sections in
comparison with those of airfoils in free flow. For aspect
ratios between 5 and 6, the camber change is

(f/c)% = (14+0.2)C_ =16%C, (7)

where the second term indicates the wall effect similar to
equation (5). For a value of C_y = 1.3, a difference in
effective camber on the order of 2% (1) is thus found
between tunnel and free flight. This conclusion is sub-
stantiated by comparing maximum lift coefficients ob-
tained at the same effective Reynolds number: (a) in the
Low-Turbulence Pressure Tunnel (11), and (b) on finite-
span wings having the same foil sections tested in the same
tunnel (11,b), or in different tunnels (7) (10). One exam-
ple (15) is included in figure 7. Since airfoil sections are
“always” used in three-dimensional devices (such: as wings
in particular), two-dimensional results obtained from test-
ing airfoils between the walls in closed-type test sections
do not appear to be realistic. We have, therefore, primarily
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evaluated test data for airfoils on wings having finite
aspect ratios of 5 or 6. However, quite a number of test
points from (11), corrected (that is, increased) in effective
camber to free flight conditions of an airplane wing by
adding camber as per equation (7), have been included in
the various graphs. All such results were evaluated for, and
are classified by, their effective camber ratio.

Aspect Ratio. It is repeated at this point that all maxi-
mum lift coefficients presented in the various graphs (un-
less otherwise noted) are those, or are meant to represent
those, of rectangular wings of aspect ratio between 5 and
6 (rather than of airfoil sections). Using equation (6), it
can be estimated that the maximum lift coefficient of the
wing sections represented in figure 14 varies as a function
of the effective camber ratio, roughly corresponding to

d(ACyy )/d(1/A)=—0.5 (8)

The difference between a wing with A =5 in free flow,
and a foil section in two-dimensional tunnel flow, is then
CLyxy = —0.05. That is, the C_x of an airfoil with A =5
or 6 is less than that of the foil section in a two-dimen-
sional stream. By that amount on the other hand, see

(15).

4. MAXIMUM LIFT AS A FUNCTION OF SHAPE AND
REYNOLDS NUMBER

As previously noted, the airfoil shape and the operating
Reynolds number strongly influence maximum obtainable
lift. Also influenced is the variation of C_ with angle of
attack or the type of stall encountered by the airfoil.
These characteristics are a function of the type of bound-
ary layer and its thickness variation along the chord.

Principles. Analysis of boundary layer development along
the suction side is very involved. The methods available
for predicting the value of the maximum lift coefficient,
say as a function of section shape, are lengthy and in-
volved and require the use of high speed computers, yet
are not completely reliable. For this reason, statistical
information are presented in this section to provide an
insight of the available data. Certain guiding principles can
be stated, however, and it can be said that C_x depends:

a) on the sum of the momentum losses incurred along
the suction side

b) on the values of the skin friction drag coefficient

c¢) on the location of the boundary layer transition
point along the suction side
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Boundary layer transition and drag coefficient are both a
function of Reynolds number and of surface roughness.
Momentum losses are, of course, a function of shape (as
explained to some degree in the “stalling” section). Tran-
sition from laminar to turbulent boundary layer flow can
be strongly affected by wind-tunnel turbulence, or it can
be brought about on purpose by stimulation (surface
roughness around the leading edge).

Stall Type Prediction. It is useful to determine the type of
stall that will be encountered. Prior to discussing the
effects of airfoil shape and Reynolds number in terms of
the individual parameters. For airfoils such as the NACA
four and five digit types, as well as the NACA 6 series, the
type of stall encountered is a function of the Reynolds
number and the vertical ordinate at the 0.0125% chord,
(see figure 8). This curve applies for smooth airfoils and
shows the effects of camber and leading edge radius on
the type of stall. Note the importance of leading edge
radius and the secondary effects of Reynolds number.
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UPPER-SURFACE ORDINATE AT 0.0125 CHORD, PERCENT CHORD

Figure 8. Low speed airfoil stalling characteristics correlated to
Reynolds number and upper surface ordinate at 0.0125 chord
station.
Figure 8 is a generalized curve and does not predict the
stall type for all airfoils. One notable example is the
NACA 23xxx series which have blunt leading edges so
that the upper surface ordinate at 0.0125% chord is high,
indicating trailing edge stall. However, the stall shown in
figure 7 for the 23011 section is sudden and sharp, indi-
cating leading edge stall. In spite of this problem, figure 8
is useful in the majority of cases.
(13) Airfoils with A = 6 in NACA V’Density tunnel:

a) Jacobs, 78 Related Sections, T Rpt 460 (1933).

b) Jacobs, Function of R’number, T Rpt 586 (1937).

¢) Jacobs, Various Corrections, T Rpt 669 (1939); this

report is the best of the series.

d) Pinkerton, Various Sections, T Rpt 628 (1938).

¢) Jacobs, 23012 Type, see references (10,b,c).

FLUID DYNAMIC LIFT

C_x As a Function of Nose Shape. As previously indi-
cated, the flow at the leading edge is critical with regard
to separation, and therefore maximum lift. This is illus-
trated by considering symmetrical airfoils in which case
the flow about the leading edge is a function of forebody
shape, or in this case nose radius (see equation 1).

CL t 1 1 1
. x
lr -
t smwe sTaiL 0012
~ ROUNDED TYPE STALL
e 5
P (e —_ -
s o ' 0018
AS—
,// ///‘/\”"’{\ 63-012
//
0{ I‘v/\ H
/- Y 0612
/*— ONACA 0012 MODIFIED  (16,a) VDT Re = 8(10°
Y ez % ARACA 0018 WODITIED  (16.8) ditto A= 6
1 ; O NACA 63-012 MOD. (16,b
e e Af m = Xrm —ma X e AV a2 (8.c) 31008 A =5
+ 9% (8,c) ditto
Dbiconvex toil section 10% FST A= 6
t/c = 12% STALLED LEVEL (8,¢)
NOSE RADIUS r/c%
O L ] 1 J
o / 2 3 4

Figure 9. Maximum lift of symmetrical airfoil sections, as a func-
tion of their nose radius ratio r/c.

Maximum lift coefficients are plotted versus the nose
radius ratio in figure 9. The optimum radius (yielding the
peak maximum lift coefficient) is found to be between
1.5 and 2.0% of the chord; and it seems this size radius
applies to all thickness ratios between 6 and 18%, results
of which are plotted. Nose radii on this order are provided
in the NACA 0012 and 63-012 airfoils. From figure 9 it
would therefore appear to be advisable to double the nose
radius of 4-digit foil sections having thickness ratios be-
tween 6 and 9% to improve Cpx , while it might do no
harm to reduce the radius in sections which are thicker
than 15%. Note, however, that camber should also be
considered in connection with the nose radius. An ex-
treme example of increased nose radius is shown in figure
10. While C_x is duly increased, Cprinmay also be.
increased, particularly in comparison with a same-
thickness airfoil section providing there is some laminari-
zation of the flow, such as the NACA 65-006 for example.
As a consequence the parameter of merit, C__y /Cpmun of
the highly round-nose section is not in any way higher
than a comparable 63/64/65 series section.

(14) Suppose there is a turbulence factor reported, pre-
sumably correct for the tunnel’s ‘“‘cruising’” speed, and

the tunnel is used at 1/8 of that speed. Corresponding

to \3f§ = 2, the factor should then be doubled; and

when the factor was 1.5, for example, it should be 3

for the low speed assumed.

The C.x value in two-dimensional flow can be expected

to be some 6% higher than the average in a wing with

A = 6. However, the boundary layer along the lateral

walls in a two-dimensional tunnel can be suspected to

cause some reduction of the average maximum lift test-

ed.

Influence on stalling of section nose modifications:

a) Modification of 4-Digit Sections, see (13,a,3)

b) Kelly, 63-012 Section, NACA TN 2228 (1950).

¢) Doetsch, Symmetrical Sections, see (8.a).

d) Maki, 64A010 Modifications, TN 3871 (1956).

e) Racisz, Round-Nose 6% Section, NACA RM L353J29.

(15)

(16)
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Figure 10. Lift and drag of two 6% thick airfoil sections differing
in nose radius, tested in A = 4 tapered wings, on fuselage body at
R, =5(10) in a closed tunnel (16,¢).

Sharp Leading Edges. As explained by the thin-airfoil stall
mechanism, boundary-layer transition can be precipitated
by a sharp leading edge. This is evidently so in flat, and/or
cambered plates, at Reynolds numbers below 10° (see
figure 11). In that range, such plates, and/or very thin
and/or sharp-edged foil sections, develop much higher
maximum lift coefficients than any conventional (round-
nosed) airfoil shapes. This fact seems to be the reason
and/or the explanation why insects and some birds do
have thin and possibly sharp-edged wings (12). Birds may
also have some turbulence-stimulating roughness (fuzz)
which could be particularly useful along the upper side of
the leading edge. The jib of a small sailboat also seems to
fall into the range below the critical Reynolds number, at
least in light breezes, and certainly when trying to get out
of a calm. In other words, the shape of a sail stretched
from a wire or a reinforced seam, is an optimun, at least
below R, = 10°. Another example where a sharp leading
edge has, a beneficial effect is the circular-arc section (as
frequently used in marine propeller blades) when used at
lower Reynolds numbers.

{17} A variety of wing sections can be found in:
a) Ergebnisse AVA Gottingen, 4 volumes (1920/32).
5) Louden, Collection of Foils, NACA T Rpt 331
(1929).
¢} ARC, RAF-34, RM 1071, 1087, 1146, 1635, 1708,
1772 (1927/37).
d) Characteristics of airfoil sections from all over the
world, at lower or intermediate R’numbers, have been
collected and presented in NACA T Rpts 93, 124, 182,
244, 286, 315 (1920 to 1929).
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@ DvL 2406, A= 5, £ = 1, OPEN (8,3) -
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+ DVL 9% - 0.83.45, A =5, =1 (8,c)
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Figure 11. Maximum lift of rectangular airfoils as a function of
Reynolds number, (A) sections with sharp leading edges.
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Figure 12. Maximum lift coefficient of sharp-edged sections as a
function of their camber ratio:

a) thin plates, tested in A=$§

b) circular-back airfoils in A = 6

c) biconvex and double-wedge sections.

Effect of Camber. Where camber is used, stalling and C «
become a function of the section-nose curvature between
the leading edge and the upper (suction) side. This curva-
ture is related to the nose radius, r/c, and the camber
ratio, f/c, and increases with f/c. The flow around the
leading edge of a thin plate can obviously be facilitated by
bending the section “nose” into the oncoming flow. At
higher Reynolds numbers, laminar separation and the
bubble-plus-re-attachment mechanism might then be mini-
mized. For thin sharp-edge sections and airfoil sections,
the C_x increase is given as a function of camber ratio on
figure 12. For practical purposes, the values reached seem
to be independent of the Reynolds number, providing
that the leading edge is reasonably thin (and the camber
not too high).
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Camber Ratio. No distinction has been introduced in all
graphs presented with regard to the location of maximum
camber along the chord. The differences in maximum lift
for airfoil sections having their maximum camber located
between 30 and 50% of the chord are comparatively
small. The main effect of camber is the actual amount of
camber. This is illustrated by a few experimental points
obtained from a two-dimensional wind-tunnel set-up (11)
. plotted against camber ratio figures 13 and 14. After
adjustment to A = 5 or 6 according to equation (7).
Characteristics of thin airfoils, with t/c = 6 and 9% are
presented in figure 13. It is seen that for camber ratios
between plus and minus 1% their maximum lift co-
efficients reduce to the fully stalled level indicated by a
straight line connecting points obtained at very high
angles of attack (on the order of 30%). The practical use
of thin and cambered sections in airplanes is limited by
structural considerations. For certain other applications,
such as turning vanes in ducts or turbines, they may
profitably be used at lift coefficients compatible with
their camber ratio. Airfoil shapes with thickness ratios of

| CL, 201 [ [} 1 i ' +
40105

a) IN FULLY STALLED CONDITION

/ < 0 6% ARD 9% FROM F.16 & 18
H AVA PLATES (ERG 1V) & SCHMITZ
F38 X 6 AND 9% (11) EFFECTIVE CAMBER
o5k 2 0% proowvex As4, NACA TN 2823  _

b) AT Ry BETWEES (3 AND 4)10°
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O 9% FIGURE
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Figure 13. Maximum lift coefficient of airfoils having thickness
ratios of 6 and 9% respectively, as a function of their camber
ratio:

a) in fully stalled condition.
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Figure 14. Maximum lift coefficient of airfoils having thickness
ratios between 12 and 24%, tested at Rp = 4(10)°, as a function of
their camber ratio.

FLUID DYNAMIC LIFT

12%, and above, represented in figure 14, fall entirely
above the stalled level indicated in figure 13. Their maxi-
mum lift coefficients grow steadily as a function of cam-
ber, to the highest effective camber ratios tested, on the
order of 10%.

BASIC 63-012, ch = 1.36

1.09R

MOD. TO R = 2 Cp, = 1.5

LEADING EDGE DROP

Figure 15. Several leading-edge (nose) modifications tried (16,b)
on 63-012 foil section to improve maximum lift (and stalling). R
=4.9(10% .

Nose Camber. The NACA 63-012 section as tested be-
tween walls (16,b) at R = 5(10)° and M = 0.18, stalls
suddenly from C_x = 1.36, exhibiting violent buffeting
and shaking at angles of attack beyond stalling as would
be predicted from figure 8. By increasing the nose radius
from 1.1% of the chord to 2%, Cx, is increased to 1.50;
the sudden type of stalling still remains, however. An
attempt was, made therefore, to remedy the situation by
pulling down (i.e., drooping) the section nose using nose
camber in the form shown in figure 15. Again, C_yx is
increased; but the type of stalling is still sudden, of the
thin airfoil bubble bursting type. Pressure distributions
show that stalling takes place on reaching Cpmin = —10. It
therefore appears that behavior at and beyond Ci y can
only be made gentle when stalling occurs from the trailing
edge; and that can be done only by camber plus thickness.

Critical Reynolds Number. The Operating Reynolds num-
ber is an important parameter affecting the maximum lift
coefficient of airfoils, since it, along with the shape, is a
factor which determines the position of airflow separation
and thus C . As shown on figure 16, the maximum lift
coefficients of all but very thin airfoils increase sharply in
the vicinity of R. = 10° This is the critical Reynolds
number range where the boundary layer flow turns turbu-
lent so that the laminar-type separation from the suction
side disappears. Airfoils such as the NACA 0009 also have
the same critical change of flow pattern, but at a higher
R (see figure 16). Because of shape (no camber), transi-
tion from the laminar to the turbulent boundary layer is
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X AVA JOUKOWSKY INTERPOL 9%, f = 1.2 (17,a)
HH GO-358 (10.5/6)% BETWEEN END PLATES, £ = 1.2 (4,f)
< ARC-CAT (8.6/4.0)% A = 6, £ = 2.5 (9,e)
4 DVL 2409, A =5, f = 1.1 (8,a)
- DVL 2309, A =5, £ =1 (8,a)
O AVA GO-622 (8/2.2)% A =5, f = 1.5 (19)
L RAF-28 (9,7/1.8)% DUPLEX (7,c) and CAT, f = 1 (4,b)
* NACA-FST 0009, A =6, £ = 1.0 & 1.2 (7,b)
C DVL 0009, A =5, £ =1.0& 1.1 (8,a)
o { NACA 64-210 A = 6 WING, f =1 (TN 2753)
A 63 and 64-009, EFF CAMBER 1.8% (11,q9)
pa 0008 in 2-DIMENSIONAL FLOW 7% (11,£)
z DVL 9% - 0.83, 40, A =5, £ =1 (8,c)
+~ DVL 9% - 0.83, 45, A= 5, £ =1 (8,c)
> DVL 9% - 0.55, 40, A =5, £ =1 (8,¢c)
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Figure 16. Maximum lift of rectangular airfoils as a function of

Reynolds number, (C) sections with t/c = 8 to 10%.
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delayed to a Reynolds number which is roughly 10 times
as high as for most of the other sections having thickness
ratios and/or nose-radius ratios larger than the NACA
0009 section. The airfoil nose-radius ratio is thus an
important influence with regard to the critical Reynolds
number of the section, figure 17. Note that the sections
with the smallest curvature tend to have the highest criti-
cal Reynolds numbers for the strong increase of C y.

AVA GO-459 (12.5/0)%, A =5, £ =1 & 1.5 (17,a)

X AVA JOUKOWSKY 11.5%, A = 5, £ = 1.2 (17,a)
®  AVA GO-358 (10.5/6)% BETWEEN END PLATES, f = 1(4,f)
¥  SCHMITZ N60 (12.4/4)% £ = 1.1 (20,a)
A NACA-VDT 6412/4412, £ = 2.9, A = 6 (13,b)
T DVL 23012, A =5, £ = 1 IN OPEN TUNNEL (8,b)
$ DVL CLARK-Y (11.7/3.9)%, A =5, £ =1 (7,a)
@ NACA-FST CLARK-Y, A =6, £ = 1 (7,a)
X 0012 IN 2-DIMENSIONAL, EFF CAMBER 3% (11,c)
A ARC-CAT (12.9/6)%, A =6, £ = 2 (9,e)
4  ARC-CAT CLARK-YH (11.7/3.1)% £ = 1 *(9,e)
+# AVA GO-796 (12/3.7)% BETWEEN WALLS, £ = 1.2  (19)

+ NACA 23016/09 TAPERED WING (TN 1299)
H  GALCIT 2412, A = 6, £ = 1.2 to 2.4 (T RPT 558)(12,c)
o DVL 2412, A =5, £ =1 (8,a)
¥ ARC RAF-34 (12.6/1.8)% f = 1.8 (17,c)&(4,b)
1 NACA FST 0012, A =6, £ = 1.1 (7,b)
C DVL 0012, A =5, f = 1.1 (8,a)
© DVL 12% - 1.1, 40, A =5, f = 1.1 (8,c)
A ARC-CAT 0012, A =6, £ = 2 to 3 (4,b)
+
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Figure 18. Maximum lift of rectangular airfoils as a function of
Reynolds number, (D) sections with t/c 12%.

(18) Lift coefficients are rather low in insects (below 0.1).

(19) Riegels, ‘“‘Aerodynamische Profile’’, Munchen 1958; re-
view of theory and experimental results over the past
30 years, a catalog of airfoil sections.

(20) Airfoils at very small R’numbers:
a) Schmitz, Aerodynamik des Flugmodells, Berlin 1942
& Duisburg 1952; Small R’Numbers, Ybk WGL 1953 p.
149.
b) Muesmann in AVA Tunnel, 1956, quoted in (19).

(21) See in Chapter II of “Fluid-Dynamic Drag”. The reduc-
tion of maximum lift observed in ‘well-rounded” foil
sections also corresponds with the fact that the drag
coefficient of a sphere increases again after the critical
drop at Ry = 4(10)5; see Chapter III of “Fluid-
Dynamic Drag”.

(22) Theory and tests of Joukowsky sections:
a) Joukowsky, Zeitschr Flugtech Motorluft 1910 p. 281;
also in “Aerodynaminique’’, Paris 1916.
b) AVA Gottingen, 36 Sections, Erg III & IV
(1927/32).
¢) Glauert, Generalized Family, ARC RM 911 (1924).
d) ARC, Series Tested, RM 1241 (1929) & 1870
(1939).
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High Reynolds number. Reynolds numbers in the range of
10© to 107 represent airplanes operating at minimum
flying speed at takeoff or landing. The variation of C| y of
airfoils in this range of Reynolds number and down to
10® are given in figures 16 and 18 to 22. The principle
characteristics for this range are:

(a) Thin plates and airfoil sections up to 3% thickness
continue to have essentially constant maximum lift coeffi-
cients, corresponding to thin-foil type stalling.

(b) Thin airfoil sections (between t/c = 5 and 10%) display
a basic increase in C_y as their camber ratio is increased
from zero to 2% (as in figure 16). Their flow pattern at
the angle of attack where C_ = maximum changes from
more or less separated (as in thin airfoil stalling) to almost
fully attached. The Reynolds number and/or camber ratio
at which the change takes place, can be very sensitive to
the test conditions.

(c) As seen in figures 16 and 18, in the vicinity of R =
10°, all sections with moderate thickness (betweer 8 and
12%) and small camber (between O and 2%) have a
marked tendency for increasing maximum lift coefficient
as a function of Reynolds number. This is caused by an
improved flow around their noses as the transition to
turbulent flow within the boundary layer moves farther
toward the leading edge.

(d) All highly cambered and/or thicker airfoil sections
(that is, all sections with well rounded noses) do not
present “any” difficulties to the flow around the leading
edge. Since their maximum lift coefficient is a function of
the momentum remaining within the boundary layer

NACA 24 & 4412 in 2 DIM'S, EFF CAMBER 4.6/6/6% (11,a)

% AVA JOUKOWSKY INTERPOLATED f = 1.2 (17,a)
I 2-DIMENSIONAL 63 & 64-215, EFF CAMBER 3.5% (11,g)
o ARC-CAT GO-387 (14.9/5.9)% £ = 1 (4,b)
- AVA, GO-361 (16.3/4.1)% £ = 1.2 (4,£)
o AVA, GO-624 (16/4.8)% A =5, £ = 1 (11,a)
+ AVA, GO-797 (16/5.1)% BETWEEN WALLS f - 1.2 (19)
) 4215, TECHN WOSD FLOTA 1937 No. 11/12
A RAF-48 (15/3)% IN CAT, £ = 1 (4,b)
¥ RAF (15/1.€)% DUPLEX TU A = 6, £ = 1 (17,c)
H DVL 2415 A =5, f = 1 (8,a)
< DVL 0012 OPEN TUNNEL (8,a)
. ARC-CAT 0015 WITH f = 1 and 2 (9,a)
T DVL 15 - 1.1, 40, a = 5 (8,c)
+ DVL 15 - 0.55, 40 & 45, £ = 1.1 (8,c)
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Figure 19. Maximum lift of rectangular airfoils as a function of
Reynolds number, (E) sections with t/c 15%.

FLUID DYNAMIC LIFT

when arriving at the trailing edge, the C_y of these thicker
sections depends on the average skin-friction drag coeffi-
cient along their upper (suction) side. For Reynolds
numbers approaching 107 that drag coefficient increases
(21) as a consequence of boundary layer transition. As
seen, particularly in figures 20 and 21, the maximum lift
coefficient of this group of sections is therefore lower in
the vicinity of R. = 10 L’, reaching a minimum somewhere
between R = 10¢ and 107.

x GO JOUKOWSKY INTERPOLATED (17,a)
v ARC-CAT (16.8/7.6)% £ = 1 (9,e)
\ NACA 23018 in 2-DIMENSIONAL FLOW, f/c 5% (11,a)
- NACA 4418 in 2 DIMENSIONS (6.3%) (11,a)
Py DVL C1-Y-18 (18/6.3)%, A = 5 (8,b)
g AVA GO 390 BETWEEN WALLS £ = 1.2 (4,£)
4 2-DIMENSIONAL 63-018, f/c  2.3% (11,¢)
H DVL 2418, A =5, £ =1 (8,a)
(@} NACA 0018 - FULL SCALE T, £ = 1.1, A = 6 (7,b)
s DVL 0018, A =5, £ = 1 (8,a)
A DVL 18 - 1.1, 40, A =5, £ =1 (8,¢c)
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Figure 20. Maximum lift of rectangular airfoils as a function of
Reynolds number, (F) sections with t/c 18%.

v AVA JOUKOWSKY INTERPOLATED (22,b)
. AVA GO-390 (21/8.8)% £ = 1, A = 5 (17,a)
- NACA 2421,4421,23021 EFFECTIVE CAMBER (11,a)
# AVA GO-798 (20/6.5)% BETWEEN WALLS f = 1 (19)
Y DVL GO-625 (20/6.5)% £ = 1, A =5 (8,c)
A SCHMITZ GO-625 (20/6.5)%, £ = 1 (4,e)
' NACA 63,64-021 2-DIMENSIONAL (2%) (11,a)
o NACA-VDT 6321 £ = 1, A= 6 (4,4)
+ CAT, RAF-69 (21/1.9)% £ = 1 (9,a)
b4 RAF-34-20 (20/1.8)% DUPLEX TUNNEL f = 2 (11,c)
H DVL 0021 and 2421, f = 1.1 (8,a)
+ NACA-VDT 0021, £ = 1 and = 2 (13)
- DITTO IN ORIGINAL OPEN TUNNEL £ = 2.7 (4,4d)
fa NACA (21/8.8)% IN OPEN TUNNEL f = 2.7 VDT (4,4)
A NACA (21/6)% IN OPEN TUNNEL f = 2.7 VDT (4,4)
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Figure 21. Maximum lift of rectangular airfoils as a function of
Reynolds number, (G) sections with t/c 20 and 21%.
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Figure 22. Maximum lift of rectangular airfoils as a function of
Reynolds number, (H) sections with t/c equal to and above 24%.

The different types of stalling discussed before also result
in different trends (gradients) of C_x . Sections exhibiting
the thin-foil type of stalling have essentially constant
maximum lift coefficients. The sudden leading-edge type
stalling is accompanied by a usually steep increase of Cy x
as a function of Reynolds number. Real trailing-edge
stalling grows slowly as a function of Reynolds number,
so that the maximum lift coefficient reduces for higher
camber ratios, as seen in most of the graphs presented.
Regarding the flying qualities of an airplane near C y , the
round-top type of stalling is, of course, more desirable
than a sharp stall from a high peak. It can also be argued
that a gently stalling airfoil section will have a ““useable”
maximum lift coefficient equal to its maximum, while a
thinner and/or less cambered section with a dangerous
sharp type of stalling would always have to be kept
sufficiently below the maximum. The various phases
marked in all the graphs permit selection of airfoil sec-
tions, not only as to efficiency but as to behavior.

Theoretical Analysis. An early theory for analyzing the
boundary layer around the leading edge of an airfoil is
presented in (23). This theory permits calculation of the
maximum lift coefficient as a function of Reynolds num-
ber and/or stream turbulence for moderately thick and
cambered air-foil sections. The theory appears to be accu-
rate, however, only at Reynolds numbers where stalling is
rroduced by separation (bubble bursting) near the leading
=dge.
73}  Theoretical analysis of maximum lift and separation:

a) vonKarman and Millikan, Analysis of Maximum Lift,

J RAS July 1935; also J Appl Mech 2,A21 (1935).

b) Howarth, Theory, Proc Roy Soc London A.868

(1935) p. 558.

¢) Math Model, Stevens, W.A. et al, NASA CR-1843.

d) Evans & Mort, Sudden Stall, NASA TND-&5.
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In the case where stalling is caused by trail edge separation
the maximum lift coefficient is a result of a balance
between the kinetic and potential energies of the bound-
ary layer flow. The potential flow energy is represented
by the pressure increase between the minimum-pressure
point and the trailing edge. Thus for a section with moder-
ate camber and a well rounded leading edge the stalling
can be determined as a function of the kinetic energy in
the boundary layer. Since the kinetic energy in the bound-
ary layer is a function of Reynolds number and increases
as skin friction decreases, it can be speculated that

Cy ~14Cs R~R" )

where n = 0.5 (1/6) = 1/12, and 1/6 is equal to the average
exponent when the drag coefficient is turbulent. Based on
the above equation it would appear that the maximum lift
coefficient should continue to increase above R = 107 .
In making such extroplation of the test data it should be
noted that any increase in Reynolds number is usually a
result of an increase in speed and the following must be
considered:

(a) the influence of surface roughness (see section 4)
(b)the effects of compressibility as measured by Mach
number.

With the use of high speed computers the theoretical
methods have been extended (23,¢) to allow the calcula-
tion of Cy for any combination of conditions operating
at low Mach numbers. Such procedures have led to the
development of advanced airfoils as discussed in Chapter
I with an increase of C_x equal to 20%.

Thickness Ratio. Practical applications, with regard to
maximum lift, such as airplane wings, require considera-
tion of Reynolds numbers in the vicinity of R¢ = 107 .
Since only a few systematic investigations have been ex-
tended to that Revnolds number, we have rather plotted
the more complete data for R, = 4(10)5 in figure 23, as a
function of thickness ratio. The critical change of the flow
pattern described for the Reynolds number of 4(10)6 will
also apply at Reynolds Numbers in the vicinity of R¢ =
107 . The maximum lift coefficient is seen to increase
“suddenly” for camber ratios between 0 and 2% at t/c
between 5 and 8%. Below t/c = 8 or 9%, (and below 2 or
4% camber) the sections exhibit thin-foil stalling. Peak
values of the maximum lift coefficients are then obtained
in sections with t/c in the vicinity of 10%. Judging by the
large number of experimental results available, a thickness
ratio of t/c = 12% is evidently considered to be most
efficient. While somewhat thinner sections may, at full-
scale Reynolds numbers, be superior in the fluid-dynamic
aspect, structural considerations tend to make a 12%
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Figure 23. Max1mum lift coefficient of various types of airfoils, at
Ry = 4(10) as a function of their thickness ratio. Primarily
4-digit type foil shapes.

thickness ratio more attractive, at least within the range of
moderately high subsonic speeds. Sections with t/c = 0
and 10% have frequently been investigated. As a compro-
mise between aero-dynamic and structural effectiveness.
For example, the NACA 0009 has often been proposed as
a shape to be used in the design of tail surfaces for
higher-speed airplanes. Maximum lift characteristics of
most of these sections are as described under (c) of the
previous section. As the thickness ratio is increased to
18% (as sometimes used in the wing-root sections of big
but low-speed airplanes) and above that ratio, the maxi-
mum lift coefficient reduces gradually. By employing pro-
portionately higher camber ratios, it is possible, however,
to keep the C_y at 1.4. Their stalling characteristics are
very gentle. Unfortunately, however, thick and highly
cambered sections are not suitable for high-speed applica-
tions due to their low critical Mach number. Also they
have correspondingly high pitching moments, which tend
to be too large with regard to structural strength and
rigidity (torsion).

High-Speed Airfoil Sections. 1t has previously been stated
that the position of the maximum camber point is not
very important with regard to maximum lift, at least not
between 30 and 50% of the chord. In contrast, position of
maximum thickness has some influence, particularly when
a nose radius change is coupled with that position. This is
usually the case with laminar-type airfoil sections and/or
in sections particularly designed for high-speed applica-
tions (at higher subsonic Mach numbers). In particular,
the NACA 63 and 64 series sections (11) have ratios
(r/t)/(t/c) = 0.75 and = 0.72, respectively, while the
4-digit (and similar lower-speed sections) have a radius
parameter of 1.10. When evaluating maximum lift of the
63 and 64 series sections, the complication of effective
camber is encountered again. Results taken from (11)
have been transformed (using equation 7) and inter-
polated where necessary, so that they represent sectional
conditions (24) as in wings with A between 5 and 6.

FLUID DYNAMIC LIFT

Influence of Nose Radius. In keeping with what is said
above regarding their nose radius ratio, the experimental
results of 63 and 64 series airfoils are more or less differ-
ent from the corresponding graphs representing 4-digit
and similar foil shapes:

(a) Because of the comparatively small nose radius, the
increase of C_y versus thickness ratio, as in figure 24, is
considerably delayed in comparison to that in figure 23.
See figure 17.

(b) For the same reason, the 63 and 64 type sections in
figure 25, exhibit C y values which are considerably
lower than those in figure 14, particularly in the range of
smaller and smallest camber ratios.

20r | o+
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K\ o }_\5\ \\\\\°
I‘O," , ° \\\ ‘"TH L'EDGE ROUGHNESS -
R-6(10°
1.5 SWH 7 N 1.5%
1O N \ T
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1o ‘}\\\\\\\}l\_} N\
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Figure 24. Maximum lift coeff:cnant of 63 and 64 series airfoils as
tested (11) at R, = 6(10) as a function of their thickness ratio,
grouped as to their camber ratio effective for A between S and 6
(see equation 7).

(24) The difference in effective camber (between 2-di-
mensional tunnel and an airplane wing having an aspect
ration of, say 6,) is considerable at lift coefficients
above unity. Characteristics at small lift coefficients are
affected to a much lesser degree.
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In conclusion, comparison on the basis of nose radius
ratio r/c (rather than thickness ratio) would bring about a
more favorable correlation between the two major types
of airfoil sections. Characteristics of 12% thick symmetri-
cal sections are included in figure 9, accordingly. At the
lower end of the nose-radius scale, we recognize the effect
of the critical change (transition) within the boundary-
layer flow around the section nose. Stalling of these
high-speed sections is comparatively sudden sometimes
showing large hysteresis loops. Of course, the drop of the
lift coefficient is aggravated by the fact that the sections
in figure 9 are all without camber (geometrically, that is).

Mach Number Effects on C . The operating Mach num-
ber has a large influence on the maximum lift ¢oefficient
of an airfoil. The change in C, y is caused by the forma-
tion of shock waves in those regions on the airfoil where
the local Mach number exceeds 1.0. The shock wave
pattern formed depends on the boundary layer type. As
the pressure increases on passing through the shock wave,
the lift on the suction side of the airfoil is reduced and a
reduction of C_yx is encountered.

Two regions are important with regard to the formation
of the shock waves:

(1) the area around the nose of the airfoil and

(2) the area toward the trailing edge on the suction side.
On blunt nose airfoils operating at high lift coefficients
the local Mach number of 1 can be exceeded at free
stream as low as M, = .25 (25,a). On the first tenth of the
chord on blunt airfoils standing shock waves are formed
similar to the more well known shocks on the aft section
of the aifoil, except their size is an order of magnitude
less. The familiar lambda type shock with a weak forward
shock and pressure plateau as illustrated in figure 26 is
formed with a laminar boundary layer. With a turbulent
boundary layer the single shock with a strong pressure rise
and an expanding bubble is formed at the nose (25.b).
These shock waves interact with the boundary layer caus-
ing separation and a reduction of C_yx as illustrated in

figure (27).

._ (25) Mach Number Effects on Max. Lift.

a) Fitzpatrick, & Schneider, NACA TN2753.

b) Aerodynamics Dept. Annual Report 1971, RAE TR
72073.

¢) Cleary, Complete Wings, NACA WR L-514.

d) Wilson & Horton, NACA RM L-53C20.

e) Racisz, S., NACA TN 2824.

f) Stivers, L., NACA TN 3162.

g) Summers, J.L., NACA TN 2096.

h) Hicks, et al,
TM-3293

1) Hicks & Schairer Upper surfaces modes 63-215, NASA
TM-78503

J) Hicks, Mods to an NACA 65— (.82).099) airfoil, NASA
TM-85855

Forward contour modes 64-212 foil NASA
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Figure 26. Pressure and local Mach number distribution at maxi-
mum lift (25,b).

The variation of C_x with Mach number with the NACA
64-210, 64410, 64A-610 airfoils are examples where sep-
aration due to leading edge shock wave reduces lift, figure
27. With an airfoil such as the NACA 64-010 where
leading edge separation already takes place the formation
of a shock would not influence the variation of C |y with
Mach number.

At Mach numbers in the transonic range the C_y is
influenced by the formation of shock waves at speeds
above the critical. After reaching a minimum, C x will
increase and approach the theoretical value shown on
figure 27 which is described by the equation at M > 1.0

Cx =-5p, -~ Py (10)
where p, is the stagnation point pressure and p, is the
rear surface pressure corresponding to vacuum.

The negative peak pressure toward the leading edge of the
airfoil leading to the lambda type shock wave and lift stall
shown in figure 26 can be eliminated at the lower Mach
numbers by recontouring the upper surface as indicated
on figure 26a. This change (25,h.1,j) reduced the local
Mach number below one thus eliminating separation with
the result that the airfoil can operate at a much higher
angle of attack and C| before stall occurs. This char-
acteristic is shown on figure 26a and shows a large in-
crease of C from 1.33 to 1.6 and a stall angle increase
from 10 to 15 for a NACA 65— (.82 .099) airfoil, (25.j).
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Figure 27. Influence of Mach number on maximum lift.
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Figure 26a. Lift of an airfoil modified to eliminate shock stall relative
to standard. NACA 65 (.82)(099) airfoil.

(26) Structural roughness (imperfections):
a) Jacobs, Protuberances, NACA T Rpt 446 (1933).
b) Hood, Surface Irregularities, TN 695 (1939).
¢) Wood, Corrugated Surface, NACA Rpt 336 (1929).
d) See Also references under (27).

(27) Characteristics of practical-construction airfoils:
a) Tetervin, Helicopter Blades, NACA W Rpt L-643
(1944).
b) Doetsch, Waviness on 23012, Ybk D Lufo 1939 p.
1-88.

¢) NACA, TN 428 (fabric-covered), 457 (irregularities),
461 (rivet heads), 724 (rib stitching).
d) Quinn, Practical Construction, NACA T Rpt 910.
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5. INFLUENCE OF SURFACE ROUGHNESS

The consequences of increased skin friction, caused by
surface roughness, as to lift-curve slope, are explained in
the section on “circulation”, Chapter 1I. The basic influ-
ence on pitching moment is mentioned in connection with
figure 32. In the following, roughness will be considered
as it affects the maximum lift of airfoil sections and/or
airplane wings.

Surface roughness can be local such as at a particular
chordwise station of an airfoil, or uniformly distributed
over the surface, such as a rough coat of paint, for
example. On the lower (pressure) side, roughness tends
very slightly to increase the lift at a certain angle of
attack. Roughness on the suction side on the other hand,
reduces lift and maximum lift coefficient, particularly in
well-rounded sections where a gentle type stalling takes
place from the trailing edge. As an example of the effect
of distributed roughness, figure 28 shows the lift function
of an NACA 0012 airfoil tested at RN =6(10)° , both in
the perfectly smooth condition and after coating the
surface uniformly with grains of carborundum. The lift-
curve slope is reduced (see figure 28) and the maximum
lift is cut down from 1.48 to 1.07.

Maximum-Lift Divergence. As explained, for example in
“Fluid-Dynamic Drag”, one consequence of uniformly
distributed and closely packed sand-type roughness in the
turbulent boundary layer is the fact that the skin-drag
coefficient Cp is independent of the Reynolds number
and assumes a constant value. As demonstrated in figure
29, the maximum lift coefficient of completely rough
airfoil sections is also constant above a certain limiting
Reynolds number. Below this Reynolds number, the air-
foil behaves as though it were perfectly smooth. Figure 30
shows how the maximum lift coefficient reduces as a
function of the roughness grain size. A comparatively
small but permissible grain size should apply to this graph
too.

1 | hl
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Figure 29. Maximum lift coefficient as tested on 0012 airfoils with
A = 6, as a function of R’number:

a) smooth wind-tunnel models,

) completely covered with carborundum grains.
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Permissible Roughness. As explained in “Fluid-Dynamic
Drag’, the permissible roughness size in a turbulent
boundary layer approximately corresponds to the grain
Reynolds number

Ry =w k/v=R, (w/V)(k/c) =120 (11)
where k = grain diameter and w = local velocity at the
spot where the roughness is located. Using equation (1)
we can estimate that the NACA 0012 section as in figure
28 and 29, may have a maximum local velocity (some-
where at or above the nose) corresponding to w/V=3 at
C_x = 1.2 as in graph at R somewhat above 10° . For the
grain size ratio kfc = 5/10°, we thus obtain a critical
Reynolds number

5
R =120(10) /(3.5)=8(10)" (12)
1 ! ha ]
16} )
CL
/4 - / /{ -
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Figure 28. Lift of an 0012 airfoil tested in A = 6 in the CATunnel
(34,c) atR = 6(10)6, in smooth and carborundum covered condi-
tion.

This estimate does not agree with the actual divergence
Reynolds number 1.2(10)6 as in figure 29. When carrying
out the calculation for the re-attachment point (at which
the local velocity is lower), satisfactory agreement is ex-
pected to be found, however. Now, Extrapolating the
results of figure 29 yields

K Jo ~1/((1+2C,)R,) (13)
and we tentatively find a permissible grain size ratio k /c
below 1/105 at R, =4 (10)6 where C x = 1.45, as in
figure 30.
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Figure 30. Maximum lift coefficient of 0012 airfoils (as in figure
29) as a function of the roughness grain size ratio.

Roughness in Wind Tunnels. The influence of roughness
on C x has an important implication with regard to the
results obtained in either high-speed or pressurized wind
tunnels. Consider in particular the NACA’s Variable Den-
sity and the British Compressed Air Tunnels operating at
20 and 25 ats, respectively, while testing standard airfoil
models having but 5 and 8 inches chord length. At a
maximum Reynolds number (as in the CAT of R =
7(10)b) the permissible roughness ratio for an airfoil
section at C, .y = 1.5 is found (for an assumed velocity
ratio of w/V = 2) to be in the order of

kfc =120/ (2(7)x 10° )=1/10° (14)
The corresponding grain size k is below 1/10% inch or 0.1
mills, or in the order of == 2 microns. This roughly
represents the surface roughness of “finished” metal.
There is evidence such as in (11,c) where tests of NACA
63 and 64 series sections (with a chord ¢ =2 ft) up to R
= 2.5(10)7 show that C| y stops increasing in certain
sections (see figure 31, a, b, c) between R = 10 and
107 . While it seems to be routinely possible to produce
model surfaces sufficiently smooth for this condition,
there are reports from other high-speed tunnels indicating
that it is a real problem to prevent “sandblasting™ of the
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Figure 31. a) Maximum lift coefficient of two dimensional airfoil
sections, NACA 64-012, 63-009 (11), with and without standard
roughness.
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models by dirt originating in, or “seeping” into, the tun-
nel. In conclusion, wherever wind-tunnel tests show maxi-
mum lift coefficients leveling off upon approaching R =
107, it may be suspected that surface roughness is the
cause, unless influenced by compressibility.
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Figure 31. b) Maximum lift coefficient of two dimensional airfoil
sections, NACA 23012 and 0012 (11), with and without standard
roughness.
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Figure 31. ¢) Maximum ljft coefficient of two dimensional airfoil
sections, NACA 4412 and 64-418 (11), with and without standard
roughness.

Roughness in Full-Scale Operation. The above method for
estimating the permissible roughness grain size can also be
applied to full-scale airplane operation. Consider, for ex-
ample, flow conditions at the suction side near the leading
edge of a wing. At lift coefficients above unity the critical
local velocity at this point is increased to about 2 times
the airplane’s air speed. When flying at 100 knots (for
example, takeoff or landing) the maximum local speed is
thus in the order of 200 knots (or 340 ft/sec). The
permissible grain size of sand-type roughness is then in the
order of 0.6 milli-inch, while paint in aircraft mass pro-
duction may have a grain size of 1 milli-inch. If it is not
the paint, dust and/or insects picked up by the airplanes
or the ground or in flight can easily make the nose of the
wing section sufficiently rough, so as to affect its maxi-
mum lift coefficient in the manner as shown in figures 28
and 29. Note also, that in a turbulent boundary layer the
permissible grain size is a function of speed, and not of
wing or aircraft dimensiorns.
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Stimulation of Turbulence. In the practical operation of
high-speed airplanes (such as fighters) it is known that the
qualities of laminar-type wing sections deteriorate rapidly
by picking up dust, mud and insects. To simulate this
condition, the sections investigated particularly in (11)
were (in addition to their smooth condition) rcutinely
tested with a turbulence-stimulating strip of thinly spread
carborundum grains placed over the first 8% of the chord
(both on the upper and lower sides). The grain size used
was 0.011 inch, equal to somewhat less than 5/10% of the
chord. Consequences of this type of stimulation with
regard to lift, are:

(a) Some reduction of the lift-curve slope (up to about
10% in higher thickness ratios).

(b) A reduction of maximum lift of as much as 25%
depending on shape and thickness ratio.

Efficiency of Airfoils. The efficiency of airfoil sections
can be measured by the ratio C_x /Cpmmn. In high-speed
sections, the Cpm, is expected to be low (say in the
order of 0.005) corresponding to an appreciable percent-
age of laminar boundary layer flow. However, when judg-
ing the efficiency of an airplane, the drag coefficient of
the complete craft should be considered rather than that
of the wing only.

Type of Stalling. Maximum lift coefficients of several
airfoil sections, tested with “standard” leading-edge
roughness, are plotted in figure 31 as a function of the
Reynolds number. Three different groups of airfoil sec-
tions were found as to the influence of the roughness strip
upon the magnitude of Cx .

" (a) Figure 31,a shows that in symmetrical (and compara-

- tively sharp-nosed sections) the rise of the maximum lift
coefficient above the thin-foil level is prevented by rough-
ness. Note that in the smooth condition the two sections
shown each end up at a higher but constant level, sug-
gesting that the “natural” roughness of their “smooth”
surface is dictating that level.

(b) The majority of all airfoil sections belongs to the
leading-edge stalling group as in figure 31,b. Their maxi-
mum lift coefficient is considerably reduced by the rough-
ness strip, the amount growing with the Reynolds num-
ber.

(c) The influence of nose roughness on the maximum lift
of the sections shown in figure 31,c is to produce a more
or less constant reduction. It seems that all sections with
typical or exclusive trailing-edge stalling (highly cambered
sections, with higher thickness ratios) belong to this
group. It appears that the carborundum strip takes away a
specific amount of momentum from the suction-side
boundary layer, thus reducing pressure recovery at the
trailing edge.
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Airfoil Thickness. The size of the “standard” turbulence
istimulation strip used by the NACA (11) is arbitrary. All
that the strip tests give in regard to maximum lift is a
qualitative indication of the influence of roughness
around the nose on the magnitude of C x. Figure 24
shows that the C_y of sections below 6% or 8% or 10%
may not be sensitive to roughness. Sections with thickness
ratios between 12% and above 20% can, on the other
hand, be very much affected by leading-edge roughness,
particularly in effective camber ratios between 0% and 3%
(which means all sections used in high-speed airplanes).

Cambered Sections. Figure 25 illustrates the variation of
the maximum lift coefficient of the NACA 63 and 64
series sections (11) as a function of effective camber ratio
and shows that:

(a) Sections up to t/c = 6% do not exhibit much of an
influence of leading-edge roughness.

(b) The influence of roughness increases systematically as
the thickness ratio is increased to 9%, 10% and 12%.

(¢) The 12% and 15% thick sections show practically
constant differentials of maximum lift due to standard
roughness;

AC y=~ —03.

The data given in figure 25 shows little difference in the
maximum lift coefficient of NACA 63 and 64 series
sections in the smooth model condition.

Corrugated Surface. Early Junkers aircraft used cor-
rugated sheet metal as a properly stiffened skin for canti-
levered monoplane wings. At speeds in the order of
200 mph it was thought that drag may not be too critical
while light-weight construction did provide high payload
fractions and/or range. To evaluate the effects of a cor-
rugated surface three Clark-Y wing models were tested
(26,c) at Rc = 2(10)° with the following results:

(a) smooth airfoil with A=6;C, y =1.22.

(b) with corrugations placed on top of contour; C x =
1.25.

(c) with corrugations cut into the model; C; x =1.26.

Although drag is generally somewhat increased, the maxi-
mum lift coefficient is surprisingly enough not reduced. It
must, therefore, be postulated that the corrugations have
some “stabilizing” effect on the flow past the suction
side, reminiscent of the influence of vortex generators (see
Chapter V). This effect is particularly present at angles of
attack some 8 above that for C x of the A = 6 airfoils
tested.
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Ice Formation. When flying at temperatures below freez-
ing, rain may be deposited, particularly on the leading
edge of wings, in the form of ice. Figure 32 presents one
example of such deposits, tested (28,a) at R = 4(10) .
In comparison to the smooth NACA 2212 section, C y is
reduced from 1.3 to below 1.0. Not only is the maximum
lift of an airplane flying in icing weather reduced but its
drag and its weight also grow simultaneously so that
eventually it may no longer be possible to keep the craft
flying. Ice coatings may be mechanically removed by
inflating rubber “boots” (28,b) placed upon (built into)
the wing leading edge. Of course, such devices are bound
to reduce lift (lift-curve slope) and maximum lift coeffi-
cient to a degree, even when not in operation. Naturally,
all the types of roughness discussed also increase the
section drag, (a) because of stimulation of turbulence and
(b) because of their own addition to skin drag (See¢ Chap-
ter V of “Fluid-Dynamic Drag”).
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Figure 32. Example for lift and drag of a 2212 airfoil, tested
(28,a) between end plates, with and without simulated ice forma-
tion around the leading edge.

(28) Influence of roughness caused by icing:
a) Gerhardt, (AVA), Yok D Lufo 1940 p. 1,575.
b) Bowden, Ice Formation, NACA TN 3564 (1955).

¢) Gray, 65-212 Airfoil, NACA TN 2962 (1953).
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6. AIRFOIL CHARACTERISTICS ABOVE STALL

The characteristics of airfoils operating at angles of attack
above stall are of importance in analyzing airplane off-
design conditions and helicopter rotors operating at high
forward speeds where reverse flow can be encountered.
Normally airfoils operate in the range of angle of attack
from near zero at zero C to angles 10 to 20 degrees
above that, and produce a maximum lift coefficient in the
range of 1.0 to 1.6 plus. Upon increasing the angle of
attack above C_y , The flow detaches (separates), more or
less suddenly, from the suction or upper side of the
airfoil. After reaching its maximum C_ will drop to a
value of 0.8 to 1.0 and then increases again as the angle of
attack is further increased. This latter increase in lift is
caused by a combination of the impact pressure on the
lower surface together with some scavenging effect of the
outer flow along the boundaries of the wake originating
from the upper side. The scavenging results in a negative
pressure differential, or suction, on the upper surface.
Finally, the whole aggregate will result in some circula-
tion. All this amounts to the fact that lift is derived from
changes in momentum in the fluid flow, both in the
direction of motion (drag) and in a direction normal to
that motion.

The two dimensional characteristics of airfoils in the angle
of attack range of 0 to 180 degrees are given in figure 33
for NACA 0012, 0015 and 63A-012 airfoils (29,a, ¢). The
results for all the 12% thick airfoils agree closely. Above
an angle of 20 degrees indicating that shape has little
effect on the lift variation at high angle. The results given
in figure 33 also indicate that:

(a) After stalling, the resultant force acting on the airfoil
section is essentially normal to the chord line.

(b) Lift reaches a second maximum at o ~45° with a
value on the order of C_ = 1.0.

(c) Together with the drag at 45° (corresponding to
Cp x1.0) the normal force at that angle amounts to
Cun ={2 =14.

(d) At o« =90° C,, = Cp ==1.8. The normal force thus
reaches a maximum at this angle of attack, in a manner
similar to the theoretical lift coefficient.

(e) Lift is approximately zero at 90°; and the drag co-
efficient is 1.8, which is similar to that of a flat plate
(Cp = 1.95).
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(f) At angles of attack between 90°and 180°, the sharp
trailing edge becomes a leading edge, while the round
leading edge has to perform as a trailing edge. The varia-
tion of the drag and hft coefﬁcxents in this region is
similar to that between 0° and 90° .

The two dimensional airfoil data presented on figure 33
was obtained primarily for use in helicopter rotor analysis.
However, definition of the flow conditions required for
correcting these data for their use in rotor analysis are not
yet available. Testing of various airfoils on actual rotors is
recommended (29) to account for all the variables, since
the effects of three dimensional flow are of great impor-
tance. Three dimensional flow due to leakage may ac-
count for the difference between the NACA 0015 and
0012 airfoil data of figure 33.

-4

0 & NACA 0012 (29,a)
O NACA 0015 (29,a)
X NACA 4415 Douglas A/C Data
RN = .5x13%

from the geometry, we also obtain

Cp = (1.8 t0 2.0) sin® o¢ 17)

Cy =(1.8 t02.0)sin < (18)
Fully Stalled Wings. In the range of small Reynolds num-
bers (roughly below R = 107) the boundary layer flow
past rounded section noses stays completely laminar; sepa-
ration follows at zero angle of attack from a theoretically
traceable point on the upper side of the section, the
location of which is independent of the Reynolds number,
but dependent upon the angle of attack. As a conse-
quence, the flow completely separates from the suction
side and the lift is mainly due to the pressure forces on
the lower side. This type of lift also reaches a maximum as
the angle of attack is sufficiently increased; and the maxi-
mum lift coefficient is essentially independent of Rey-
nolds number.

Experimental points representing fully stalled (separated)
conditions are plotted in figure 34. The maximum lift
coefficient is between 0.6 and 0.7, at an angle of attack
(for airfoils with A = 5 or 6) in the vicinity of 40°. It
seems that the influence of Reynolds number in the range
below 10° to above 10° is small in this range of fully
stalled flow. At angles of attack below 60 °, the highest
values tested belong to cambered and round-nosed sec-
tions, while the lowest values are formed at negative
angles of attack (simulating negative camber). Also, the
stalled values of lift coefficients measured in closed wind
tunnels are somewhat higher, and lower in open-jet-type

Figure 33. Variation of lift coefficient for angles of attack 0 to
180 degrees.

Correlation of Theory. Analysis of the experimental re-
sults presented in figure 33 is as follows. First, multiply
the theoretical lift function (30) given as equation (15) by
cos
C_ =27 sin e (15)
to account for the loss of suction around the round
leading edge of the section. We must next reduce the
constant term 2, to account for the loss of circulation
due to separation. The test lift coefficients are thus ap-
proximately represented by
CL =(1.8102.0)sin o¢ cos

(16)

£29) Lift at High Angles of Attack 0- 180°:
a) Critzos, NACA 0012,«-0 to 180°, NACA TN 3361.
b) Helicopter Model Blade Stail, J of AHS Jan 1972.
¢) Sike and Gorenberg, 63A,0( = 0 to 180° AVLABS TR 65-

28, AD 619153

tunnels.
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Figure 34. Lift coefficient of rectangular airfoils with A bem een 5
and 6, as tested at larger angles of attack and/or below R =10 N
id est in fully stalled (separated) condition.
(30) Airfoil and Wing Theory:
a) Hemke, P.E., Prentice Hall, N.Y. 1946.
b) Sivells and Neely, NACA TN 1269.
¢) Soule & Anderson, Design Charts Stalling Tapered
Wings NACA TR 703.
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7. DYNAMIC EFFECTS

Fluctuations of Lift. Lifting characteristics as obtained
from wind-tunnel tests, and in the form as presented in
tunnel reports, are misleading insofar as the lift at and
around C_ is sometimes not as steady as it appears.
Speeds in air are so high, and the inertia and the damping
of the wind-tunnel balances are large enough, so that a
time-averaged values of lift and other forces and moments
are recorded. A particular characteristic of fluid-dynamic
testing in water (in a water tunnel or towing tank) is, on
the other hand, the fact that the speeds required to obtain
a certain Reynolds number are but a fraction (possibly a
few percent) of those in wind tunnels. As a consequence,
fluctuations of lift can “easily’” be read from the balance.
Lift as a function of the angle of attack from a water
tunnel test at 2.4 m/sec = 6 ft/sec is plotted in figure 35
for two foil sections. Quoting from (31), the lift of the
NACA 0012 section fluctuates “at” C,  , irregularly up
and down as indicated in the illustration. The cambered
and round-nosed section Go-387, displays similar (if less-
er) fluctuations at angles of attack beyond C_y , over an
extended range of that angle. The frequency “{ of these
fluctuations as tested, is between 0.2 and 1.0 per second
which, at a speed of 2.4 m/sec, leads to the non-
dimensional value of

f ¢/V = between 0.03 and 0.16 (19)

Dynamic Lift Stall. When a wing or a two-dimensional
airfoil approaches the stall angle at a significant rate, such
as might be encountered with a sudden pull-up of the
airplane, the angle of attack for stall and the maximum
lift coefficient are increased (32,a) as compared to the
steady state flow case. When the dynamic change of angle
of attack reverses the flow on the airfoil the lift does not
revert to the value encountered at the lower angles, but
will fall below these values. This results in lift coefficients
below the values for the steady state case and causes a
hysteresis loop as illustrated in figure 36. This tendency
for a lift overshoot and a hysteresis loop is encountered in
almost any dynamic situation of airfoils, and is especially
important in the designs of helicopter, propeller and com-
pressor blades as it may lead to stall flutter. Stall flutter of
a blade can result in very high values of torsional stress as
well as undesirable vibrations.

The dynamic lift overshoot is also important in the opera-
tion of an aircraft, since a sudden pull-up can produ(.e an
cifective sudden stall even if the wing is one which dis-
plays a gentle type stall under steady state conditions.
This may cause difficulties, especially under emergency
conditions.
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Figure 35. Lift as tested in a water tunnel (31) showing fluctua-
tions in the vicinity of the maximum coefficient.
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Figure 36. Frequency effect on hysteresis loop for oscillation
airfoil (32,i).

(31) Investigation of foil sections in a water tunnel.
a) Hoerner, 0012 and Go-387, Fieseler W'Tunnel Rpt 3

(1939).
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The dynamic lift overshoot is caused by a delay of the
adverse pressure gradient, allowing the airfoil to support
greater lift than during the steady state case. The oscillat-
ing airfoil derives lift from the frequency induced normal
velocity and the effects of the change in the rate of angle
of attack (32,b). The frequency induced velocity normal
to the airfoil effectively results in an increase in the
section camber as o¢ increases and a corresponding de-
crease as « is reduced. Thus, the rate of change of angle
of attack, o , effectively increases and decreases the angle
of attack compared to the static case. Since a certain
amount of time is required for the boundary layer to
build up, separation is delayed and the airfoil responds to
the dynamic angle of attack change without stall, also
contributing to the lift overshoot (32,c).

The combination of the q and the o« effects influences
the shape of the hysteresis loop which is a function of the
reduced frequency defined by (32,d)

k=cw/V or=cuw/V, (20)
where w is the oscillation frequency, c is the mean aero-
dynamic chord and c is the 2-dimensional chord length.
The reduced frequency is thus a measure of the rate of
change of oscillation with respect to the free stream
velocity. The reduced frequency given in equation (20) is
normally considered applicable only for incompressible
flow cases. For the compressible flow case at Mach num-
bers below the critical the reduced frequency will be

k=cuw/Vo\l —M_ (21)

where M is the free stream Mach number.

The maximum lift coefficient overshoot, AC 4, due to
the dynamic condition at which it occurs, A«xd , is a
function of the section shape, Reynolds number, type of
stall and the reduced frequency. Test data (32.f) indicates
that for a given level of reduced frequency AC_xd reduces
with increasing camber and, although C;, under static
conditions changes with Reynolds and Mach numbers, the
lift overshoot is not effected. Under dynamic conditions,
however, the level of turbulence increases with the re-
duced frequency which could give higher values of £Cyxg
than would be predicted by dynamic effects alone. This,
along with the turbulence in the propeller slipstream may
explain the large difference between the test data of
(32,a) and (32,g), figure 37.

The basic shape of the dynamic lift curve through stall is
dependent on the type of stall in the same way as airfoils
operating at steady state conditions, figure (38). Thus,
trailing edge stall will tend to yield a more rounded stall
shape than leading edge stall. The reduced frequency and
the type of motion effect the stalling, and it appears the
stall becomes sharper as the frequency increases figure 38.

/.O’ ' ' ' ' . ' 4
ac,

e M= .38 R =9 x 10° (32,a)
8F X M= .4 R= .2 x 10° (32.a) _
: A M .2 R=4 x 106 f’(32.9)

o M= .43 R = 2.8 to 5.7 x 10°(32,f)

v M= .2 MODEL TESTS (32,h)

FULL SCALE TEST
ON PROP A/C AND
4+ WIND TUNNEL MODEL _
TEST NO PROF.

WIND TUNNEL TEST ON
WING ALONE NACA 65-216

C/V, &X ~ DEGREES
ac

Figure 37. Lift increase due to dynamic change of angle of attack.

The shape of the lift hysteresis curve, figure 36, depends
on the airfoil shape, reduced frequency, the initial angle
and angle of attack range of the test. If the initial angle of
attack and change is below the static stall angle the
hysteresis loop will be very small and on the static lift
curve slope. However, if the initial angle and increment
allow the static stall angle to be exceeded the loop can be
large as shown on figure 36.

From figure 37 the lift overshoot can be estimated as a
function of the pitch rate velocity and mean aerodynamic
chord. The considerable scatter in the test data is caused
by changes in section, turbulence and Reynolds number
which influence the basic maximum lift of the section.

Although many experimental investigations of dynamic
lift stall have been undertaken (32), it is desirable to have
a means for predicting the angle overshoot and the shape
of the hysteresis loop as a function of the instantaneous
angle of attack from the available static airfoil data. An
approximate method based on the concept of induced
camber, attached flow phase lag and reduced frequency
(32,d) appears to give a good first approximation.

(32) Dynamic Lift Stall:

a) Gadeberg, B.L., Dynamic Aircraft Stall, NACA TN
2525.

b) Ericsson, L.E., J of Aircraft, Vol 4 No. 5, 1967.

¢) Moore, F.K., Lift Hystercsis - Boundary Layer,
NACA TN 1291.

d) Ericsson, L.E. & Reding, J.P., J.A/C, Vol 8 No. 8 &

Vol 8 No. 7.

¢) Halfman, R.L., Johnson, H.C. & Haley, S.M., NACA
TN 2533.

f) Conner, F., Willey, C. and Twomey, W., NASA CR
321.

g) Davis and Sweberg, NACA TN 1639.
h) Harper, P., Rate Change on C y, NACA TN 2061.
i) Liiva, Jaan, Unsteady Lift, J.Aircraft, Vol. 6, No. 1.
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8. STALLING OF STRAIGHT WINGS

The stalling of a wing occurs when the more or lzss linear
function of lift with angle of attack comes ultimately to
an end. At this angle where the lift is no longer linear, the
flow of the air separates from the suction side and the
wing stalls. The stalling of a three dimensional wing is
dependent on all the factors discussed in this chapter
including the section shape, angle of attack, Reynolds
number, Mach number and the planform shape. The stall-
ing of the wing is dependent on the local angle of attack
of the sections as effected by both geometrical and in-
duced flow characteristics. Thus, the aspect ratio and
shape of the planform are of primary importance. The
stalling characteristics of low aspect ratio, delta, and
swept wings are complex and, therefore, are covered in
separate chapters.

Plan Form. As mentioned in Chapter III, the local lift
coefficient of a rectangular wing is highest at the center;
stalling, therefore, begins here. On the other hand, in a
highly tapered wing, stalling is bound to start at and near
the wing tips. Since it is desirable to have a wing display a
gradual stall and maintain lateral control, a wing that stalls
inboard first is desired. For this reason, reduction of
wing-tip stalling is often attempted by twisting the wing
so that the effective angle of attack is smaller at the tip
than the root. This procedure (“washout”) is often sup-
plemented by the use of slots, etc., see Chapter VIII.
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Figure 38. Lift coefficient and angle of attack overshcot from
static stall due to dynamic effects (32,d).
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Figure 39. Examples of the stall progression of straight wings
differing in aspect ratio and section type.

A typical flow pattern for a tapered wing showing the
progression of stall with increasing angle is shown on
figure 39. It will be noted that the aspect ratio 6 wing
using NACA 23 xxx series airfoils (33,a) develops stall
near the trailing edge, and that there is a cross flow from
the wing tip. Also, after the maximum lift coefficient has
been exceeded the wing tips are still not completely
stalled. For the aspect ratio 10 wing with the same type of
sections (33,b) stall proceeds in the same manner as the
AR = 6 wing. The stall pattern shown would be expected
since both wings are built with the tips washed out to
obtain this pattern.

In both cases the wings with NACA 23 xxx section
exhibited an abrupt stall even though the stall appears to
start at the trailing edge. Sharp stall would not be pre-
dicted from figure 8, but appears to be a characteristic of
the 23 xxx airfoils and is seen in the two dimensional
airfoil data (11,b). For wings using NACA 64 and the four
digit series the stall is more gradual and of the type that
would be predicted using figure 8. The prediction of these
characteristics of plane wings is accurate using two-
dimensional airfoil data for the proper operating condi-
tion of Mach number and Reynolds number and the
lifting line theory (30).

(33) Straight & Taper Wing Stall:
a) Mach and Reynolds No. Effects, NACA TN 1299.
b) High-Aspect-Ratio Tapered Wings, NACA TN 1677.
¢) Compressibility Effects, NACA TN 1877.
d) Tapered Wings, NACA WR L-311.

(34) Influence of surface roughness on maximum lift:
a) Williams, Thick Sections in CAT, ARC RM 2457
(1951).
b) Hoerner, Survey, Ringbuc&:Lufo Rpt 1A9 (1937).
¢) Jones, 0012 and RAF-34 in CAT, ARC RM 1708
(1936). o
d) AVA Gottingen, Ergebnisse 1117(1927) p 112.
e) Hooker, Airfoils w’Roughness, NACA TN 457 (1933).
f) See also references under (28).

(35) Characteristics of sharp-nosed sections:

a) Daley, 6% Thick Sections, NACA TN 3424 (19595).
b) DVL, Double-Arc Sections, see (8,c) or (19).

¢) Solomon, Double Wedge, NACA RM A6G24.

d) Polhamus, Drag Due to Lift, NACA TN 3324 (1955).
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CHAPTER V — CHARACTERISTICS OF
TRAILING-EDGE WING FLAPS

Flaps deflected downward from the tailing edges of wings,
are primarily used to increase lift so that the landing speed
can be reduced. They may also be used to improve per-
formance during takeoff and when climbing. Available
information on high-lift flaps is essentially statistical in
nature. It is attempted in the following, to present the
trailing edge flap characteristics as a function of pertinent
parameters and to find methods of evaluation, beginning
with two-dimensional sections and ending with configura-
tions as they are used in operational airplanes.

I. LIFT CHARACTERISTICS IN
TWO-DIMENSIONAL FLOW

Wing flaps as used in airplanes, are three-dimensional
devices, limited in span, usually interrupted by the fuse-
lage and interfered with by nacelles and propeller slip-
streams (if any). The two-dimensional flow characteristics
of flaps are the basis, however, from which more com-
plicated configurations can be understood.

1. GENERAL

The problems connected with the design and analysis of
trailing-edge flaps, in two-dimensional flow, are as fol-
lows:

® Jack of, or complexity of theoretical methods,

® the amount of lift added by deflection of flaps,

® pitching moments affecting longitudinal trim,

® Joad distribution and hinge moments,

® stalling characteristics of flaps and airfoils,

® influence of Reynolds number on maximum lift,

® drag associated with the production of lift.

Analysis. The lift of thin airfoil sections correspond to Cy
= 2 1 sinor. Maximum lift is thus “expected” at o = 90",
where practically all of that lift would be generated “at”
the leading edge, by way of suction. The maximum lift
coefficient would be in the order of C,_y = 6. Deflection
of a trailing-edge flap has two advantages: it reduces the
need for higher angles of attack, and it gives the airfoil
section “‘camber”, thus postponing flow separation from
the upper side. Disregarding boundary-layer control (such
as by suction) flow separation is evidently so strong at the
larger angles of deflection needed that analytical efforts
have been considered to be useless (1,e). However, with
the use of high speed computation it is expected that
methods will be developed to find the performance of
wings with flaps (2,g). Lift is generated in a wing, by
deflecting a “tube” of the oncoming stream. To under-
stand the mechanism of a trailing-edge flap, one may
assume that the deflection corresponds to the direction
into which the tail of the air foil section is pointing, or to
which a not-too-small flap is deflected. Referring to Chap-
ter IX, it may be said that (taking into account boundary
layer effects) roughly:

dof [d8 =C, [C\ o= (c;fc) ; 8<15° (1)

where n decreases from 0.7 at ¢, /c=0.1,t0 0.6 at ¢; /c =
0.3. This means that at a chord ratio c;/c = 0.2, for
example, a deflection of the flap by 10, , produces almost
the same lift increment as the airfoil or wing at an angle
of attack of 5°. Equation 1 can only be used at small
angles of flap deflection (say, up to 15°) as they may be
used during takeoff and climbing of airplanes. Sub-
stantially to increase the maximum lift of a wing, much
larger flap angles are required. Replacing the deflection
angle & by its sine, and do /d§ by sind,we tentatively
obtain

ACL =2msin(a +8(d(sinae )/d(sind)))  (2)
For o =0, it may then be true that

(ACL) =2 sin (8 (sind/8)(dor /db)) 3)
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Tentatively again, it is assumed that d(sino¢ )/d(sind) =
dor /A6 asplotted in figure 2 of Chapter IX. For example,
for do /dd = 0.5, as for ¢, /c = 0.20 or 0.25, we thus
obtain a maximum

(4C_) ~ 09 (27)sin(0.5 0.64 90) = 2.

These equations produce a flat maximum at & = 90°
which seems to be compatible with experimental results
on flaps with boundary-layer control by suction. How-
ever, flow separation (on plain and split flaps), boundary-
layer and circulation losses (on slotted flaps) and in-
creased or “super-circulation” (in particular when blowing
over flaps) are bound to bring about negative or postive
deviations from any simple theoretical formulation.

Types of Flaps. As illustrated in figure 1, a number of
trailing-edge flaps have been developed, tested and used:

a) The ordinary or plain type (similar to control flaps) is
rarely used as a landing flap. As mentioned above, the
flow separates easily from the suction side. Maximum lift
is not spectacular, drag is high because of separation and
the wake is not necessarily stable.

b) Through the use of boundary layer control (suction)
the separation from the plain flap can be eliminated.
Characteristics would then be similar to those under (e).

¢) The split flap was for many years used in the design of
airplanes, particularly of fighters. This type is considered
structurally simple. In terms of performance the lift is
comparatively high and the drag connected with the
“dead” space behind the flap, is evidently tolerable or
even desirable during the landing operation.

d) The Zap flap (named after its inventor E.F. Zap) is a
kinematic variation of the split type. Forces (moments)
required for deflection are reduced, and maximum lift is
increased (on account of an effective increase of wing
chord).

e) The simple slotted flap (first or predominantly pro-
moted by Handley Page) postpones separatiorn to some
45° of deflection. Lift is increased, and drag is reduced.

f) The “external” flap (developed and used at ore time by
Junkers) can be considered to be a slotted flap, with a
very long and flat entrance.

g) The supply of “fresh” air through a slot can be replaced
and considerably increased by blowing over the deflected
flap.

h) Shape of and flow through a slot are improved when
extending the upper lip and translating the flap according-

ly.
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i) The Fowler flap (named after H.D. Fowler), combines
the slotted feature as in (e) with an increase of the
effective geometric airfoil chord; similar to (h).

j) The ultimate in variable geometry are double-, triple-, or
multiple-slotted devices, combining and fully utilizing the
characteristics as under (e) and ().

All of these types of trailing-edge flaps (and some similar
devices) are discussed in this chapter.

Experimental Results. Wind-tunnel tests are usually car-
ried out between R, = 4(10)5 and possibly 6(10)6 .Fora
landing speed, say of 120 knots, and an assumed wing
chord of 10 ft, the Reynolds number is in the order of R,
= 10" . Realistic simulation of full-scale conditions in wind
tunnels thus seems to be possible. However, because of
the particularly high lift coefficients tested, tunnel cor-
rections are comparatively large; and it seems that these
corrections (developed for lift coefficients, say up to
unity) are no longer sufficient. It is shown in Chapter II
that pitching moments due to camber as tested in the
NACA two-dimensional setup (between walls in a closed
test section) are evidently out of line. Although the pro-
cedure for correction lift-curve slope (2,b) includes a term
corresponding to Cpq, it is suspected that this term is no
longer adequate considering the extreme amounts of
“camber” introduced by trailing-edge flap deflection.
Another reason for the high lift increments observed in
closed-type tunnels seems to be blockage by larger flap
deflections and by the comparatively very large wakes
(2,d) trailing from certain types of flaps. Corrected ex-
perimental results obtained in open-jet wind tunnels, ex-
hibit, on the other hand, comparatively smaller lift in-
crements due to flaps. This is possibly because of the
curved deflection of the tunnel stream. We have corrected
(2,c) some of the data evaluated and presented in this
chapter to levels believed to be realistic.

Forces and Moments. When using trailing-edge flaps (at
modest angles of deflection) during takeoff and when
climbing, their performance efficiency (in terms of D/L or
L/D) is most important. We will see what can be accom-
plished when using trailing-edge flaps for this purpose. —
Loads due to flaps and on flaps are a justified concern of
structural engineering. Pressure or load distributions, and
the magnitude of the hinge moments due to deflection,
will be presented. — Pitching moments due to flaps are a
necessary evil connected with any successful type of trail-
ing-edge flaps. It will be seen what their magnitude is, and
how it can be reduced by three-dimensional “tailoring” of
a wing.
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Figure 1. Principal types of trailing-edge flaps, at an angle of

\ deflection considered suitable in the landing operation of air-

a) PLAIN PLAP

(¢}

c) SPLIT PLAP

e) SLOTTED FLAP = 0.06

) EXTERNAL PLAP = 0.04 *\ @
->

g) BLOWING OVER PLAP = 0.05 \

1) POWLER PLAP = 0.07 30 \

S \ N
09 .

J) DOUBLE-SLOTTED PLAP = 0.

Cprx = 2.3 planes. The force and moment coefficients are estimated average
values in two-dimensional flow, for 25% flap-chord ratio.

Theoretical analysis of wing flaps:

a) Theoretical analysis applies primarily to small angles of
deflection, and is as such treated in the “control-devices”
chapter.

b) For some extension of analysis to higher angles of de-
flection, see (13,b).

c) Walz, Pressure Distribution Including Wake, Ybk D Lufo
1940 p I-265.

d) Walz, Analysis of C,_ pax German ZWB FB 1769 (1943);
Cornell Trans 1951.

e) Some results of (c) and (d) are shown by Reigeis in
“Aerodymanische Profile”, Oldenbourg Munich 1958. As-
suming wake or dead space behind a sufficiently deflected
flap to have a certain size and shape, it is possible (c) to
“predict” pressure distribution, forces and moments using
potential theory. Of course, these characteristics have to be
known first from experiments, before the agreement as
shown can be obtained.

f) Davenport, Limits of Circulation in Three-Dimensional
Flow, J A’Space Sci 1960 p 959. Earlier work on the subject
by Helmbold & McCormick is referenced.

g) Stevens Mathematical Model for 2D Multi-Component
Airfoils NASA CR-1843.

Correction of wind-tunnel results:

a) Itis not the purpose of this text to investigate wind-tunnel
techniques. There is some difference, however, in the lift-
curve slopes as reported for the two-dimensional setup (be-
tween walls) as in (13,a) and as derived from wings tested at
A =5 or 6 in open-jet tunnels such as in (13,b).

b) Procedures for correcting closed-tunnel results are re-
ported in (13,a); see also Allen, Wall Inteference NACA TRpt
782 (1944).

c) As shown in Chapter II, the lift-curve slope depends upon
parameters such as thickness ratio and skin friction (Rey-
nolds number). Restricting ourselves to moderately thick and
“conventional” airfoil sections, statistical experience seems
to indicate that increments (4C_ ) as tested in the NACA
two-dimensional tunnels are too high (possibly by 4%), while
those evaluated from the DVL open-jet tunnel are too low
(possibly by 4%). Results in the various graphs of this chapter
have been corrected accordingly.

d) Consider that the section-drag coefficient of an airfoil with
60 split flap is in the order of Cp¢ = 0.15, in comparison to
less than 0.01 for the plain foil. As a consequence, blocking
should have an effect upon lift due to flaps.

e) An example for blocking is NACA TN 3797 where an
airfoil with 4.5 ft chord is tested between the walls of a
closed tunnel which is 10 ft high, with a 30% plain flap
deflected up to 70°. The increment for that angle is stated to
be (aC_) = 1.8, which is some 25% more than we would
expect according to figure 3.
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2. LIFT CHARACTERISTICS OF PLAIN FLAP3

Ordinary or plain flaps are similar in shape to control
flaps, elevators and/or rudders as described in Chapter IX.

Lift Increment (aC,_ ). Figure 2 presents the lift co-
efficient of a flapped wing as a function of its angle of
attack o« as well as of the flap angle 8. The effzct of the
flap deflection is to displace the C, (o) function by
more or less a constant amount of (s ). At constant lift
coefficient, such (o) values can be considered to be
independent of the wing aspect ratio. The ratio (Ac /8)
could thus be utilized to indicate the flap effectiveness. At
the large deflection angles used during landing, C, does
not vary in linear proportion to the angle d, however. A
statistical evaluation is, therefore, needed. Using the
angle-of-attack displacement stated above, the lift due to
flap deflection corresponds to AC, = do (dC, /do ),
where the lift-curve slope (dC, /do' ) = 1/(do¢ /dC,_ ) and
the “lift angle” roughly:

A’ [dC ~ 10+ 20/A (6)

as discussed in Chapter III. To eliminate the second term
(containing the aspect ratio A) that term is simply sub-
tracted from the “lift angle” as tested. The result is a
two-dimensional lift differential due to flap deflection,
indicated by

(aC.) = A J((do” /dC, ) — (20/A))  (7)

A graphical procedure for the evaluation of this type of
(aC) is indicated in figure 2,a. As discussed above,
results from the modern “two-dimensional” closed wind-
tunnel setups (2,c) have been “corrected” corresponding
to a(dof /dC, )=+0.4°.

(3) Summary and review of trailing-edge flaps:
a) Cahill; Data on Trailing-Edge Devices, with 58 rzferences,
with emphasis on slotted flaps; NACA TRpt 938 (1949).
b) Wenzinger, Summary as of 1939, SAE Journal 1939 p
161.
c) Serby, Review of Full-Scale Landing Flaps, ARC RM 1821
(1937).
d) Kruger, High Lift Devices, ZWB UM 3025 (1943) and
Tech Berichte 1944 p 461.
e) See in Riegels, “Aerodynamische Profile”, Oldenbourg
1958.
f) Young, Characteristics of Flaps, ARC RM 2622 (1947),
with 138 references (theory, flap types, pressure distribution,
downwash, swept wings).

FLUID DYNAMIC LIFT

"/ [l ] a

_ o
y dot /dC; = 13.8

+ 8 = 90° -

ANGLE OF ATTACK o ©

30 40

20t Q=+ xz‘:’/_o___.ﬁb\l\

G A§U/M—n\o\
=+ 8°

[5~ o a o o o] _O\

o

x——x X = =4
/Oy _—— X/ -
/ O/ X_//XFLDW SEPARATED FROM FLAP
ATTACHED FLOW / ¥ /’ -
q e

A/ Y

05 ’/ x 7 g B
/ s
/| AL R
// FLAP DEFLECTION 6"

/O 30 60 90

Figure. 2. Lift of a flapped rectangular model wing with A = 6,
tested (10,a) in a closed wind tunnel:

Part a) as a function of the angle of attack o .

Part b) as a function of the flap angle §.

(4) NACA Investigation of Fairchild airplane in full-scale tunnel
and in flight:
a) Dearborn, With Fowler Flaps, TN 578 (1936).
b) Dearborn, With Zap Flap and Ailerons, TN 596 (1937).
¢) Reed, With External-Airfoil Flaps, TN 604 (1937).
d) Silverstein, Maximum Lift Without Flaps, NACA TRpt
618 (1938).

(5) Soule, Discussion of the Minimum Horizontal Tail Surface
Required for Airplanes With Flaps; NACA TN 597 (1937).
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Flap Deflection. Values of (4C_ ) are plotted in figure 3
as a function of the flap angle. As any plain-type flap is
deflected from zero, its (4C_ ) value increases first ac-
cording to doc /& = f(c, /c). Between & = 10 and 20°
the flow will separate on the upper side of the airfoil. The
actual flap angle for separation depends on the influence
of Reynolds number, foil thickness ratio, flap-chord ratio,
angle of attack “o¢ ” and the size of the gap around the
nose of the flap. After an interval in the order of 10°, the
increment (AC,_ ) again increases, at a reduced and no
longer linear rate, which is similar in character, to sind.
The increment (AC_ ) due to flaps usually reduces some-
what as the angle of attack, or the basic lift coefficient is
increased. We have generally evaluated flap effectiveness
starting at o« = 0, or at the angle of attack where the air-
foil section used, see figure 2. At angles around 6 = 60°,
the increment usually reaches a maximum. Any increase
of the deflection angle above this limit, gives only a small
increase of C_. For landing near C 4 , for example a high
angle of attack would be combined with a large flap angle.
The increment (aC_ ) will then be somewhat smaller than
indicated in figure 3.

Y 0009, Hor'tail, 50%, 6(10)5 <(7,c)
v 0009, walls, 5 + 50%, 2(10)6 (7,d)
A 0009, walls, 25, 50%, 3(10)6 (7.e)
x Cl-Y, A = 6, 10+ 30%, 6(10)5 (6a)
O 64A010 wl' 30%c flap, 3(10)6 (7,f)
© 64A010, A = 3.1, 25%, 5(10)6 (23e)
H 23012 bet'walls 20%, 3(10)6 (11,a)
A 65-618, walls, 20%, 6(10)6 (9,a)
+ Clark Y, A = 6, 20%, 6(10)5 (ga)
¢ 2412 with A= 5, 18%, 3(10)6 (gDb)
2 23012 bet'walls 10%, 2(10)® (11,b)
© 0009 with a 6% tab, 2(10)6 (7,d)
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Figure 3. Lift increments (4C_ ) in two-dimensional flow, of plain
flaps deflected from conventioﬁnal foil sections, at Feynolds num-
bers between 6(10)° and 6(10) .
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Flap-Chord Ratio. The effectiveness of plain flaps in-
creases as a function of the c; /c ratio. As shown in figure
4, this increase is similar to

(aC_) ~Verfe (8)

Referred to the flap area indicated by the flap chord ¢
effectiveness is highest in small chord ratios, and decreases
rapidly as the ratio is increased. In the design of airplanes,
chord ratios in the order of 20% for plain flaps have
evidently been found to be most economical or practical,
producing a comparatively large increment of lift with a
limited structural penalty.

- -
o from figure 3 6\ 05
O extrapolated .
O DVL, A =5, ((6,b)
FLAP —CHORD RATIO
1 1 1 1 O
o,
Cope )% 60 60 40 20 0

Figure 4. Lift increments of plain flaps (as in figure 3) as a
function of their flap-chord ratio.

(6) Wind-tunnel investigation of simple wing flaps:
a) Wenziner, Ordinary and Split Flaps on Various Wings
Having A = 6,at R¢ = 6(10) NACA TRpt 554 (1936).
b) Bausch-Doetsch, Rectangular 2412 Wing With Flap and
Tab in DVL Open-Jet Wind Tunnel, Yearbk D Lufo 1940 p
1-182.
(7) Investigations of plain control flaps:
a) Dods, Nine Related Straight and Swept Horizontal Tails,
NACA TN 3497 (1955).
b) Bryant, Evaluation of Control-Flap Characteristics for
Small Deflections, with 19 references; ARC RM 2730 (1955).
c) Gothert, Two Series of Airfoils With Flaps and Tabs
Tested to & = 40" in Open-Jet Tunnel, Yearbk D Lufo 1940
p 1-542.
d) NACA, 0009 Foil Section Between Walls With 30,50, 80%
Flaps and With Tabs, TNotes 759, 734, 761 (1939/1940).
e) Spearman, 0009 Section with 25 and 50% Control Flaps,
NACA TN 1517 (1948).
f) Crane, 66-216 Airfoil With Flap and Tab, NACA TRpt 803
(1944).
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Figure 5. Lift increment of a plain flap (18,a) providing a well
rounded shape when deflected.

Round Corner. With the larger radius made possible with
the hinge located on the lower side as in figure S, it would
be expected that the flow would go further around the
corner without separation than in a conventional plain
flap, such as in figure 2 for example. Direct evidence for
an improvement at deflections between 30 and 60 isnot
available. Two things can be seen however, in figure 5, the
angle of incipient separation is raised from & = 15" to
20°; and the lift increment (AC_ ) keeps rising above & =
60°. Other factors contributing to the increase of lift over
that of plain control-type flaps such as in figure 3, are:

a) the internal seal, preventing flow through the gap,
b) the thickness ratio t/c = 16%, in comparison to = 12%,
c) the 66-series section, in comparison to “old” shapes.

At any rate, the high effectiveness of the flap in figure 5
at larger angles of deflection is due to several factors as
well as the greater radius.

Influence of stream turbulence:

a) Abbott, 23012 Rectangular Wing With Plain and Split
Flaps in the Variable-Density Tunnel, NACA TRpt 661
(1939).

b) Morris, Flight Investigation Regarding the Effect of Vor-
tex Generators on Flap Effectiveness, NACA TN 3536
(1955). o I

8)

(2412)
-
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Stream Turbulence. The NACA’s Variable-Density Wind
Tunnel is known to have a very turbulent stream of air,
see Chapter IV. Results obtained for a 20% chord plain
flap (8,a) are interesting in regard to the influence of
turbulence upon the effectiveness of that type of flap. For
&=60", the lift increment is:

(aC_) =1.42 for the plain flap
=1.27 for a same-size split flap

Comparison with the results in figure 3 shows that the lift
is some 25% higher with plain flaps. The fact that the split
flap does not exhibit an increased increment (see figure 6)
proves that the phenomenon is not the result of tunnel
interference. Thus, the conclusion is that stream turbu-
lence helps the flow somewhat go around the bend of the
plain flap. A reduction of turbulent separation, by way of
“mixing” can also be produced by means of so-called
turbulence generators small pieces of sheetmetal set at an
angle of yaw on the upper side of wings, ahead of trailing-
edge flaps. Flight tests (8,b) indicate the following:

a) Generators do not have a detectable effect at larger
angles of flap deflection.

b) In climbing flight, with a flap angle of 19°, perform-
ance is slightly improved.

3(210)% (10,b)
3(10)6 (10,b)
3(10)6 (11,a)
8(10)¢ (g,a)
6(10)5 (6,a)
6(10)6 (10,c)
3(10)€ (10.a)
3(10)6 (15,b)

1932 (10, £)

23012, WALLS, 20 + 40%,
23012, WALLS, 10 + 30%,
23012, BET'WALLS, 20%,
23012, WITH A = 6, 20%,
23012, WITH A = 6, 20%,
65-212, BET WALLS 20%,
0012, WITH A = 6, 20%,
23012, WALLS, 5 & 10%,
AVA GOTTINGEN, 5.10,20%
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Figure 6. Lift increments (AC. ) of split flaps deflected from
conventional foil sections withét/c around 12%, at Reynolds num-
bers between 6(10)5 and 6(10) .
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3. LIFT CHARACTERISTICS OF SPLIT FLAPS

Split flaps have been used for many years in fighter-type
airplanes as a simple device for increasing thei- glide-path
angle and reducing landing speed.

Flow Pattern. At higher angles of deflectior. e ..uv
pattern past split flaps is very similar to that of plain flaps.
As a consequence, lift as a function of flap angle as in
figure 6, is similar to that as in figure 3; that is, above é ~
25°.In a similar manner, the lift increments :n figure 7,
for constant angles of deflection, are almost as high as
those in figure 4. Referring to the theoretical “analysis” in
the first section of this chapter, equation 3 can be applied
to interpolate lift increments using §/2 and sin($/2). Fig-
ure 7 reveals, however, that split flaps aré somewhat
superior to plain flaps. The straight upper side of the
airfoil section evidently leads the flow right to the trailing
edge, while past a plain flap the flow is exposed to
interference (mixing) with the highly turbulent “dead”
space. Another advantage of the split type might also be a
more stable wake pattern; the separation points are clearly
fixed.

X  TAKEN FROM FIGURE 7
o DITTO, LOWER BRANCHES
+ NACA TRpt 668 (15,b)
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LAPS AS IN FIGURE 4
ey N )
§7 18> TR N
°\I::°\
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Figure 7, Lift increments as in figure 6, as a function of flap-chord
ratio.
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‘~ mechanism of the Zap-type split flap.

Zap Flap. A linkage system is shown in figure 8, through
which the split flap can be moved back when deflecting,
or be deflected when moving its pivot point back. The
advantages are a reduction of actuation forces and an
increase of effective wing chord. The corresponding incre-
ment of lift may be found in figure 9, as a function of the
distance of translation. Assuming that it would be correct
to say that in figure 7, the increment increases as (4 C, )
~VC¢ [c, it may also be stated that
(aC ) ~V&, [y VT, o (10)
However, as we will see below, the lift-curve slope in-
creases also corresponding to the effective chord length (c
+ ax). A more basic formulation, therefore, is necessary.

Split Flap Forward. As shown later, the nose-down pitch-
ing moments due to trailing-edge wing flaps are large. To
reduce them and possibly to make it practical to use split
flaps as glide brakes it has been tried to locate such flaps
more forward. In figure 9, lift characteristics are shown of
a split flap for various flap positions “x” along the lower
side of a rectangular wing. Considering the most “‘stable”
range, say at « around 8°, extrapolation of the straight-
line lift coefficients to C, = zero, leads to an approxi-
mately common angle of attack. For the 20% flap, this
angle corresponds to a o = —15°, as measured against
that for the plain foil section. Such common angles are
also found in (12,b) for flap angles different from 60° and
for chord ratios other than 20%.

(9) Investigation of perforated (brake) flaps:
a) Purser, Split Flaps on 23012 Wing, NACA W Rpt L-445
(1941).
b) Purser, Brake Flaps 33% Perforated, NACA W Rpt L-41S§
(1943).

S
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Lift-Curve Slope. It may be argued that when moving the
flap’s hinge point forward, the effective airfoil chord
corresponds nc iuly to that indicated by the trailing edge
of the flap when folded, since the flow is fully separated
from the lower side of the wing, with the flap deflected.
In two-dimensional flow, thus approximately:

dC, /do ~ (c+ ax) ~ (1+(Ax/c)) (11)
where x as defined in figure 9. After subtractirg for the
results as in (12), a(da /dC, ) = 3.5° for induced and
affiliated considerations, two-dimensional lift angles
do /dC,_ are obtained. As shown in the illustration, the
corresponding lift-curve slopes vary approximately as in
equation 11. For example, for the angle of attack (in
two-dimensional flow) where the lift of the plain foil
section is zero, theoretical (4C, ) values are obtained for
the flap arrangements in figure 9. Plotted together with
values directly evaluated from 12, a variation essentially in
proportion to that in equation 11 is found.

Full Scale Airplane. A systematic series of almost full-span
split flaps is reported in (12,b). This investigation has the
advantages that it has been conducted on a rezl airplane
(in the NACA’s Full-Scale Wind Tunnel). We have cor-
rected the results to full-span condition, using the part-
span functions presented later and have reduced these
results to two-dimensional conditions as explained above.
For a 20% and 60° flap, the extapolated zero-lift angle is
found to be displaced by ao¢ = —11°, and —15° respec-
tively that is, after correcting for the flap cutout in the
center of the parasol-type wing. Corresponding values for
other flap chords and other deflection angles vary ap-
proximately in proportion to the statistical functions as in
figure 6 and 7, respectively. The lift-curve slopes vary in
proportion to that in figure 9, or as indicated by equation
11.

(10) Characteristics of simple split flaps:
a) Goett; 0009,12,18 Wings in Full-Scale Tunnel, NACA
TRpt 647 (1939).
b) Wenzinger, 23012,21,30 Wings With Various Flaps, NACA
TRpt 668 (1939).
¢) Fullmer, On 66-216 and 65-212 Foil Sections, NACA W
Rpt L-140 (1944).
d) West, Presentation of the Characteristics, J.RAS 1940 p
338.
e) Williams, Wings in the Compressed Air Tunnel, ARC RM
1717 (1936).
f) Schrenk (AVA), Split Flaps to =120 ,ZFM 1932 p 597.
g) Wenzinger, Tapered Wing with Split Flaps, NACA TN
505(1934).

FLUID DYNAMIC LIFT

A = 6, RECTANGULAR, 6(10)5 (12,a) /%
DITTO, DIRECTLY EVALUATED :
DITTO, CALCULATED (SEE TEXT)

PARASOL AIRPLANE AT 3(10)€ (12,b) /3
DITTO, MAXIMUM LIFT IN FS TUNNEL
WALLS, 60° PERFORATED FLAPS('%,a)

O+bXeo

D

—
23012 7
(2212)

251 Cux
)
o/
[5F sz o e m”
. > N4
(9,a) wour Fap_ - A.?/
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IOF O/o-/ (’) __.Ao%/_

——
= 0/090/
o5t o= 4T <
=0 e — (;.—
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FLAP LOCATION X/C (TR'EDGE)

Figure 9. Lift coefficients of rectangular wings with A = 6, tested
with 20% split flaps in various chordwise positions.

Perforated Flaps. A discontinuity in the (AC_ ) function
is found in figure 6, at & between 20 and 30°. It is
suggested that below this range, a “simple” viscous wake
is formed behind the split flaps tested, while above 6 =
25°, a Karman-type vortex street is established. This ex-
planation is confirmed by a corresponding discontinuity
in the section-drag coefficient, showing a step-up ACps
~ 0.01, which is ACp = 0.1 based on “base” area of the
flap. The change in flow pattern is also confirmed by a
step in the maximum lift coefficient as found in (16,a) for
several split flaps, at some angle 6 between 15 and 30°.
This step is in the order of 4C x = —0.1. An up and
down swinging wake can induce lift and drag fluctuations
in the wing; and it can cause serious vibrationsin the
horizontal tail of an airplane. Figure 10 shows one of
many ‘“venetian-blind” type split flaps investigated in
(20,c). Around &5 = 15°, the flow can be expected to
separate from the slats. Another way of breaking up the
wake into smaller vortices, is by means of perforated
flaps. Characteristics of such flaps (plates) are reported in
(9). Lift due to flap must be expected to reduce as a
function of the solidity ratio S./S,. For example, when
removing 1/3 of the solid flap surface, flap load (normal
force) and effectiveness (4C,_) are reduced roughly to
2/3.
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Airfoil-Section Shape. Split flaps can easily be attached to
wind-tunnel models. This was evidently the inducement
for testing routinely (13) various airfoil sections with a
standardized 20% and 60° split flap. Such tests are con-
sidered to indicate the forebody response to trailing-edge
flaps in general, corresponding to thickness ratio and
other shape parameters. Evaluation of (13,a) shows that
camber between O and 4% of the chord has practically no
influence on the increment (4C,_ ). One of the parameters
describing shape is the location of maximum thickness.
The due-to-flap increment increases as this location “x” is
moved back along the chord. Thus as tested at R¢ =
6(10)‘ (with roughness strips added near the leading
edge):

20%, 60° SPLIT FLAPS

63012 x/c =33%  (aC_) =125
64-012 =37% =1.29
65-012 =41% =134
66-012 =46% =137

The nose radius of a certain foil section is indicated by
r/t=K t/c

where K = 1.1 for NACA 4-Digit sections, or K = 0.76 for
the 63 Series, decreasing to 0.70 for the 65 Series. The
radius thus varies as

rfc=K (t/c)2 (13)

(11) Discussion and characteristics of Zap flaps:
a) Weick, Split Flap Moved to Rear, NACA TN 422 (1932).
b) Joyce, Discussion of Zap Flaps, Trans ASME 1934 p 193.
c) Serby, Balancing of Flaps, Aircraft Engineering 1937 p
292.
d) Dearborn, Fairchild Airplane with Zap Flap, NACA TN
596 (1937).
e) Jones, Full-Scale Flight Tests, ARC RM 1741 (1936).
f) Practical Discussion, “Flight” Supplement 27 July and 31
Aug 1933,

(12) Characteristics of split flaps moved forward:
a) Wenzinger, 23012 Wings With Split Flaps, NACA TN 661
(1938).
b) Wallace, Fairchild Airplane With Split Flaps in Full-Scale
Tunnel, also flap loads and downwash, NACA TN or TRpt
539 (1935).
¢) The Schrenk flap (15,f) is also investigated in the CAT,
ARC RM 1636.
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It is seen in figure 12, that when plotted against r/c,
certain families of airfoil sections show approximately the
same AC,_ , lift-due-to-flap values. The increment (AC_ )
increases from 1.25 for sharp-edged sections, to a possible
maximum of 1.8 at radius ratios above r/c = 6%. Since the
nose radius increases in proportion to the square of the
section thickness, it can be argued that according to
theory (see Chapter II ) that the lift-curve increases with
the thickness ratio. For the maximum represented in the
graph (t/c = 24%) the increment would be some 19%. The
desirable effect of the high leading edge radius illustrates
the importance of protecting the leading edge from sepa-
ration so that high values of C x can be obtained both
with and without flaps. This is further discussed in the
next chapter on leading edge devices.

Coms_ $>
— —

. {

~—

Ry = 2(10)®
FLAP cg/c = 0.3 or 0.35 o)
SLATS .c,/c = 10% EACH \/
3r ] | al
C SIMPLE 30%
L x— X € T SPLIT FLAP
x/ Crx
2 _// -
1 v —— —e— 30X SPLIT FLAP
/ —p— AS IN FIGURE 6
‘ / (ACL)
As / A -
/\7/ o
Ryl SLAT ANGLE é
¥ :
O 1 1 1

o 30 60 90

Figure 10. Lift increment of a venetian-blind type split flap (20,c).

(13) Influence of airfoil shape on flap effectiveness:
a) Abbott-vonDoenhoff-Stivers, Airfoil Data, NACA TRpt
824 (1945).
b) DVL, Collection of Berlin Airfoil Data, ZWB FB 1621
(1943).
¢) Loftin, Modified 4-Digit Sections, NACA TN 1591 (1948).
d) Loftin, 15 Airfoil Sections, NACA TN 1945 (1949).
e) Loftin, 6A-Series Airfoil Sections, NACA TRpt 903
(1948).

(14) The flow pattern of slotted flaps:
a) Hoerner, Wing Flaps, Fieseler Water Tunnel Rpt 11
(1939).
b) Petrikat, Landing Flaps, Fieseler Water Tunnel Rpt 19
(1940).
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Trailing-Wedge Angle. The family of airfoil sections re-
ported on in (13,b) shows variations of the ncse radius
without changing other parameters such as thickness and
afterbody shape in (13,a). The results obtained for these
variations do not correlate on the basis as in figure 11.
Besides the thickness ratio, the trailing-wedge angle, see
Chapters II and IX, seems to be the most important
parameters. Consider a split flap deflected from the lower
side, by a certain constant angle such as 60° , the location
of its trailing edge in relation to that of the airfoil,
evidently changes as a function of the wedge angle. The
edge of the flap moves down as the angle is increased; and
its effective chord length may also be considersd to be
increased. In comparison with a very thin section, the
4424 airfoil included in figure 11, thus has a 27% longer
effective flap chord. Based on figure 7, the lift increment
might then be expected to be some 13% higher. We have
used the section thickness at 80% of the chord as a
measure for the trailing-wedge angle. As shown in ﬁgure
12, the lift increment due to the standard 20% and 60°
split flap increases with the wedge angle, roughly from 1.2
to 1.6 and higher, depending on Reynolds number and
wedge shape.

c
30+t R = 601007 /es-zxx ! ' a
O O —— —_
S -
25} - -
/ ~64-0XX
14)0\ LN e
~ -0xXxX
20+
/
B “a)
oo P —
15F Q_/u%/" T 44xx -
og—8=—""
_U.Q.x-—f—/ DVL (30,a) 3(10)®
/OF -
o5r -
NOSE-RADIUS RATIO r/c
O 1 1 1 i 1 1

o / 2 3 4 5 6%

Figure 11. Lift increment in two-dimensional flow due 0 standard
20% and 60° split flap, as function of the nose-radius ratio.

(15) Wind-tunnel investigation of slotted flaps:
a) Wenzinger, 23012 With Various Shapes, NACA TRpt 664

(1939).
b) Wenziner, 23012 With Flaps and Tabs, NACA TRpt 679
(1939).
¢) Harris, 23012 Airfoil With 40% Flap, NACA TN 715
(1939).

FLUID DYNAMIC LIFT

-
~
35t ! ‘ . W k
5(10)6 /
s
CLx
R 6
B / ;\_/* R 2(10)
FOR COMPARISON: S
Cpy Of 65-4XX SERIES (20.a)
_ WITH DOUBLE-SLOTTED FLAPS
25k AS IN FIGURE 50
cOF An s
( "L) 4-DIGIT (13,a)
Lo W@fxpwnw
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vle = % QOPM DVL (25,a)
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\
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O : 1 ' 1 L L
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Figure 12. Lift increment in two-dimensional flow due to standard
20% and 60° split flap, as a function of the trailing-wedge angle
(thickness ratio at 80% of the foil chord).

Plain Flaps. The influence of the trailing-wedge angle as
for split flaps, does not necessarily hold for other types of
flaps such as conventional plain flaps. Figure 13 presents
the example of an aileron flap and a tab, attached to a
66-216 airfoil section. From what is said in Chapter IX on
control devices it is clear that at small angles of deflection,
the thin-edged flaps have greater effectiveness. Both the
aileron and the tab show each some 25% higher (4C,)
values for the cusped section shape. Considering higher
angles of deflection (tested to 25° only) where the flow is
no longer attached to the back of the flap, the configura-
tion as in figure 13, indicates increments higher by

17% for the aileron,

19% for the tab flap,

when using the concave shape. These variations are con-
trary to those found for split flaps. There are two reasons
to be considered. Plain flaps, with their hinge point lo-
cated on section center line, do not grow effectively
longer when deflected. Also, the geometrical angle of the
flap at the lower side and near the trailing edge, is some-
what larger for the cusped than for the straight-sided
shape.
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4. LIFT CHARACTERISTICS OF SLOTTED FLAPS

To postpone flow separation from the back of deflected
flaps, boundary-layer control by means of a slot, opening
ahead of the flap nose has been found useful.

Single-Slotted Flaps. In a systematic investigation of slot
shapes (15,a) the one designated as ““2-h”” (with a some-
what extended upper lip) was found to provide the
highest lift— combined with the lowest drag coefficients.
To obtain the optimum positions shown in figure 14, a
complicated kinematic system is required;simple rotation
about a suitable hinge point is not optimum for all angles
of attack and of deflection encountered during takeoff,
climb and when landing an airplane. Lift increments both
for fixed hinge point and for optimum positions, are
indicated in figure 14. These increments are appreciably
higher than those for plain or split flaps (in figures 3 and
6, respectively). However, there is a limit above 5 =40",
where separation evidently takes place. Other flaps of the
slotted type, shown in figure 15, show a deterioration of
their performance, already at §= 30 or 35°. As a function
of their chord ratio, there are not many results available;
they are included in figure 19.

66-216 ac,/dé = .om
o~A_>\~ I/
i e — — T i r—
_— 4% o

acy /a8 = o.045

Figure 13. Lifting characteristics of a plain flap and a tab, for two
different shapes of the trailing edge of the airfoil section used.

(16) Particularly thick airfoils with flaps:
a) Wenzinger, 23021 With Slotted Flaps, NACA TRpt 677
(1939).
b) Duschik, 23021 With 40% Slotted Flap, NACA TN 728
(1939).
c) Recant, 23030 Airfoil With Various Slotted Flaps, NACA
TN 755 (1940).
d) Harris, Pressure Distribution With Slotted and Split Flap,
NACA TRpt 718.
e) Harris, 23012/30 Airfoils With Slotted Flaps, NACA TRpt
723 (29,a) (1941).
f) Wenzinger, 23012/30 Airfoils With Split Flaps, NACA
TRpt 668 (15,b) (1939).
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External Flaps. 1t has been mentioned (under “flow pat-
tern”) that a way of substantially improving the perform-
ance of flap slots, is to make their entrance long and flat.
In the extreme, this design procedure leads to the “ex-
ternal” flap, developed at one time by Junkers (17,¢)
under the name of Doppelflugel (double wing). As sug-
gested in figure 1, structural strength necessitates a larger
thickness ratio of the “main” airfoil section. The com-
bination of main airfoil and flap must be considered to be
the lifting wing. Characteristics of such a wing with A = 6,
are presented in figure 16. The fact that tests in the
NACA'’s Variable-Density Tunnel produce a high lift-curve
slope (at o« = —2°) may be attributed to the turbulence
level in that facility. The flow past the flap breaks down
between 30 and 40° deflection. In aerodynamic respect,
the external flap can also be considered to be a Fowler-

type.
HIGH-SPEEL
S

c. = 0.26 ¢
23012 £
= 20°
BETWEEN WALLS c
L =2
. LANDING
R_ = 3(10) $ = 40°
Crp = 2
3- | 1 0
A—X——— x
C &/ X
L /
s x="
OPT IMUM A
POSITIONS /
21 /wrm FIXED HINGE POINT -
J 74
G/A\ a

Lo e —
—
—

=0 _-
_—

~~ FROM FIGURE 3

FLAP ANGLE 6"

1 1

40 60

Figure 14. Optimum slotted flap “2-h” as tested in (15,a).

(17) Characteristics of external flaps:
a) Wenzinger, 23012 Airfoil Between Walls, NACA TRpt 614
(1938).
b) Reed, Fairchild Airplane With 23015 Wing, NACA TN 604
(1937).
c) Platt; 23012 Airfoil, Also With Roll Control, NACA TRpt
541 (1935).
d) Platt; 23012 and 21 Wings, also in VDT Tunnel, NACA
TRpt 573 (36).
e) Billeb, Junkers Doppelflugel, Luftwissen Janaury 1935;
Translation in “The Aeroplane” 1935 p 269.
f) Bradfield, Junkers Type Ailerons, ARC RM 1583 (1934).
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Fowler Flaps. A breakthrough in the aerodynamic design
of wing flaps invented by H.D. Fowler. This flap com-
bines: a highly efficient slot opening with an effective
increase of wing chord. When retracted, the Fowler flap is
hidden within the contour of the airfoil section, with only
a small gap left (if any at all) on the lower side. Trans-
lation and deflection of this type of flap poses some
engineering problems, of course. For one thing, the flap
has to be moved along tracks; and these tracks are likely
to protrude from under and beyond the trailing edge of
the basic wing. Also, when effectively increasing the wing
chord, the lift-curve slope increases (with the lift co-
efficient still based upon the original chord). This increase
is shown in figure 17.

30+ 1 | ! ! 1
7, )\
(CLX (b) MAXIMUM LIFT COEFFICIENTS (TRANSFORMED)
—R= A
A iow s
A— FLOW STILL ATTACHED
251 V/ o TO FLAP ? -
D S—
/X FLOW SEPARATED
20 FROM FLAP
/ -
(I
1
Z
Z
15 —4% cg/rer = 26% -

b e 3 e
(AQJ /OQO\—Q\& —
FLOW "FULLY" z 2
LoW "FUL / V / AS IN FIGURE 3
OF -

= 10%

/\x — —
N x — (a) TRANSFORMED LIFT INCREMENT
,/
/ ~
o5k S -

FLAP ANGLE & ©

O 1 1 1 1 N
0 pre; 40 60 80 10O
LEGEND FOR FIGURE 15/ SLOTTED FLAPS:
a) SINGLE SLOTTED FLAPS:
23012, WALLS, SINGLE SLOTTED 26%/1.08 (15,c)
23012, WALLS, SINGLE SLOTTED 40%/1.1 (15,c)
23012, WALLS, SINGLE SLOTTED 10%/1.0  (15,b)
23012, WALLS, SINGLE SLOTTED 26%/1.08 (15,a)
DITTO, OPTIMUM FLAP "2-h" 26%/1.08 (15,a)
b) EXTENDED-LIP SLOTTED FLAPS:
23012, END PLATES, EXTERNAL FLAP 20%/1.0 (17,a)
66-(1.5)16, A 6, FOWLER FLAP  30%/1.3 (23,4)
23012, WALLS, EXTENDED LIP 30%/1.2  (18,a)
DITTO, REAL FOWLER FLAP 30%/1.3 (18,a)
23012, EXTERNAL FLAP, A 6 20%/1.2  (17,c)
63-420, WALLS, TRANSLATING FLAP 25%/1.1  (18,a)
c) FOR COMPARISON:
23012, WALLS, PLAIN FLAP 20%/1.0 (15,a)

ALMOST ALL THE FLAPS ARE TESTED AT R, 2 or 3« 106.

RESULTS ARE TRANSFORMED TO THE EFFECTIVE CHORD
LENGTH "c" BY DIVIDING THROUGH THE RATIOS LISTED.

Figure 15. Lift increments (AC, ) and maximum lift coefficients
of various slotted flaps in two-dimensional flow, as function of
their angle of deflection.
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Figure 16. Example (17) of an external flap (Doppelflugel) as part
of a rectangular wing with an aspect ratio of A = 6.

Chord Extension. It can be assumed that the lift-curve
slope (dC, /do¢ ) grows in proportion to (¢ + Ax), where
Ax = chordwise translation of the flap when deflecting
and extending. Lift characteristics can thus be reduced to
those of an airfoil section having the chord “c” = (¢ +
»x), and a flap-chord ratio

[“c” = 1/((cleg) + (ax/c;)) (a7
Even the «original simple slotted flaps have a small trans-
lation to the rear when deflected to a suitable position.

For the ideal (fully extended) Fowler flap, the translation
is ax =c¢; . We thus obtain:

an effective foil chord

“c”=c+ ax=c¢(1 +¢/c),

an effective flap-chord ratio

/“ = (C.p [)/(1+ Cr [c)

an effective lift coefficient

“1

=C_ [(1+c./c)
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Using this type of transformation, we can treat these flaps
in the same manner as simple slotted flaps (assumed to
have no translation). Lift increments “(4C_ )” and maxi-
mum coefficients “C,_, > for Fowler flaps are thus in-
cluded in figure 15.

351 ! ! ! [ l

30+ o

25+ / % -
2.0—/ XX -

/ [~ 16° >

o
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e
© FLAP NEUTRAL
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ANGLE OF ATTACK o °2
1 1 1 i

-I0 < -5 /° ) 10 15 2 25

6
Ry = 9(10)

Figure 17. Example for a 30% Fowler flap, tested (20,g) between
walls, in three positions.

(18) Characteristics of slotted flaps with extended lip:
a) Lowry, 23012 Airfoil With 3 Flaps, NACA TN 808

(1941).
b) Loftin, 65-(1.5)13 Airfoil With Flap, NACA W Rpt 746

(1946).
c) Cahill, 65-210 Airfoil With 4 Flaps, NACA TN 1191

(1947).
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Figure 18. Examples for slotted flaps with extended lips and
corresponding translation, tested (18,c) between walls at § = 40
each, in optimum position.

6
R, = 2(10)
%= 3°

Figure 19. Lift characteristics of all types of slotted flaps as a
function of thzir chord ratio. It must be noted that the standard
increment (aC( ) is plotted in transformed manner, while the
maximum coetficients C, , are indicated in conventional form.

(19) Flaps for takeoff
a) Wimpress, Short takeoff and landing for aircraft, A&A

Feb. 1966
b) Title 14 - Aeronautics and Space, Code of Federal Regu-

lations 1974



514

Extended Slot Lip. Fowler flaps have the disadvantage of
producing large nose-down pitching moments. It is possi-
ble, however, to go “half” way, such as in the extended-lip
flaps show in figure 18. Using the transformation ex-
plained above, their lift coefficients are also included in
figure 16; and all types of slotted flaps are evaluated in
figure 19 as a function of their chord ratio. Extended-lip
flaps reach a critical angle, at & between 30 and 45°,
where flow separation takes place. There is evidence,
however, to the effect that these flaps are superior to the
simple type, at § = 30°. At this angle, their lift increment
is some 20% higher than that of the simple flaps. It is
assumed that the long and flat slot entrance, made possi-
bly by translation, produces a better flow through the slot
with consequent better boundary layer control on the
upper side. There are similar critical angles and/or lift
coefficients found in the maximum lift coefficients. After
separation, the “viscous” drag is higher, but C,_, resumes
rising after a dip, i a manner similar to that of airfoils
with plain or split flaps as in figures 3 and €, respectively.

1I. PERFORMANCE OF WINGS WITH FLAPS

In conventional airplanes, landing flaps seldom cover the
entire wing span as the wing tips have to be reserved for
ailerons. As a consequence the performance of wings with
flaps is somewhat different form that given for two di-
mensional sections in the first section of this chapter.

1. CHARACTERISTICS IN THREE-DIMENSIONAL
FLOW

In wings with finite span the induced angle of attack and
the induced”drag have important effects upon the per-
formance of flaps.

Limits of Circulation. Any lifting wing deflects a stream
tube of air with an effective diameter approximately equal
to its span. In engineering language the corresponding
downwash angle at the “lifting line” corresponds to the
second term in

do® [dC| =

10 + 20/A (20)
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where 20 = 180/7? = 18.20, plus some 10% accounting
for non-elliptical distribution across the span and other
effects (such as round tip shape, for example). When using
wing flaps, producing maximum lift coefficients above 3,
at an angle of attack approaching 30°, equation 20 may
no longer be adequate. First, theory shows that C, =21
sina in two dimensjonal flow. This leads to the first term
of equation 20 or 10 ~ 180/27% 0.9 where 0.9 accounts
for boundary-layer losses of circulation. Using the sine for
a = 30° we find a reduction of lift by almost 5%, in
two-dimensional flow. At any rate, it is clear that equa-
tion (20) cannot by used for lift coefficients approaching
the simple theoretical limit for plain airfoils, of C = 217,
see Chapter IV as we can obtain for example, when using
airfoils and flaps with boundary-layer control. Theoretical
limits of circulation have been considered; and they are
summarized in Chapter IV and (1,f). It is believed that the
maximum (average across the span) circulation obtainable
corresponds to

C

19A (22)

Liim ~
Considering “powered” lift such as in the jet flap, the
circulation component of lift (but not the jet-reaction
force) may be expected to conform to this equation as
discussed later in conjunction with figure 39.

“Base” Drag. Behind flaps with separated flow pattern
there is a negative base-type pressure. Tests reveal that the

magnitude of this pressure behind split flaps deflected
607, corresponds to the coefficients.

= —0.55 in two-dimensional flow
(between walls)

Ce

=—0.60 in wings with full-span
split flaps

=—0.45 in wings with part-span
split flaps

So, there is a difference in drag due to flaps installed on
finite wings. Assuming that the negative pressure has some
boundary-layer controlling effect upon the upper side of
the airfoil, there is also a possibility that in part-span
flaps, quantities such as (AC_) and C_x are somehow
lower than in two-dimensional conditions. The negative
pressure in full-span split flaps may be explained by tip
vortex suction.



V — TRAILING-EDGE WING FLAPS

~
Crx Uéﬁ,
20 P
’ _.c/ 04""8
WITH SLOTTED - % -
FLAPS g/ o —
/.- / EQUATION (42)
- . o -
15 - g/ WITH PLAIN FLAPS
8= /
EQUATION (24) -
10 . — . xD
EITHER FOR § = CONSTANT 7 g%
ac, OR IN THE FORM OF
L lacy) /’g-/
acye o
X B
/)‘
. /
0 L L Y ‘ L /b
@) Q2 04 06 o8 10 ¢
N
y .
N
N ]
\
A= 63
\|
N
N
N
N
\
N ¢ WITH PLAIN 20% 60° FLAPS (23,c)
N O RECTANGULAR W'SPLIT FLAPS (23,c)
A TAPERE. WING, SLOTTEp FLAPS (23,c)
25 4 23012 WINGS AT 6(10) (23,¢c)
™ WITH 26% 40° SLOTTED FLAPS  (23,c)
s C X 23012 WING, 3(10)%, 20° = & (az,a)
n Lx #* FROM OTHER SOURCES SUCH AS TN 591)
.
20+ .
‘& \
ACr e P
5k \
\R
~. \\~A
o —_—
o s
~
B o, |
! B —
7 I ~ OCLe 1 05
SN 3 - i
EQUATION (24) % |
N~ .8 .
[ I i ~ 0
vy 1O o8 06 04 Q Q

Figure 20. Lifting characteristics of wings with part-span trailing-
edge flaps.

Part (a) — Inboard (landing) flaps.

Part (b) — Outboard flaps (ailerons).
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Part-Span Flaps. Figure 20 shows how the overall lift of a
wing is reduced as a function of th§ flap-span ratio. Since
the presence of the fuselage usually makes it impossible to
deflect wing flaps in the very center of the airplane, a
function is also included showing how lift decreases when
cutting away from the center. Flaps are usually used up to
some 0.6 of each half span; and the cutout due to fuselage
may amount to 0.1 b. The resultant lift increment of an
airplane as derived from the graph, may be some 70% of
the two-dimensional values found in the first section of
this chapter. This influences the performance in three
ways:

® the optimum average lift coefficient is reduced,
® the optimum flap deflection is reduced,
® the induced drag of the wing is increased.

The induced drag will be considered under “takeoff” and
“climb”. The results of part-span analysis (23,c) are plot-
ted in figure 20. The subscript “f” indicates values for a
wing with full-span flaps. The ratio AC /AC ¢ can be
evaluated for constant angle of attack such as o = zero.
For small angles of deflection:

AC_/AC; =Cus IC g4 (23)
where C, ¢ = dC,_ /dS. Theory is well confirmed by ex-
perimental points. Variations of the function with plat-
form (taper ratio) and/or aspect ratio are predicted to be
small. For flap-span ratios up to 0.5 halfspan, it can be
written:

AC, |AC.¢ = 1.25 (b /b) (24)

(20) Characteristics of Fowler and similar flaps:
a) Wenzinger, Pressure Distributions 20 to 40% Flaps, NACA
TRpt 620 (1938).
b) Platt; Wing Including Loads, Downwash, Takeoff; NACA
TRpt 534 (1935).
c) Wenzinger, Venetian-Blind Flaps, NACA TRpt 689 (1940).
d) Wenzinger, 23012 Airfoil With Auxiliary Tabs, NACA
TRpt 679 (1939).
e) H.D. Fowler, Variable Lift, “Western Flying”, Nov 1931 p
31.
f) Harris, 23012 Airfoil With 2 Flaps, NACA W Rpt L-441
(1940).
g) Fullmer, Foil Sections for Lockheed ‘“Vega”, NACA W
Rpt L-681 (1945).

(21) Rettie, Velocity Around Airfoil Nose, ARC RM 3027 (1957).
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Outboard Flaps. The results in part (b) of figure 20, gives
the influence of a fuselage on the performance of out-
board flaps. It might tentatively be assumed that the loss
of lift is

(AC_/ACs )=(b—Dbs)/b (25)
where b - by = flap cutout in the center of the wing. For

determining maximum lift, a similar equation might be
used.

Lift Distribution. The problem with part-span wings, is
the fact that optimum conditions (providing maximum
L/D) in the flapped and the plain parts of the span may
not be obtained at one and the same angle of attack. For
the modest angle of deflection § = 20°, the lift increment
due to an average flap is already AC| & 0.7 (4CL) =
0.7, while the difference in the optimum coefficient be-
tween flapped and plain parts of the wing, only amounts
to AC, =~ 0.2. Thus, a compromise must be accepted and
the optimum angle of flap deflection may only be in the
order of 10°, rather than 30 or even 40° as suggested by
two-dimensional flap investigations. In fact, all the dis-
turbances and interruptions of the lift distribution by
supporting and actuating devices, by the fuselage and by
engine nacelles, make the more advanced wind-tunnel
results questionable, particularly as far as flight per-
formance is concerned.

c) ®, = 10°%; Cp = 2.1; Cyp

Figure 21. Examples for the flow pattern past slotted-g]ap con-
figurations as observed in a water tunnel at R¢s above 10°.

FLUID DYNAMIC LIFT

2. PERFORMANCE DURING TAKEOFF
AND CLIMB

Although flaps are usually designed for the landing condi-
tion, higher lift coefficients will also make possible im-
proved performance during takeoff and climb. At these
conditions drag becomes an important consideration as
the performance is determined by the level of excess
thrust. Thus, for improved takeoff and climb performance
it will be found that flaps with higher levels of C, « and
lift drag ratio are needed.

Flow Pattern. To determine the best flap configuration, it
is desirable to understand the flow pattern in and around
the flap. Unfortunately, when watching wind-tunnel tests
one sees very little. Examination of the drag- and lift
forces as tested, and sometimes pressure distributions, will
give some indication of the actual flow pattern. For ex-
ample, flow separation from the upper side of the flap
shows up in reduced lift, increased drag and (if tested) in
higher hinge moments. However, some investigations of
slotted flaps have been undertaken (14) in a water tunnel
where the flow pattern was visible while measuring forces
and moments at the same time. Some results are presented
in figure 21.

a) In neutral flap position, there is a stationary small
vortex within the slot entrance. Such a vortex consumes
little energy, provided that the outlet of the slot is ef-
fectively closed (sealed).

b)For the slot shape as shown, the flow separates around
the bend of the entrance. As long as this separation is only
local, an efficient nozzle flow may develop, as long as the
flow remains essentially attached to the upper side of the
flap.

c) A bad example of a flow pattern is shown for a
deflection angle of 50°. Separation is “complete” within
the slot as well as on the upper side of the flap.

Optimum or acceptable slot and flap shapes are discussed
below. However, the only straight-forward way of making
a single-slotted flap really efficient is to give it a long and
flat entrance. In a way, this is done in the case of the
Fowler flap (to be discussed later).

Thick Wing Sections. For a certain period of time, sec-
tions with thickness ratios in the order of 20% were used.
It seems that someone put together the facts

that minimum drag of thick sections (when tested on
smooth wind-tunnel models) is not much higher than
that of wings with conventional thickness ratios,

that very high aspect ratios may result in low induced
drag and long range,
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that thick wings could be used to store fuel, as in
long-range airplanes.

It was therefore found justified to spend money on the
tunnel testing of airfoil sections up to t/c = 30% such as in
(16¢,¢,f). It is interesting to see to what limits one can go
in aerodynamic shape. To increase the maximum lift co-
efficient of such sections, slotted flaps have been tried
(15,d,e,f). The general characteristics of their performance
are given in figure 22. The choice of the flap type for
these thick sections can be evaluated from a comparison
of C_y and L/D @ C = 9C_y. Based on this the
double slotted type is superior because of the reduced
separation and drag.

I
Thrust Available. The takeoff and climb performance is
directly a function of the excess thrust available as shown
by equation

we =(T/W —D/W)V = (T/W — 1/(L/D))V

Since the thrust available is here considered to be fixed,
the thrust required must be determined and minimized for
best performance. The excess thrust is the difference in
that available and the total drag. On the ground the drag

includes the ground rolling friction, the *parasitic” or
| 1

ch at 0.9 Crx

(Bey)/ 1y / Opg

PLAIN AIRPOIL 23021 - /1.3 / 0.03

1.5 /2.9 / 0.20

WITH 25% ZAP FLAP (16,b) 60°

—— 20108

WITH 26% SLOTTED PLAP (16,a) 1.0 / 2.4 / 0.06

Q.

30°
1.8/ 3.0%7

¥ITH 25% POWLER FLAP (WRpt L-449)

¥ITH DOUBLE-SLOTTED FLAP (TN 1395) 5:9
2.3 / 3.1 / 0.05

Figure 22. Lifting characteristics gf 21% thick airfoil sections,
tested between walls at R, = 2(10) , equipped with various types
of flaps.
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viscous components, the ideal induced drag and that in-
duced component due to the non-elliptical loading. When
considering flap performance during takeoff and climb,
the drag increase due to deflection and the non-elliptical
loading are of primary concern. Also of importance is the
maximum lift coefficient at the flap setting being con-
sidered.

Figure of Merit-T.O. In Chapter I a figure of merit was
given for evaluating configuration with respect to the
takeoff and climb performance. The peak climb angle is
obtained when Cg’ /C. , the figure of merit, is a mini-
mum. The drag coefficient corresponds to the total at the
C_ selected. While the value of Cé /C. gives a rough
idea of the relative merit of a system it does not indicate
the full capability, as the C_ is not known for the
system. A better procedure is to relate the performance to
C_, and the operating rules governing takeoff.
Takeoff Characteristics. The performance at takeoff in
terms of field length and maximum gross weight is gov-
erned by safety considerations and the corresponding op-
erating rules and regulations (19,a,b). These con-
siderations generally lead to a requirement of a minimum
rate of climb after takeoff with the flaps and landing gear
in the takeoff configuration. The rate of climb required
must usually be met with the critical engine inoperative.
Where the case where power is fixed equation can be
rewritten in terms of the lift drag ratio required
L/Dy = 1/(T/W — w. /V) (26)
At the L/D, given in equation 26 the airplane is generally
required to operate at a speed 20% above the stalling
speed. This means that the operating C_ is 1/1.44 C_y
for the flaps and landing gear in the takeoff configuration.
Thus the takeoff speed is effected by two considerations:
the L/D ratio and the C . If the flap angle could be
changed during takeoff improved performance would be
possible, but this is not allowed by the ‘rules and is
generally impractical as the pilot work load during a
failure is too high.

(22) Theoretical analysis of part-span wing flaps:
a) Pearson, Spanwise Load Distribution, NACA TRpt 585
(1937) and 665 (1939).
b) Sivells, Distribution on Straight Wings, NACA TN 2283
(1951).
¢) DeYoung, Symmetric Span Loading, NACA TRpt 921
(1948) and 1071 (1952).
d) Falkner, Calculation of Loading, ARC RM 1910 (1943);
see also RM 2661 (1945).
e) Diederich, Span-wise Lift Distribution, NACA TRpt 1228
(or TN 3014) 1955. (23)
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Flap Selection for Takeoff. Flaps are usually thought of as
devices for improving the maximum lift coefficient and
are thus selected for reducing the landing distance. On
most conventional powered jet aircraft, however, the field
length needed for takeoff is generally longer than that
required for landing. Thus, the flap system should be
designed to give peak takeoff performance as well as
minimum landing distance. Based on the concept of op-
erating at a C_ that results in the L/D needed to give the
required rate of climb at takeoff, the best flap configura-
tion and operating angle can be found. This requires
determining the lift drag ratio for the complete airplane as
a function of flap angle when operating at a C,_, =
C_, /1.44. The choice of the best flap type and angle for
takeoff can be determined from plots such as illustrated
on figure 24. On figure 24 ,a the lift drag characteristics of
the total airplane are given as a function of flap angle for
various types of flap configurations with NACA 6 series
sections (13,a). The lift coefficient corresponding to the
flap angles is given on figure 24 b for the same section.
Based on a given L/D required to satisfy the climb require-
ments the lift coefficient at takeoff can be determined for
the given system from figure 25. The flap angle is then
found from figure 24,a at the same lift drag ratio and flap
type. From these figures the best flap system is obtained
when at the L/D. Based on the data given on figure 24 the
double slotted flap is the best of these considered as it
generates the highest coefficient for any given lift drag
ratio.

Part-Span Flaps have been mentioned above. In a rec-
tangular wing, a modest inboard flap deflection can be
expected to reduce the induced drag during climb (28 ,¢e),
making the lift distribution more elliptical. In conven-
tionally tapered wings, the induced drag is likely to be
increased. There are elaborate methods available (22) for
the determination of load distribution across the span. An
approximate procedure of estimating the corresponding
variation of the induced drag is presented in Chapter VII
of “Fluid-Dynamic Drag”. Another such method is as
follows.

Induced Drag. An analysis of elliptical wings with part-
span flaps is presented by Young (5,f). For practical
purposes it can be said that
2 2
Coi =(C{ [mA)+K(AC, (33)
where C = coefficient of toal lift, and aC =(aC)
S¢/S, where (AC_) = increment due to flap in two-
dimensional flow as in various graphs of this chapter. The
factor K is approximately as follows:

K =0.17(1 — (b /b))2 for inboard flaps

=0.21 (1 — (bg /b))2 includinga 0.1 b

cut-out
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Figure 23. Performance of extended-lip slotted flaps (including
Fowler flaps) as a function of their translation.

where b, is measured between the ends of the flaps. For
example, for by /b = 0.5, the factor K is = 0.04, and =

0.05 when including 10% cut-out due to the fuselage. It is
interesting to note that for a given combined geometric
flap span (not including the cut-out) the minimum in-
duced drag of elliptical wings is obtained for a cut-out in
the order of 10% of the span. As mentioned before, the
increments due to flaps, particularly in rectangular wings,
are different from those of the elliptical ones stated in this
paragraph. We will assume, however, that the basic lift
distribution may be close to elliptical, as it actually is in
average tapered wings.

3. MAXIMUM LIFT DURING LANDING

Besides stability and control, the primary requirement for
landing is high lift to reduce the speed at touchdown.
This, of course, is accomplished by increasing the maxi-
mum lift coefficient of the airplane. In fact, trailing-edge
wing flaps were invented and developed as “landing
flaps™.

Landing Characteristics. The lifting system needed to give
the best landing performance is chosen in a manner similar
to that used to find the best configuration for takeoff.
For landing, however, the highest C, , possible is of
importance as this reduces the speed at touchdown and
makes possible a shorter landing roll. Since the glide slope
is proportional to the drag lift ratio, high drag during

se
15
8
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Figure 24. Selection of flap type and angle for best takeoff
performance

a. Lift drag ratio at C|_ = C 4 /1.44

b. Flap angle for C,_ =C__, /1.44
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landing is desirable as it makes possible a steep approach
angle. Practical flying qualities limit the approach angle,
however, especially with the larger high speed and high
performance aircraft. As the speed is reduced the ap-
proach angle can be higher as long as adequate control
power is available.

Although high drag may be desirable along with high
levels of C,_x during landing, it may be necessary to abort
the landing in which case the lift drag ratio again must be
high. For the aborted landing condition the problems of
flap and wing designs are like the takeoff condition. That
is, a certain minimum L/D is necessary to provide the rate
of climb required see figure 24. In this case, however, the
L/D needed is lower as the airplane is usually operating at
a lower weight for landing and full power is generally
allowed for this condition (19,b).

Full-Span Flaps. The maximum lift will, of course, be
obtained with full-span flaps, provided that lateral (and
other) control would still be sufficient. The maximum
coefficient then depends upon the type of flap, its angle
of deflection, the shape of the airfoil, forebody and the
Reynolds number as discussed in Chapter IV. However,
variation and combination of these parameters leads to
hundreds of possibly “optimum” configurations. In order
to hold down the number, we will consider the more
practical shapes and we will correlate the maximum lift
coefficients versus simple parameters such as the airfoil
and thickness ratio. As far as the flow pattern at C_ is
concerned, it may be correct to say that all types of flaps
when used at larger angles of deflection exhibit separa-
tion. To say it in different words, the flap stalls first; lift
may then continue to rise with the angle of attack; and
the final stall may be expected to take place from some-
where along the upper surface of the airfoil and possibly
at the leading edge of the airfoil. This is the reason for the
development of leading edge devices for the prevention of
separation as discussed in the next chapter.

(23) Experimental investigation of partial-span wing flaps:

a) Wenzinger, Split Flaps, NACA TRpt 611 (1937).

b) Silverstein-Katzoff-Hootman, Comparative Tunnel and
Flight Investigation of Maximum Lift, NACA TRpt 618
(1937).

¢) House, Slotted Flaps on 23012 Wings, NACA TN 719
(1939); continuation of TN 472 (split flaps), TN 505 and TN
663 (split flaps) 1938.

d) Neely, Tapered Wing With Fowler Flaps, NACA WRpt
L-134 (1946).

e) Johnson, Flaps on Straight Wing, NACA TN 2080 (1950).
f) Schneiter, Plain-Flap Ailerons, NACA TN 1738 (1948).

g) Sherman, 18 Wing-Fuselage Combinations, NACA TN
(1938).
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CHAPTER VI — LEADING-EDGE HIGH-LIFT DEVICES

An important (or predominant) limitation of’ lift to be
obtained in wings, is flow separation from rhe leading
edge. Means of preventing or postponing such separation
are, the use of leading-edge slots or slats, carber or the
deflection of nose flaps, and boundary-layzr control
(blowing or by suction).

These devices are used to increase the maximum lift
andfor to prevent stalling from the wing tips, thus pre-
serving lateral (aileron) control.  All types of leading-
edge lift-increasing devices function by increasing the
angle of attack where stall takes place. They tiius control
separation, while lift (circulation) is basically controlled
by the position of the trailing edge (by angle of attack,
with or without a flap).

'
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LIFT COEFFICIENT C

Figure 1. Horizontal-tail configuration tested (1) in a
two-dimensional water tunnel; influence of a slot formed between
elevator nose and fixed auxiliary airfoil on the negative lift in the
landing condition of an airplane.

I. INFLUENCE OF SLOTS AND SLATS ON LIFT

Slots or slats are an effective means of preventing or
postponing separation from the leading edge and they
may help to postpone separation from the trailing edge.
There are generally three types of leading edge devices:

1) fixed slots near the leading edge,

2) auxiliary airfoils ahead and above the leading edge,

3) extendable or automatically moving slats.

Principle. Boundary-layer control by means of a slot (such
as in slotted trailing-edge flaps) is based on the concept of
injecting momentum into a “tired” boundary layer. Near
the leading edge of a wing the boundary layer is small
however. In addition to the supply of momentum to the
boundary layer the following mechanism seems to be
important for the effectiveness of leading-edge slots or
slats. Considering airfoil plus slat to be an entity, it is seen
in figure 13, that the peak of the negative pressure distri-
bution, is loaded onto the slat. Peak and subsequent
positive pressure gradient on the “main” part of the
airfoil, are thus appreciably reduced. Whatever boundary
layer is formed along the upper side of the slat, is carried
downstream as a thin sheet between the outer flow and
the “‘jet” of fresh air exiting from the slot. In other words,
the thickness of the boundary layer developing along the
upper side of the airfoil, is reduced by the presence of a
slot or slat. Still another important property of slots is
demonstrated in Chapter V on “trailing-edge devices” (for
all types of slotted flaps) or in figure 1 that is in a
converging slot (as in a nozzle) an equalization of total
pressure takes place, even though there may be a heavy
boundary layer and/or separation at one side of their
entrance. As a consequence, the efflux of momentum is
comparatively uniform; and such slots are a suitable
means of feeding momentum into the boundary layer at
the upper side of flaps or airfoils. In the horizontal-tail
configuration, as in figure 1 the maximum value of the
negative lift coefficient is thus increased from 1.0 to 1.7.

(1) Hoerner, Investigation of a Horizontal Tail Configuration,
Fiesler Water Tunnel Rpt 14 (1939).



6—2

Fixed Slots. In the period of airplane development after
1930 efforts were undertaken to avoid or to reduce the
structural complications of movable slats (se¢ later). A
fixed slot can be obtained simply by cutting a passage
through the nose of and airfoil. With fixed slots such as
shown in figure 2 the lift continues to increas: above the
angle of attack where the original plain wing stalls. Here as
in the case of slats the lift at smaller angles it attack is
somewhat lower than that of the plain airfoil. Similar
results are reported in (2,b) for the more mocern 23012
section. Leading-edge slots have been combined with
other slots placed along the chord (2,¢) eventually
forming a cascade of vanes (2,c) and/or a combination
with a trailing-edge slotted flap. Maximum lift coefficients
up to the order of 4 have thus been obtained. However
because of the lower structural design (strength) and
performance at the low lift coefficients of high-speed
flight such arrangements cannot be considered to be
practical.

Drag. Assuming that a fixed slot would be effective by
postponing separation and increasing lift its presence will
increase the wing drag in the cruising and/or high-speed
operation of an airplane. By rounding the leading edge of
the main airfoil, the drag can be kept “low”. Fcr example,
the coefficient of the shape as in figure 2, is increased by
ACpg = 0.01,in cruising condition, at C_ =0.3 (and up
to C_ = 1.0). When designing (around 1937) the Fieseler
“Stork” (3) which would today be called a STOL aircraft,
the principal requirements were low weight (aided by
structural simplicity) combined with high lift. It was,
therefore, decided to use a slat or slot of the conventional
shape (3,a) and to leave it in extended position, accepting
the added drag when flying at lower lift coefficients (such
as at cruising speed). Water-tunnel tests reported on page
6-14 of “Fluid-Dynamic Drag” revealed, however, that
there is a minimum of sectional drag associa:ed with a
fixed slot, provided that there is no flow through the slot
(between slat and wing). The angle of attack where this
flow pattern was obtained, could be controlled by slightly
adjusting the trailing-edge wing flaps. As reported in (3,b),
the section-drag coefficient of the wing was this reduced
from Cpg = 0.030 to 0.018, at C,_ = 0.3; and this
magnitude was considered to be acceptable in a
STOL-type airplane such as the “Stork”. Even at the
optimum lift coefficient (where the flow throuzh the slot
is smooth) slats produce some additional drag; the
differential is in the order of ACy4 =0.01.

(2) Airfoils with fixed leading-edge slots:
a) Handley Page in “Aeronautical Journal” 1921 p 270.
b) Weick, Clark-Y Wing With Fixed Slots, NACA TRpt 407
(1932).
c) Weick, Multiple-Slotted Clark-Y Airfoil, NACA TRpt 427
(1932).
d) Bamber, 23012 With Several Forms of Slots, NACA TN
702 (1939).
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Figure 2. Example for a fixed slot cut into an airfoil (2,b).

Auxiliary  Airfoils. Another way of avoiding the
complications of slat mechanism is to place a low-drag
auxiliary “vane” ahead and above the leading edge of an
airfoil, in fixed position. For maximum lift, the position
of such an auxiliary foil would be similar to that of slats
forming a suitable converging nozzle “around” the nose of
the main airfoil. Drag at low lift coefficients however is
very high. Therefore, when selecting an “optimum” posi-
tion, both the lift at high angles of attack, and the drag at
lower lift coefficients must be considered. Full scale tests
of a fixed auxiliary airfoil on a light twin aircraft are given
in (4,c) another such compromise is shown in figure 3.
Performance of various configurations is claimed in (4,a)
to be as follows:

Configuration Co min Crx

Clark-Y plain wing
fixed slot (figure 2)
with auxiliary foil

with automatic slat

0.015 (0.015)
0.023 (0.022)
0.019 (0.016)
0.016 (0.014)

1.30 (1.30) 86
1.75 (1.65) 76
1.95 (1.70) 104
1.84 (1.63) 114

(3) Fieseler “‘Stork™ Fi-156, with fixed slat or slot:
a) Kirassilschikoff, Optimum Configuration (used in the
“Stork™), CAHI (Moscow) Rpts 105 (1931) 133 and 161
(1934); see Luschau 1936 II (2) and (9).
b) Petrikat, “Stork™ Airfoil With Slat, Fieseler Water Tunnel
Rpts 6 and 12 (1939); see Ybk D Lufo 1940 p 1-248.
c) Hoerner, Flight Testing the “‘Stork”, Lilienthal Paper ZWB
099/006 (1938), see Luftwissen 1940 p 202; also Translation
by Mississippi State College (1956).
d) The 1500 “Storks” (1939/43) were preceded by one
“Gugnunc” biplane (built by Handley Page in 1928) winner
of the “Guggenheim Safe Aircraft Competition”; see report
on that competition, New York (1930).
e) The *“Stork” has been imitated several times; see for
example Pleines, Application of Slotted Wings, in (28,1). The
last airplane of this type is the Dornier-27; with flaps, slats
and propeller slipstream, C_, =5.3.

CLx/CDmm
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The numbers in parentheses are based on combined
“wing” area of airfoil plus slat or auxiliary foil, while the
other numbers are on Clark-Y airfoil area. — There are
two objections, however, to these experimental results:

a) The Reynolds number of the auxiliary airfoil is only
9(10)*. Different optimum locations and larger lift
increments may be expected at higher R’numbers.

b) Arms are needed to support any slat or auxiliary foil.
They must be expected to increase drag, and to reduce
lift (including its maximum).

[—‘15%0
cg/c = 14.5% I )
12%

CLARK-Y
R = 6(10)°
201 © | | hl
BASED ON MAIN-WING ARER_-
o WITH AUXILIARY FOIL 4~ e
—
» _ > ON COMBINED AREA
15y A $ -
P ~
- 0/0-6\0 .
Al \‘Q«.\\ SNt
O+ X" PLAIN AIRFOIL Co S
P WITH A = 6 T==0—"
A 2
%
P
051~ -
///
ANGLE OF ATTACK OC°
/b/ O J

1 e
0] 10 20 30
Figure 3. Optimum combination (providing maximum
Cy /Co mip) of and airfoil (4,a) with a fixed auxiliary foil, placed
ahead and above the leading edge.

(4) Investigation of airfoils with fixed auxiliary foils:
a) Weick, Clark-Y With Various Shapes, NACA TRpt 428
(1932).
b) Weick, With Various Chords and Shapes, NACA TRpt 472
(1933).
c) Fink, Fixed Auxiliary Airfoil or Slot on Lizht Twin
Aircraft, Full Scale Test, NASA TN 7474,

(5) Investigation of airfoils with slats:
a) Wenzinger, Clark-Y Wing With A = 6, NACA TRpt 400
(1931).
b) Jacobs, Airfoils Function of R’Number, NACA TRpt 586
(1937).
c) Weick, Fowler Flap and Slat, NACA TN 459 (1933).
d) Quinn, Combination With Flap and BL Control, NACA
TN 1293 (1947).
e) Moss, Three Different Slat Chords, ARC RM 27035 (1952).
f) Axelson, 64A010 Airfoil With Slat, NACA TN 3129
(1954).
g) Townend (NPL), Slots and BL Control, J RAS 1931 p
711.
h) Ormerod, Bristol Fighter, ARC RM 1351 (1930) and 1477
(1932).
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When calculating the wing area, aspect ratio, lift-curve
slope and induced drag, it does not matter whether the
basic airfoil chord, or the combined area of airfoil plus
auxiliary foil is used. The pitching moment of this con-
figuration is like a tandem system with considerable inter-
ference. For the configuration as in figure 3, the center of
pressure is constant at 20% of the Clark-Y chord, between
C_ =0.7 and C x , while the CP of the plain airfoil is at
and aft of 30% of the chord.

Maxwell Slat. A seemingly simple slat mechanism is shown
in figure 4. The moving parts operate only by rotation,
about fixed hinge axes. To close the slot, the slat is turned
until it touches the upper side of the airfoil, and a plate is
meant to cover the inlet at the lower side. The reference
wing chord is the total (including the slat). Wind-tunnel
tests (6) show this configuration to be effective in regard
to lift, and efficient as far as drag at small lift coefficient
is concerned. There are two reasons against this type o
slot, however:

S
f

1) rotation alone does not provide any optimum location
of the slat,

2) structurally, the system may be as complicated as really
retracting the slat.

OPTIMUM GAP = 3.5% c

cg/c = 26%
§ = 30° sHowN

—
, . o ”\ .
~
C, /X
L WITHOUT SLAT X" WITH 4Q° FLAP TESTED "2-h"
RPTS 633 x BETWEEN WALLS
2.5r AND 664 v -
//X// X
)\/
_ -
X

o X

/ PLAIN AIRFOIL
<(
/./ 10+ / -
//

o5t oﬁ/ -

’
/( ANGLE OF ATTACK O
/ -

710 10 20 30

/

WITH SLAT OR SLOT

Figure 4. Example of a so-called Maxwell slat (6,b). The slot is
obtained by moving two parts about a fixed axis.

(6) Investigation of so-called Maxwell Slats:
a) Gauvain, Clark Y Maxwell Slat, NACA TN 598 (1937).
b) Lowry, 23012 Wing With 30% Slat, NACA WRpt L-693
(1941).
c) Gillis, 23012 With 18% Slat and Flaps, NACA WRpt L-574
(1941).
d) Turner, Flight Investigation, NACA WRpt A-88.
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“Slats”’ are movable auxiliary airfoils or vanes, extended
ahead of the leading edge of an airfoil to help the flow at
higher lift coefficients, to get around that ecge. At smaller
lift coefficients (at higher flying speeds of an airplane) the
slats are not needed. In fact, the drag of a far-extended
and dipped slat would be prohibitive, see Chapter XVI
within the range of intermediate and low coefficients. As
a consequence of separation from the lower side as shown
in figure 5, drag coefficients as high as Cn5 = 0.1 are
obtained which is in the order of 10 times that of the
clean wing. Therefore, for good airplane performance slats
are made retractable or automatic. Aerodynamic and kine-
matic development of such slats was first undertaken by
Lachmann (7,d) and Handley Page, some time between
1920 and 1930. — The position of a slat in relation to the
original airfoil, is defined by

)

a) extension forward of the leading edge,
b) downward droop or dip,

c) size of the gap at the outlet of the slot,
d) rotation or downward deflection.

, .
’ a—,
r T
20 c | VS Ty I | hl
L / \\wITH OPT:MUM SLAT POSITION
e o 8 (5:2) 3¢ = (4 or 9) 10°
/5 - Ds - O/_O -
\ (B) IN VDT, AT HIGH R'NUMBERS
o
2 \
JOF Z o -

PLAIN AIRFOIL, L = 6
NACA Rpt 628 or 1569

FLOW PI)TERN (5,g)

20k . I AT Cp = 0.47 Cpy = 0.06
;_{\—’H‘] 5.2) Ry = 6(10)°
* WITH SLAT EXTENDED, A = 6
15+ e -
)Z‘ 0.05 +(5,b) VDT, R = (3 ors8) 105
. Jin c
x/ —~
\ (A) AT IOW R'NUMBERS
10F o{/ Xox s -
Ny ,

PLAIN AIRFOIL (5,a) x

Vi :
05;/’/ -
2l

L g7 1 1 1 1
-l07 0 - 10 20 30 40
Figure 5. Lifting characteristics of a slatted airfoil at two very
different Reynolds numbers.

ANGLE OF ATIACK ©

(7) Airfoils with slats and trailing-edge flaps:
a) Seiferth, High-Lift Airfoils, Yearbk D Lufc 1939 p 1-84.
b) Lyon, High-Lift Devices, ARC RM 2180 (2.939).
¢) Schuldenfrei, 23012 With Slat and Flaps, NACA WRpt
L-261 (1942).

L on BN I o B0+ B
a- 6% %(\\\S\\\/,{b_é:\f\jo, Z 6@;
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Reynolds Number. For a slat the Reynolds Number based
on its chord is an order of magnitude lower than that of
the wing section. So, for example, if the landing of an
airplane takes place at R. = 107, a wind-tunnel investi-
gation may only be conducted at 10°, and the Reynolds
number of the slat would possibly be as low as R = 1.5
(10)5, which must be considered to be critical. Wind-
tunnel results on slatted airfoils obtained below 10%, must
therefore be accepted with reservation. Characteristics of
a particular configuration are presented in figure 5, for
two widely different R’numt;ers. Several discontinuities
are evident for R¢ = 7(10) ; they stem from partial
separations from slat and/or upper side of the airfoil. The
variation of the maximum lift coefficient as a function of
R, as in figure 6, looks rather steady. There is a dis-
continuity, however, around R, = 10“, where a second
maximum takes over. One set of points (between 10 and
10") also displays a “sudden” increase of C,, . Some slat
configurations have sharp corners, both at the slat and the
lower edge of the main airfoil nose. Whether intended or
not, these corners might promote turbulent boundary-
layer flow through the slot. It might also be tried to
stimulate turbulence by trips (surface steps as in figures
8b or 17,b, for example) or by distributed roughness (or
turbulence generators; see later) placed near the outlet of
the slot. Results of such tests do not seem to be available,
however.

Cux
SECOND MAXIMUM —
L x—=
20 ! ! (5.a) (s,ﬂ,;—_\,z"—b.g;
WITH “OPTIMUM" SLAT S e .
AS IN FIGURE 5 —" P
CLARK-Y e _ -
x —t
15F _— / ' +- -7
—~ ++
x 4 FST NACA RPT 502
SR oo o= ot
v /| PLAIN CLARK-Y AIRFOIL
-/ |/~ DVL ("MAX LIFT" CHAPTER) _‘
/
- L
051 [
REYNOLDS NUMBER Pp
0] A . n . .
6
10 25 5 0° 2 4 10

Figure 6. Maximum lift coefficients of airfoils with (and without)
slats, as a function of the (effective) Reynolds number.

Slat Size. Maximum lift coefficients are plotted in figure 7
as a function of the chordlength ratio of the slat. Fos
most of the airfoils tested, there is a sudden increase of
Cyx , at slat-chord ratios between cg/c = 0, and = 10%
This increment evidently indicates elimination of leading
edge separation. It is not found in cambered sections with
well-rounded noses, where such separation is not present

(8) For shapes of RAF sections (28, 38, 48, 34) see Relf, 6
Aerofoils in CAT, ARC RM 1706 (1936).
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@ CAHI SECTION WITH 30° SLOTTED FLAP (3,2)
O SAME COMBINATION IN WATER TUNNEL 10°  (3,b)
* 23012 W' MAXWELL SLAT AT 2(10)6 (6,b,c)
*  (WITH AND WITHOUT 20%/60° SPLIT FLAP)
X CLARK-Y W' MAXWELL SLAT AT 6(10)5 (6,a)
X (WITH AND WITHOUT 20%/60° SPLIT FLAP)
& BRITISH EQ-1040 SECTION AT 9(10)5 (5,e)
a (WITH AND WITHOUT 20%/60° SPLIT FLAP)
O RAF-31, WITHOUT TRAILING FLAP (5.9)

Figure 7. Maximum lift coefficients as a function of the slat-chord
ratio.
= 0.5
2R, 12
a) Me-109 (9,e)
* 0.6
1.75
0.68
1010)°
1.8%
Q
d max
1.65 b) MESSERSCHMITT (9,e)
. c) NaCA  (3,a)
as (OPTIMU* COMPROMISE)
1.

nou

" TRar-34
= ~ FLIGHT_TEST __

»—M‘

REFERENCE POINT d) ARC (5,h)

Figure 8. Shape and position of leading-edge slats, actually used or
considered to be practical. (*) indicates location of reference point
at which the maximum of C_x was obtained.
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Subsequently, all configurations tested, show a steady
increment of C x with the slat-chord ratio. It is suggested
that lift grows simply because of the extension of airfoil
chord. The average rate of growth is

AC , [Cu= 1+ (c/c) (2)
where C x =C x extrapolated to cs/c = zero. The rate is
higher than the average in otherwise plain airfoils; and it is
lower in airfoils with trailing flaps deflected. In fact, the
lines in figure 7 are essentially parallel to each other. They
can be expressed by

AC x =(1.6t02.0)cy/c (3)

The argument of extended airfoil chord does not apply to
the Maxwell-type of slats. Nevertheless, they show the
same rate of C,_x growth as the conventional type of
forward-extending slats. We may have some biplane effect
here.

Design Rules. The basic rules for designing suitable slats
given in (5,c) are

1. The slat chord should be at least 12% of airfoil chord.
2. The forward extension is at least 60% of slat chord.

3. The angle of the slat (below airfoil chord) should cover
the stagnitation point of the airfoil.

4. The slot gap should be around 3% of airfoil chord.

5. The slat thickness near leading edge = 2% of airfoil
chord.

The angle of dip (rotation of the slat) is found in the same
reference to be between 9 and-16°. For wings operating at
high lift coefficients slot angles up to 60° are used. When
comparing these dimensions with those of the selected
configurations in figure 8, it must be realized that struc-
tural considerations are a reason for modest extensicn,
while pitching moments (see below) call for small dip.
Slats have been tested (5,e) with chord lengths and exten-
sions up to 30% of the chord. They are not considered to
be practical, however.

Loss of Lift. As seen in figures 2, 4, or 18, the lift
_ coefficient drops somewhat when extendmg a slat, at
constant angle of attack (such asat o¢ = 10%). For a wing
with automatic slats, this means that one wing tip might
have 10% less lift than the other one, if there is a delay in
the deployment of one of the slats. The loss of lift can be
reduced by making the dip and/or slat gap smaller.
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Pitching Moments. When extending a slat into the typical
and most favorable position, two things happen: the effec-
tive wing chord is increased and when moving the slat
down, the airfoil becomes cambered. As a consequence,
the pitching moments are changed. As shown i figure 9,
there is a positive increment ode_m/‘ /dC_ , which means
that the “aerodynamic center” moves forward. The for-
ward extension of slats is usually less than their chord
length. For an average A x/cs =2/3, we tentatively obtain

(dC mya/dCL ) =+ (2/3) (cs/c) 0.75
= 0.5 (cg /c) (5)

where 0.75 = (1 — 0.25). This equation is confirmed by
experimental results. As a tail-down moment, the deriva-
tive is destabilizing. The pitching moment due to camber
(corresponding to droop or dip) as in part (b) cf figure 9,
is negative (nose-down). It thus aggravates the rim situa-
tion caused by trailing-edge flaps. It is shown in figure 30
of Chapter II, that the pitching moment of 230-type
sections (similar in camber shape to that representing
slats) increases with the camber location (x/c). A trend of
BCpo ~ (y/cf is seen, accordingly, in figure 9.

o5y ' ' T
s :Zm/‘* /'/. |
L (2/3) (e /2)0.75
olor s 2%
/g (7,¢) i
005} e -
. /
— Coff
O 1 1 1
0 10 20 30%

b) MOMENT DUE TO CAMBER (DIP)

Figure 9. Pitching moments due to leading-edge slats.
a) Derivative due to chord extension
b) Moment due to camber (dip).
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Combination With Trailing-Edge Flap. Basically, a lead-
ing-edge slat (or nose flap) increases the angle at which
stalling takes place by a given increment. This increment
may be the same when adding the leading-edge device to
an airfoil equipped with a trailing-edge flap. The result can
be expected to be a “very” high maximum lift coefficient.
An example of such a configuration is presented in figure
10. There is a large hysteresis loop, reaching over some
25° of angle of attack (for A = 4). Without a slat, a 10°
wide loop was found in the same test conditions. Such
loops have also been found in airfoils without slats, evi-
dently in the critical range of the Reynolds number where
leading-edge separation disappears, see Chapter IV. If the
hysteresis persists at larger full-scale Reynolds numbers, it
can or has to be eliminated by means such as so-called
double-slotted flaps (see Chapter V) or possibly by turbu-
lence generators (on slats or ahead of trailing flaps). An-
other combination of slat and flap is illustrated in figure
11. Although the Reynolds number is appreciably higher
than that in figure 10, the maximum lift obtained with a
hardly extending flap is not higher.

35°
R = 6(10)5 3%
4r I ' ! ! 1
‘L
/'/.ﬁ
3 /.INCREASING ANGLE OF ATTA(_:K
'/C WITHOUT SLAT (2416)
Lx 3
. o !
.{__./'/L./
2 B /./ \' -
DECREASING ANGLE
7 OF ATTACK . S,
_ -
.
g <
— .
-t : -
/‘ WITHOUT FLAP AND SLAT
/ =
B ANGLE OF ATTACK OX°
1 1 1 L )
- 10 20 30 4c 50

Figure 10. Example of a combination of slat with trailing-edge flap
(7,a), tested on rectangular airfoil (with A = 4) in open wind

tunnel.
, -
— % 2301y — P
15.5%

yA—

4o
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FLAP 40° (0°) sLoT % (2%)
Fowp g% (9%) [ 3.0 (2.1)
DowN  e%c  (4%) Cix 35 (0.5)

Figure 11. Lifting characteristics of an airfoil (7,c) with slat and
trailing-edge flap.
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Combined Pitching Moments. Trailing-edge flaps produce
nose-down pitching moments of a considerable magni-
tude. As shown in part (b) of figure 9, the moment due to
dip of a slat (added to that of a flap) makes trimming of
an airplane difficult. Considering “optimum” slat position
producing maximum Cy , a larger dip (larger by 1 or 2%
of the airfoil chord would be desirable, in combination
with a flap. Some compensation by the positive derivative
as in part (a) of figure 9, may help to trim an airplane; it
reduces stability, however unless the flap contributes a
negative component. With a Fowler flap as in (7,b) used in
combination with a slat, the pitching moments are ob-
tained at C_ between 2 and 4, are of the order of Cpyjy =
— 1. As a matter of interest, the “viscous” section drag is
in the order of Cpg =0.1. Both these values are about 10
times what they are in an average plain airfoil section. It
should also be considered that the negative lift in the
horizontal tail, required to balance the pitching moment,
reduces the lift gained by the lift device. This negative lift
may correspond to a reduction of C_ x of 0.1 or more.

Pressure Distributions. In the beginning of this chapter, it
was mentioned that “the peak of the distribution is
loaded onto the slat”. This is not quite the case as seen
from the pressure distribution plot figure 12. We can
argue, however, that the load is evenly distributed, be-
tween slat and main-foil nose. Therefore, the minimum
pressure coefficient might be reduced from Cp = — 6, for
a similar plain airfoil at the same lift coefficient, to — 3, as
tested for a combined C_ = 1.5. Distribution or load on
the slat depend, however, upon shape and position (dip
and inclination) of the slat. Figure 13 shows, for example,
a peak value for the slat of Cp = — 8, while that of the
main airfoil is only — 3. In this case, the slat has really
taken over the leading-edge load. In fact, when deflecting
a trailing edge flap slotted, at 30 or 40° foraC,_ = 2.8
the slat-pressure peak is roughly doubled, while that on
the main-foil nose is only modestly increased. Such con-
siderations can be useful when designing slat configu-
rations. Although at present the design of slots is a trial
and error process good progress is being made in solving
the problem with the use of high speed computors. This
should give important improvements in the design.

F;
LOW PATTERN AS IN (5,9) FoOrR CpL =2

COMBINED PORCE CP = 1.6

RAP-31
A « =16 A=T
o / Cy = 1.5

R, = 6(10)5 1n VD2

BEGINNING |
OF STALL 7_|1
"

UPPER SIDE (SUCTICN)

SR SIDE (PRESSURE)

Figure 12. Pressure distribution around an airfoil section with a
far-extended slat, tested (11,a) in the NACA’s Variable Density
Tunnel.
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Figure 13. Pressure distribution around an airfoil section (11,c)
with a well-rounded “slat” forming a fixed slot.
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Slat Forces. As shown in figure 14, the forces (practically
equal to those normal to the slat chord) might statistically
be approximated by straight lines corresponding to

ACFSz ACNS = K(CN or CL) (10)

where ““s” indicates forces referred to “inclined’ slat area;
and C_ the combined lift of the configuration raferred to

. the basic airfoil chord or area. The factor K is between 3
and 4, for slats in extended position. Disregarding the fact
that the flow separates (at lift coefficients say ~elow 0.5,
from the lower edge of a slat, provided that it remains
extended) the lines in figure 14 are shifted laterally by
certain values of 4 C_ ; that is, by airfoil-section camber,
by dip and/or by trailing-flap deflection. Therefore, in-
creased dip or deflection of a trailing flap, considerably
reduces the slat load (for the same lift coefficient). The
maximum loads are considerable, however with or with-
out a flap and are in the order of Crg =4 or 5.

RESULTANT FORCE

(11 c)

Crs

CNs on slat area 1477 (5,1
- NO DIP
WITH TRAILING E['(E FLAP
x a1, c) ar.e)
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(
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3%
3
SLATS ALL EXTENL?D
————————
SEPARATION » COMBINED COEFFICIENT Cy R Cp
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0 / ."-i
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Figure 14. Slat normal forces (referred to slat-chord area) as a
function of the combined lift coefficient.

Line of Force. To understand the nature of the slat force,
it may be remembered that the tangential (chordwise)
force of any airfoil section changes from positive (in the
direction of drag) at smaller lift coefficients, to negative
(“forward”) at higher coefficients. To move an ‘“auto-
matic” slat out, a force is evidently required in the direc-
tion of its chord line, or of the motion as dire:ted by its
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kinematic system. Therefore, direction and location (cen-
ter) of the slat force (rather than its magnitude) are
responsible for its automatic transfer (out and in again). —
As to the location (or center) of the slat force, along its
subtangent chord line, the data in part (b) of figure 15,
roughly indicate a comparatively constant value around
x/cg = 40%; that is at higher lift coefficients.

Inclination. Regarding direction, figure 15 shows that o g
= 90° may be reached at C,_ between 0.2 and 0.4, in
“conventional” airfoil sections. The slat force then tilts
forward to between 70 and 60°, at C_ between 0.8 and
1.0. Upon opening (moving forward, above C_ = 1.0) the
angle remains essentially the same. As the lift coefficient
(or angle of attack) is increased, the force tilts forward
more and more, thus causing the slat steadily to move
forward.
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Figure 15. Direction (inclination) and location (center) of slat
forces, as a function of the lift coefficient.

Kinematics. The mechanical mechanism permitting the
slat to move, must be such that the extension takes place
at higher lift coefficients (when needed) and in a smooth
(continuous) manner. As illustrated in figure 17, there are
two or three ways of doing this. As the angle of attack or
the lift coefficient is increased, the slat forces eventually
pull the slat out and move it forward. To design a
smooth-working mechanism, center and direction of the
slat force, as discussed above, have to be known (10).
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\<CL = 1.3

30
CL
PATE OF INSTANTANEOUS PJIE
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< 7 SLAT IN (ARRESTED)
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Figure 16. Performance of an automatically movirg slat (9,c),
tested between walls (with interference).

0) LATERALLY FOLDING LINKAGE SYSTEM
Figure 17. Three types of mechanical mechanisms, which can be
used to extend a slat, or to let it move by itself.
(9) Investigation of automatically moving slats:
a) Bradfield, RAF Airfoil Wings, ARC RM 1190 and 1204
(1928); see also same type slats in RM 1192 and 1214.
b) Jennings, Flight Tests Linkage Variation, ARC RM 1677
(1932).
c) Petrikat, Slats in Water Tunnel, Ybk D Lufo 1940 p 1-248;
see (3,b).
d) Lachmann, Practical Information; ZFM 1923 [ssues 9 &
10 p 71; ZFM 1924 Issue 10 p 109;ZFM 1930 Itsue 16 and
17. See also his book (28).
e) Braun, Optimum Slats and Slat Kinematics; Messerschmitt
Rpts TB 33 & 34, ZWB UM 7835 (1941) and 7836 (1942).
Translation of TB-33 by North American Avaiation CADO
ATI-32590.
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The linkage system as in figure 16 was developed (9,¢)
both analytically and by experiment. Assuming that the
line along which the force is acting, remains constant, the
motion of the slat will be steady and stable, asJong as the
instantaneous pole point (determined by the two lever
lines) remains behind and/or above the force line. For-
ward extension and the size of the slot gap increase if the
kinematic is arranged in such a manner that the pole point
moves up, along the force line. Part (b) of figure 16 shows
how the translation of the slat takes place:

at Cy
atC_
returning, the slat is fully retracted at C. =0.8.

= 0.9, the slat begins to move forward,
= 1.3, it reaches a limiting stop,

When using a trailing-edge flap (or an aileron), start and
termination of the slat motion take place at lift co-
efficients changed corresponding to flap deflection.
Roughly, transfer (out or in) occurs at the same angle of
attack.

Slot Pressure. The assumption that the slat force or at
least its line of action remains constant, is not completely
correct because of a certain variation of the pressure
between slat and leading edge of the “main” airfoil. This
pressure can become critical in the ‘“closed” position of
the slat. Average pressures corresponding to Cp = — 0.5,
and up to — 1.2 are reported in (9,¢) for example. Positive
pressures are, on the other hand, found in (11,d) corre-
sponding to Cp = + 0.1, and + 0.2, for a slat which has a
small gap at the lower (pressure) side of the airfoil. A
dangerous situation can arise’ when the trailing edge of the
slat does not precisely fit onto the surface of the airfoil,
thus leaving open a small gap at the upper side. The
negative pressure thus developing is bound to keep the slat
back up to alift coefficient above that where it ordinarily
would move forward. Subsequently, the slat will jump or
pop out (suddenly) possibly banging against its stop.

Sliding Slats. In thin airfoil sections, a linkage system such
as in figure 16, is structurally restricted by the wing
thickness near the leading edge. The alternative solution as
in part (c) of figure 17, has the disadvantage of moving
the slat in spanwise direction. A more suitable design is
shown in part (b) of the illustration. The slat, or a sup-
porting pair of attachments, move along rails or tracks (by
means of rollers).

(10) Some of the modern airliners (as the Boeing 707 or 727, for
example) have slats installed near the wing tips. It seems,
however, that any automatic function is not considered to be
practical or reliable. Instead, the slats are extended together
with the trailing-edge flaps, by means of an hydraulic
actuator. The slats are also out during takeoff.
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Stall Control. The purpose of using leading eclge slats (or
slots) is twofold, to increase the maximum lift coefficient
and/or to prevent wing-tip stalling. Since a large number
of accidents are caused by wing stalling the use of slats
can be an important safety device. When using slats to
protect the wing tips, overall lift is usually not increased.
Safety and controllability are increased, however, and the
operational margin of lift below the maximum can safely
be reduced. In a wing with part-span slats, two stalls take
place, one at the angle of attack where the unslotted
portion (in the center of the wing) loses lift, and the other
one at a higher angle of attack where the flow over the
wing tips (although protected by slats) also separates. The
lift of such a wing is shown in figure 18. Note there
definitely is a dip between the two maximumr lift condi-
tions. For satisfactory roll stability, the lift cu-ve slope of
the outboard parts of the wing panels should remain
positive. Control by means of ailerons, may still be avail-
able, up to the ‘“very” high angle of attack where the
second maximum of the lift coefficient is found. Even
beyond that maximum, there is increased lift due to the
presence of the slats.

R_ = 6(10)°
c
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Figure 18. Lifting characteristics of a model wing (12,2) equipped
with various lengths of outboard I’edge slats.

FLUID DYNAMIC LIFT

Span Ratio. The small high-wing airplane as in figure 19,
was flight-tested (12,b) with various lengths of slat placed
ahead of the leading edge, beginning from near the wing
tips. At a constant angle of attack of 16°, total lift
increases slightly with an increase in the slat length. For
span ratios up to 0.6 or even 0.7, the maximum of lift
reported, is evidently the first of the two mentioned
above. For comparison, the maximum values of the wing
in figure 18, have also been plotted in the graph. It then
becomes apparent that under realistic conditions (in-
cluding elevator effectiveness) the maximum lift is only
really increased when extending the slats to the fuselage.
A classical example of such an increment is the “Stork”;
including the slipstream effect, lift coefficients were ob-
tained (3,c) of C_x = 2.7 without, and of 3.9 with 40°

slotted wing flaps.
IDLING
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Figure 19. Flight-tested maximum lift of a high-wing airplane
(12,b) as a function of the span ratio of outboard I’edge slats.

(11) Pressure distributions around, and loads on slats:
a) Jacobs, Slotted RAF-31 in VDT, NACA TN 308 (1929).
b) Wenzinger, Loads on Slats and Flaps, NACA TN 690
(1939).
c) Harris,
(1942).
d) Arabian, On Swept Wing, NASA TN D-900 (1961).

23012 With Slot and Flap, NACA TRpt 732

(12) Characteristics of part-span slots or slats:
a) Weick, Wing-Tip Slots, NACA TN 423 (1932); see also
Lateral Control With Slots in TN 443 (1933).
b) Weick, Lateral Control in Flight, NACA TN 2948 (1953).
¢) Hollingdale, Analysis Load Distribution on Tapered Wings
With Part-Span Flaps and Slots, ARC RM 1774 (1937).
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2. LEADING-EDGE OR NOSE FLAPS

The camber of a section, especially at the leading edge of
an airfoil, improves the flow around the nose, especially
from the stagnation point on the lower surface to the
upper surface. Since the camber level needed to prevent
separation at the higher lift coefficients is large and results
in high drag at low cruise lift coefficients, oher devices
are used. Thus, instead of camber, leading edge devices
similar to trailing edge flaps are used to improve the flow
about the leading edge.

Nose Shape. In Chapter IV it was shown that in sections
with little or no camber and a small radius, the flow
separated at fairly low angles of attack near the leading
edge causing the airfoil to stall. This is illustrated by the
test data of (13,c) given on figure 32 for airfoils with
various leading edge shapes.

Leading-Edge Camber. A well known airfoil shape is the
NACA’s 23012 section. Its mean line is straight over the
rear 85% of the chord (to keep the pitching moment low,
Cmo = — 0.015) while the nose is pulled cown, so to
speak, to increase the maximum lift coefficient. A com-
parison of the maximum lift of the 23012 section with
other 12% thick NACA sections as tested (13,d) in two
dimensional flow at R = 6(10)b shows the advantage of
camber at the leading edge:

Section NACA Maximum Lift Coefficient
23012 1.72
2412 1.68
0012 1.57

So, there is some improvement over the straight section
0012; and the increment is at least as high as that due to
2% of conventional camber. Another airfoil section cam-
bered according to the same principles as the 23012, is the
modified 64AX10 as reported in (13,b). Considering the
pulled-down 15% of the chord to be a flap, figure 22
suggests some increase of maximum lift; that is, from C

= 1.3 to above 1.4, for 1.2% camber or §, = -- (4 or 5)°.

(13) Airfoils with modified (drooped) leading edges:

a) Kelly, 63-012 Airfoil with Nose Modifications, NACA TN
2228 (1950); see also figure 59 in the “maximum lift and
stalling” chapter.

b) Maki, 64A010 Nose Shape and Cu, NACA TN 3871
(1956).

c) Butler, Leading-Edge Modifications, ARC CP-410 (1958).
d) Abbott and Others, Summary of Airfoil Data, NACA
TRpt 824 (1945).
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Flap Theory. The improvement in C 4 obtained by lead-
ing-edge camber are limited to an increase of less than
10%. A much more effective method is to deflect the
airfoil-section nose in form of a movable “flap”, as shown
in figures 21 and 23, for example. An ingenious analysis
encompassing both trailing- and leading-edge flaps, is pre-
sented in (14,b). Figure 20 shows the theoretical results of
this study for lift variation due to nose-flap deflection, for
the optimum or symmetrical lift coefficient and for the
lift due to trailing-edge deflection. It is seen in the graph
that lift due to deflection of nose flaps, is practically zero,
for chord ratios, say up to 10%. To be sure, there is a
decrease of lift (at constant angle of attack) particularly
when using larger-size flaps.
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Figure 20. Theoretical predictions as to lift produced by leading
and trailing edge flaps.

(14) Theoretical analysis of airfoil nose shape:
a) Rettie, Velocity Distribution, ARC RM 3027 (1957).
b) Roshko, Maximum Lift Due to Flaps, Douglas Rpt
SM-23626 (1959).
c) Glauert, Airfoil with Hinged Flap, ARC RM 1095 (1927).
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Stalling Angle. As pointed out in (14,a) stalling from the
nose of an airfoil section takes place when the stagnation
point reaches a critical location “below” that nose. Denot-
ing the angle of attack at which the flow comes onto the
leading edge “smoothly”, meeting it in a “symmetrical”
manner thus placing the stagnation point right onto the
nose, by the subscript “s”, this angle approximately corre-
sponds to

dotg /dde = —(2/m) ! Co/c;
CLs =(dC_ /A )(2/m)sinds Y, /C (12)
where d, = angle of nose-flap deflection, negative when
pulling the flap down (so that ofg becomes positive). In
other words, og is naturally increased when bending
down the leading edge “into” the oncoming flow. For
small flap-chord ratios, the “‘symmetrical” angle of attack
is approximately
oy~ d NG TC (13)
Suction pressures “‘above” the nose vary as (¢ — ocs,)2 .
Assuming that there is a critical Cpmin (behind which
stalling takes place) it may be expected that the maximum
lift coefficient in two-dimensional flow, is
Cx =CLg t27(¢ —Xg) (14)
where x indicates a maximum value, depending on
parameters such as nose radius and Reynolds number. If
this value is constant for a given airfoil, it car be con-
cluded from equation (13) that

ACLX =CL5~ d‘\)C.F;C (16)

A more accurate, complete function for Ky, is included
in figure 20. It should be noted that this graph is anti-
symmetrical insofar as A = A, and B = B. The physical
meaning of this symmetry is that in a trailing flap as well
as for a correctly deflected leading flap, the sragnation
“point” is at the leading edge.

Hinged Noses have been tested (15,a) as early as in 1920.
Some more recent results are presented in figure 21. In
combination with a standard 20% and 60° split f ap, some
deterioration of lift can be seen in the graph, growing as
the deflection of the nose flap is increased from zero to —
30 and — 45°. Since the tests were conducted between
wind-tunnel walls, it can be suspected that sorre boun-
dary-layer interference is involved, in the “‘corners” be-
tween airfoil and walls. Some of the deterioration is also
likely to be genuine, caused particularly by the negative
pressure gradients around the bends of the flaps, followed
by positive gradients.

FLUID DYNAMIC LIFT
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Figure 21. Hinged section nose; influence upon lift of airfoil
section.

Optimum Flap Angle. In the particular configuration
shown in figure 21, the maximum lift coefficient of the
otherwise plain airfoil, is increased from C y =1.1 to a
maximum of 1.66 for an optimum leading-edge deflection
of d = — 30" . The same and other results are plotted in
figure 22, as a function of the theoretical nose-flap pa-
rameter d Vc,/c as in equation (16). It is seen, indeed,
that ACy = C,q . Stalling takes place at higher lift
coefficients, where the upper side of the airfoil is no
longer able to support the flow against a strong pressure
gradient.

(15) Experimental investigation of nose flaps:
a) Harris, Biplane With Variable Camber, ARC RM 677
(1921).
b) Lemme, With Hinged Slotted Nose, ZWB 1676 (1944);
NACA TM 1108 and 1117.
c) Kelly; 64A10 with Slat, Leading & Trailing Edge Flaps;
NACA TN 3007 (1953).
d) Kelly, Loads on Slat and L’Edge Flap as in (c), NACA TN
3220 (1954).
e) Gambucci, 0006 With Leading and Trailing Edge Flaps,
NACA TN 3797 (1956).
f) Spence, On 40 Swept Airplane Model, ARC RM 2752
(1952).
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Figure 22. “Symmetrical” and maximum lift of (round-nosed)
airfoil sections, as a function of the theoretical (14,b) leading-edge
flap parameter.

Reynolds Number. In all leading-edge flaps, the bound-
ary-layer flow is or can be laminar. Testing for example,
an airfoil at R, = 10°, the R’number of a 10% flap is only
10°. At a number R, = 10, a 0009 section invastigated
in (15,b) only shows C_x =0.7 for the plain airfoil, while
with optimum nose flap, C x = 1.3 is obtained. So, there
is an appreciable increment. It still seems, however, that
the flow remains laminar in this case, up to and beyond
the bend above the leading-edge flap and may then sepa-
rate because of the positive pressure gradient necessarily
aft of the bend.

Leading and Trailing Edge Flaps. With the combination of
leading and trailing edge flaps an increase in the maximum
lift coefficient to a higher level is obtained. As seen in
figure 22, the increment due to nose-flap deflection is
approximately constant depending upon size, tvpe and
angle of the trailing-edge device. However, approachin&g
sind V¢ /c = — 0.2, which corresponds to 6 = — 30
for a 15% nose flap, separation and stalling takes place
somewhere on the upper side of the airfoil. Another
consideration regarding the use of flaps, are the pitching
moments necessarily produced by their deflection. Incre-
ments ACp,, (or values of ACmg taken at constant C_,
are plotted in figure 26. By comparison, the moment due
to a 20% and 60° split flap corresponds to Cme = — 0.20.
Deflection of a nose flap thus increases the already strong
and undesirable pitching moments of flapped wings.
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Sharp Leading Edges are as good (or possibly better than)
rounded edges, as long as there is not much of a flow
around them. As a consequence, deflection of such edges
can lead to lift coefficients as high as those found in
comparable round-nose configurations. This also means
that the gain of the differential in maximum lift obtained
by deflecting a sharp-edged nose flap, is greater than that
for round-nosed sections. An example of a sharp-edged
airfoil section is presented in figure 23. Due to separation
the optimum nose-flap deflection of such sections can be
expected to be more sensitive than round-nosed airfoil
shapes (such as in figure 21, for example). In fact, their
viscous drag plotted in figure 27, shows such pronounced
minima, the best that C_q for any 6o can be deter-
mined. These values are included in figure 22. Looking
closely (in figure 23), it is seen, however, that lift as a
function of & is not very sensitive as to variations of &,
say by + or — 10° as against the optimum (giving mini-
mum drag).
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Figure 23. Example (16,2) for a sharp-edged nose flap deflected
from a circular-arc airfoil section.

Maximum Lift. The mechanism of stalling in sharp-nosed
airfoils is explained in Chapter IV and/or in (16,c). The
maximum lift coefficient of sharp edge airfoils is given on
figure 24. Laminar separation and turbulent reattachment
of the flow over the upper side consumes some momen-
tum. As a consequence, the C x function of sections with
sharp-edged nose flaps is no longer parallel to the C g
line (as in figure 22). It is also evident in figure 24 that in
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combination with a trailing-edge flap, the incrzase of C

with the nose-flap angle is still smaller. Although the
differential in C_x due to the deflection of the leading
edge flap is greater for a sharp edge airfoil, the actual C_,

is lower than for a round nose section. C;y = 2.0 for the
sharp nose as compared with 2.5 to 2.6 for the round nose
section, figure 22.
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Figure 24. Sharp-edged airfoil sections; maximum-lift coefficients
as a function of nose-flap deflection.

(16) Investigation of sharp-edged nose flaps:
a) Rose, 4.3% Double-Wedge Airfoil with Flaps, NACA TN
1934 (1949).
b) Marshall, Double Arc Section With 17% Flap, ARC RM
2365 (1950).
¢) Rose, Stalling of Sharp Airfoil With Nose Flap, NACA TN
2172 (1950). See also TN 1894 and 1923 (1949), and TN
2018 (1950) with various chord ratios.
d) Lange, Wing with A = 4 and Circular Arc Sections, NACA
TN 2823 (1952).
e) Cahill, Summary Report on Forces of and Loads on
Airfoils with Leading- and Trailing-Edge Flaps, NACA TRpt
1146 (1953).
f) Croom, With Leading- and Trailing-Edge Flaps, NACA RM
L1957J15 (also with BL control) and L1958B05 (also with
spoiler).
g) Powter, Biconvex Wing With Flaps, ARC RM 2157 (1946).

(17) Investigation of so-called Kruger flaps:
a) Kruger, Laminar Wings with Nose Flaps, ZWB FM-1148
(1944);
b) Kruger, Mustang Airfoil (including pressure distributions)
ZWB UM-3153 (1944); see NACA TM 1177.
c) Riegels, Russian Airfoil, ZWB UM-3067 (1944); see NACA
T™ 1127.
d) Fullmer, 64-012 Airfoil With Kruger Flaps, NACA TN
1277 (1947).
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Comparison With Slat. A sharp-edged (biconvex) airfoil
was investigated (16,b) with leading- and trailing-edge
devices. It is stated that “in view of the structural diffi-
culties (of a slat) tests were also made using a simpler
method”, namely a same-size nose flap. Maximum lift
coefficients obtained at R, = 10° with a slotted flap at
46° | are as follows:

Cux =155 for the airfoil with trailing-edge flap
=2.02 with flap and optimum slat
=1.75 with flap and 35° nose flap

The nose flap is roughly half as effective as the slat in this
case.

Kruger Flap. The nose flaps presented so far, are simply
portions of airfoil sections, suitably hinged so that they
can be deflected. A different type is shown in figure 25,
obtained by pulling out of the airfoil, or deflecting from
its lower side, a comparatively thin extension of the
chord. This flap is named after W. Krug<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>